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FOREWORD 


The  System  Effects  on  Propellant  Storability  and  Vehicle 
Performance  program  was  conducted  by  the  Missile  and  Space 
Systems  Division  (MSSD)  of  Douglas  Aircraft  Company,  Inc.,  under 
the  sponsorship  of  the  United  States  Air  Force  Rocket  Propulsion 
Laboratory,  Research  and  Technology  Division,  Air  Force  Systems 
Command,  Air  Force  Test  Center,  Edwards  Air  Force  Base, 
California.  The  research  was  performed  as  Project  Mo.  675  3  and 
Task  No.  750G  under  Air  Force  Contract  No.  AF  04(61 1)-10750, 
dated  1  March  1965,  and  covers  work  conducted  from  1  March  1965 
through  19  August  1966. 

This  report  is  cataloged  by  MSSD  as  Report  No.  DAC-59314. 
The  authors  acknowledge  the  major  contributions  to  this  report  by 
Mssrs.  B.  Schulkin,  E.  C.  Cady,  D.  W.  Kendle,  R.  H.  Michaeles, 
P,  Marvschak,  J.  Rhoades,  S.  J.  Viscovich,  B.  R.  Heckman, 

F.  Wright,  and  Dr.  M.  Thomas. 

This  technical  report  has  been  reviewed  and  is  approved  by: 


Edward  Dahl,  lst/Lt,  USAF 
Project  Engineer  RPRPP 


ABSTRACT 


The  objective  of  this  program  was  to  investigate  the  tradeoff 
between  propellant  storability  and  vehicle  performance  for  the  pro¬ 
pellant  storage  and  feed  subsystem  of  a  hypothetical  LF2/LH2  space 
propulsion  system.  Detailed  parametric  analyses  were  conducted 
on  such  subsystem  problem  areas  as  booster-pump  feed  system 
utilization,  feed  line  design,  venting  requirements  and  provisions, 
selection  of  thermal-control  coatings,  propellant  utilization  require¬ 
ments,  selection  and  design  of  insulation  and  tank  supports,  and 
pressurization  system  design.  Each  area  was  optimized  for  a 
spectrum  of  mission  requirements  and  design  ground  rules.  Design 
recommendations  were  derived  on  the  basis  of  these  results. 

A  full-scale,  non -f lightweight  test  article  was  designed, 
fabricated,  and  tested  to  simulate  the  propellant  storage  and  feed 
subsystem.  This  apparatus  incorporated,  wherever  practical, 
the  recommendations  of  the  study  effort.  (The  simulator,  which 
uses  LH2  and  LN2.  will  be  tested  in  the  Edwards  Air  Force  Base 
Space  Simulation  Facility  to  obtain  experimental  data  for  correlating 
certain  thermodynamic  analytical  models  used  in  this  study.) 
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Section  I 
INTRODUCTION 


Future  space  missions  will  undoubtedly  require  more  complex  and 
sophisticated  space  propulsion  systems  than  are  currently  available.  These 
systems  may  require  one  or  all  of  the  following  characteristics: 

•  The  capability  to  deliver  total  stage  velocity  changes  well  in  excess 
of  10,  000  f.  p.  s.  ). 

•  The  ability  to  provide  propulsive  energy  after  extended  periods  of 
time  in  orbit  (in  the  o.der  of  weeks). 

•  The  capability  to  perform  high-response  multiburn  firings  with 
throttling  where  the  specific  mission  would  be  indeterminate  at  the 
time  of  launch  into*  orbit. 

To  efficiently  achieve  such  advanced  space  missions,  it  is  highly  desir¬ 
able  to  utilize  a  high-energy  cryogenic  propellant,  particularly  LH£  and 
LF2«  The  high  specific  impulse  and  bulk  density  of  this  propellant  combi¬ 
nation  permits  the  accomplishment  of  such  missions  with  potentially  lower 
stage  gross  weight  and/or  higher  payload  weights  than  other  candidate  pro¬ 
pellant  combinations.  However,  orbital  heating  with  subsequent  propellant 
boiloff  losses  can  seriously  compromise  the  capabilities  of  cryogenic  stages 
for  extended -time  space  missions.  LH2/LO2  Centaur  and  Saturn  S-IV  type 
stages  are  efficient  only  for  missions  in  the  order  of  several  hours  in  orbit. 
Therefore,  it  is  necessary  to  develop  radically  new  propellant  storage  and 
feed  subsystems  which  can  retain  a  large  portion  of  the  cryogenic  propellants 
for  subsequent  utilization. 

During  the  past  several  years,  a  great  deal  of  research  has  been  under¬ 
way  within  the  aerospace  community  to  develop  the  technology  required  to 
store  cryogenic  propellant  under  the  environmental  conditions  present  in 
space.  This  has  covered  a  broad  field  of  problems  including  (1)  the  study  of 
low-heat  input  surface  coating,  (2)  the  evolution  of  new  vehicle  structural 
concepts  which  have  departed  from  the  convention  integral  propellant  tank 
techniques,  (3)  investigations  into  multilayer  radiation  shield  insulation  con¬ 
cepts,  (4)  investigations  into  advanced  techniques  for  controlled  venting  in 
a  low-gravity  environment,  (5)  studies  of  how  to  design  feed  lines  for  low- 
heat  input,  (6)  development  of  improved  techniques  for  predicting  pressurant 
behavior  and  its  interaction  with  cryogenic  propellants,  and  (7)  development 
of  analytical  tools  that  can  assess  the  influence  of  design  factors  on  overall 
system  performance,  and  many  others. 


At  this  point  in  time,  the  accumulated  technology  must  be  extended  and 
applied  to  a  definitive  application  to  establish  the  overall  capabilities  of  a 
high-energy  space  stage.  It  is  not  sufficient  to  study  an  isolated  tank, 
but,  rather,  the  entire  propellant  storage  and  feed  subsystem  must  be  studied 
as  an  integrated  end  item  with  respect  to  a  specific  set  or  spectrum  of  over¬ 
all  system  requirements.  Only  through  such  a  study  can  parameter  sensi¬ 
tivities  and  interactions  be  rationally  established.  This,  in  essence,  was 
the  overall  objective  of  this  contract. 

For  an  assigned  spectrum  of  mission  requirements  and  design  ground 
rules,  detailed  studies  were  conducted  on  specific  problem  areas  relating 
to  propellant  storability  and  vehicle  performance.  Results  of  the  individual 
studies  were  combined  in  an  overall  system  optimization  to  establish  pre¬ 
ferred  design  approaches  and  conditions.  Because  the  study  conclusions 
were  based  on  analyses  and  various  types  of  experimental  data,  a  specific 
experimental  test  apparatus  was  designed  and  built  to  permit  an  evaluation 
and  correlation  of  as  many  of  the  employed  theoretical  factors  as  possible. 
This  test  apparatus  along  with  a  test  plan  for  obtaining  the  required  data  was 
sent  to  EAFB/RPL  in  August  1966  where  tests  will  be  performed  at  EAFB 
space  simulation  facility. 


Section  II 
SUMMARY 

The  objective  of  this  program  was  to  study  the  influence  of  pertinent 
system  design  features  and  parameters  on  propellant  storability  and  vehicle 
performance  for  a  hypothetical  LF2/—H2  maneuvering  space  propulsion  sys¬ 
tem  with  the  general  features  itemized  in  table  2-1  and  operating  under  the 
duty  cycles  covered  in  table  2-2.  The  approach  taken  was  to  (1)  perform 
theoretical  studies  on  each  basic  subsystem  and  use  the  resulting  data  to 
optimize  critical  parameters  for  the  overall  system,  (2)  design  and  fabri¬ 
cate  a  test  apparatus  for  evaluating  as  completely  as  possible,  in  a  1-g.  space 
simulation  chamber,  the  analytical  models  used  and  the  appropriate  influ¬ 
ence  coefficients  for  inclusion  in  these  models,  (3)  evolve  a  test  plan  for 
utilizing  this  test  apparatus  and  coordinate  with  Rocket  Propulsion  Labora¬ 
tory  (RPL)  personnel  to  implement  this  test  plan,  and  (4)  use  the  test 
results  to  correlate  and  appropriately  modify  the  analytical  models  and  to 
reoptimize  the  vehicle  design  parameters  where  necessary.  This  approach 
was  implemented  by  a  nine-phase  program  as  summarized  below. 

1.  Phase  I — Feed  Systems.  The  objectives  of  this  phase  were  to  assess 
the  utility  of  Lti^  booster  pump  systems  for  a  range  of  engine  chamber  pres¬ 
sures,  to  establish  optimum  types,  and  to  establish  optimum  operating 
parameters  to  reduce  tank  pressure  and  thereby  affect  a  maximum  improver 
ment  in  usable  propellant  weight.  A  preliminary  specification  was  developed 
for  the  optimum  boost  pump  system.  Through  this  study,  an  assessment  of 
vented  versus  non-vented  tanks  as  well  as  a  comparison  of  booster  pump  and 
an  all  pressure-fed  system  were  also  made. 

2.  Phase  II--Feed  System  Line  Losses.  The  objectives  of  this  phase  were 
to  evaluate  the  engine  feed-line'  propellant  losses  for  a  conventional  design, 
investigate  methods  for  minimizing  this  source  of  propellant  loss,  and 
select  and  perform  a  preliminary  design  foi*  the  approach  that  shows  the 
greatest  potential. 

3.  Phase  III- -Venting.  The  objectives  of  this  phase  were  to  establish  the 
propellant  losses  that  result  from  uncontrolled  venting,  to  study  various 
techniques  for  achieving  efficient  all  gas  venting  and  to  select  and  perform 

a  preliminary  design  for  the  approach  that  shows  greatest  potential  in  terms 
of  maximum  usable  propellant. 

4.  Phase  IV — Vehicle  Thermal  Control.  The  objective  of  this  phase  was 
to  select  the  best  surface  thermal  coating  for  1-,  5-,  and  14-d,ay  missions 
including  the  time  degradation  of  coating  radiation  properties.. 


Table  2-1 

STUDY  PHASE  VEHICLE  PARAMETERS 


Parameter 

'  - . - .  -  ....  -  -  ------  -  -  _  -  -  -! 

Magnitude 

Gross  weight 

20,  000  lb. 

Payload  weight 

5,  000  lb. 

Propellant  weight 

12,732  lb. 

Propellants 

Loads: 

lh2/lf2 

•  Boost 

5-g.  axial/  1-g.  lateral 

•  Orbit 

1.  5-g.  axial/ 1.  1-g.  lateral 

Maximum  diameter 

10  ft. 

Fuel  volume 

214.6  ft.3 

Oxidizer  volume 

128.  5  ft.3 

Propellant  tank  pressure 

250-20  p.  s.  i.  a. 

Helium  storage  pressure 

3,  000  p.  s.  i.  a. 

Fuel  flow  rate 

4.  59  to  0.  46  lb.  p.  sec. 

Oxidizer  flow  rate 

59.  65  to  5.  97  lb.  p.  sec. 

Propellant  mixture  ratio 

Orbit: 

13:  1 

•  Altitude 

260  n,  mi. 

•  Inclination 

66-1/2° 

•  Suntime 

66  min. 

•  Shadetime 

28  min. 

5.  Phase  V- -Propellant  Utilization  System.  The  objectives  of  this  phase 
were  to  assess  tbe  capabilities  of  an  open-loop  propellant  utilization  system 
and  compare  this  in  terms  of  maximum  usable  propellant,  with  a  closed-loop 
system  having  a  range  of  accuracy  capabilities. 

6.  Phase  VI--T ank  Insulation  and  Support  System.  The  objectives  of  this 
phasF~were  to  study  various  integrated  tank  insulation,  penetration,  and 
support  systems  and  select  the  system  that  shows  maximum  performance 
capabilities  in  terms  of  usable  propellent  considering  both  theoretical  and 
practical  features  of  the  approach. 


Table  2-2 

DUTY  CYCLE  SCHEDULES 


Barn 

Number 


rime* 

(hr.) 

Percent  j 
Total  ' 
Propellant 
Consumed 

Maneuver* _ 

inter-  Plane 
cept  Change 


Total  Avg.  Propellant 
Flow  Rate  (lb.  p.  a. ) 


Fuel 

Flow  Rate 


Oxidise? 
Flow  Rate 


7.  Phase  V.,2--Pressurizstion  System.  The  objectives  of  this  phase  were 
to  evolve  an  analytical  model  to  adequately  describe  pressurant  behavior  and 
requirements  and  to  use  this  model  to  predict  pressurant  requirements  and 
optimum  pressurization  system  design  features  and  operating  conditions. 
Heated  He,  vaporized  and  alternate  systems  were  considered. 

8.  Phase  VIH--Test  Apparatus.  The  objective  of  this  phase  was  to  design 
and  fabricate  a  test  apparatus  which  can  be  utilized  m  the  Edwards  Air  Force 
Base  space  simulator  to  experimentally  evaluate,  over  a  range  of  operating 
conditions,  the  analytical  techniques  and  design  features  evolved  in  the  previ¬ 
ous  seven  study  phases. 

This  apparatus  was  essentially  full-scale,  non-flightweight  hardware 
using  LH2  and  LM2  (to  simulate  LF2)  with  the  general  features  tabulated  in 
table  2-3. 

9.  Phase  IX--Space  Simulation  Testing.  The  objectives  of  this  phase  were 
to  evolve  a  test  plan  for  utilization  of  the  test  apparatus,  to  provide  coordi¬ 
nation  of  the  testing  at  RPL,  and  to  correlate  the  test  results  with  the  ana¬ 
lytical  predictions,  perform  necessary  modifications  to  the  analysis,  and 
reoptimize  the  system  parameters  and  design  features. 

This  report  covers  the  work  performed  under  all  nine  phases  with  the 
exception  of  the  test  coordination  and  data  correlation  and  reoptimization 
ta3ks  of  Phase  IX.  These  tasks  will  be  documented  in  a  supplementary  report 
following  testing  at  RPL. 


Table  2-3 

TEST  APPARATUS  DESIGN  PARAMETERS 


Parameter 

Magnitude 

Propellant 

LH2/LN2 

Propellant  weights: 

•  LH2 

932  ib. 

•  LN2 

6,  450  lb. 

Maximum  diameter 

10  ft. 

Fuel  volume 

214.6  ft.3 

Oxidizer  volume 

128.  5  ft.3 

Propellant  tank  pressures 

250-20  p.  s.  i.  a. 

Pressurant  storage  pressure 

3,  000  p.  s.  i.  a. 

Fuel  flow  rate 

4.  59  to  0.  46  lb.  p.  sec. 

Oxidizer  flow  rate 

33  to  3.  3  lb.  p.  sec. 

Tankage  design  factor 

3  on  ultimate  at  70  °F 

In  the  course  of  this  program  maximum  possible  use  was  made  of  the 
technology  evolved  and  technical  results  achieved  by  other  R&D  contracts 
that  '*’ere  related  to  the  problem  areas  under  investigation  in  this  contract. 
Particularly  close  coordination  was  maintained  with  contract  AFG4(6l  1  )-l  0745 
that  was  being  performed  by  Rocketdyne  with  Douglas  Missile  and  Space 
Systems  Division  as  a  subcontractor.  This  contract  covered  a  system  study 
toward  basically  the  same  type  of  flight  vehicle.  Considerable  information 
relative  to  subsystem  weights,  vehicle  configuration  and  duty  cycle  were 
obtained  from  this  source.  Coordination  meetings  were  also  held  with 
Lockheed  Missiles  and  Space  Company  and  progress  reports  were  exchanged 
w’ith  NASA  contract  NAS3-4199  to  ensure  that  the  latest  available  data  on 
insulation  system  design  was  used.  To  further  this  objective,  technology 
review  trips  were  also  made  to  NASA/ Lewis  Research  Center,  NASA/ George 
C.  Marshall  Space  Flight  Center,  and  Arthur  D.  Little. 

The  study  relied  heavily  on  results  from  Douglas  Independent  Research 
ar.d  Development  programs  (IRAD)  in  such  areas  as  high-performance  insu¬ 
lation  (KPI),  pressurization  and  feed  system  research,  and  F^  technology. 

A  flight  vehicle  configuration  was  prepared  early  in  the  study  to  main¬ 
tain  continuity  and  a  common  point  of  comparison  for  all  the  individual 
studies.  This  was  modified  and  detailed  as  the  study  progressed  and  as 
specific  items  were  established  in  this  study  and  in  the  work  under  way  under 
contract  AF04(6l  1  )-10745.  The  flight  configuration  in  its  final  form  is  shown 
in  figure  2-1.  The  tabulated  tank  pressures  were  agreed  upon  by  Douglas  and 
RPL  in  the  early  stages  of  the  program.  The  general  configuration  is  as 
defined  by  table  2-1  and  from  conclusions  reached  under  contract  AF04(6ll)- 
10745.  The  noted  skin  temperatures  and  tank  support  arrangement  were 
determined  from  the  findings  of  Phases  IV  and  VI.  Although  a  shroud-oriented 
insulation  is  illustrated  in  figure  2-1,  the  alternate  insulation  location  was  also 
considered  throughout  the  study. 
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TANK  PRESSURE  AND 

ENGINE 

f'U  AUQCD 

TANK 

lh2  ta^k 

lf2  TANK 

TANK  THICKNESSES  FOR  PURPOSE 

PRESSURE 

PRESSURE 

THICKNESS 

THICKNESS 

OF  THERMAL  MODELING 

150 

235* 

0.190 

0.158 

125 

195* 

0. 157 

0.13) 

60 

100* 

0.081 

*0.&? 

PUMP 

41  (LH2) 

0.032 

■  '3 

CASE 

62  (F2), 

0.043 

t2 

4  IN.  1ANK  PENETRATION 

2014-T6  Al 

(PRES/VENT) 
VENT  LINE  (3IN.K 


PAYLOAD  (5,000  LB) 
500  °R 


H.P.  INSULATION *1 
(ALUMINIZED  Nfx 
MYLAR) 


4  IN.  TANK 

PENETRATION 

(PRES/VENT) 


PRESSURANT 
BOTTLE  (3) 
3,000  PSIA 
28.5  IN.  DIAM 
TITANIUM 


ESTIMATES  FOR  REGENERATIVELY 
COOLED  THRUST  CHAMBERS 


**  ALTERNATE  SYSTEM  USES 
TANK  MOUNTED  INSULATION 


TANK  SUPPORTS 

9  ROD  FIBERGLASS  TENSION 

MEMBER 


LIQUID  FLUORINE  FEED  LINE  (2  1/2  IN.) 
WITH  TANK  SHUT  OFF  VALVE 


VENT  LINE  (3  IN.) 


USABLE  VOLUME  =  214.GCU.  FT. 
DIAM  =  92  IN. 

LF2  WT  =  932  LB 
SURFACE  =  185  SQ.  FT. 


3  IN.  TANK  PENERATION  (PRESSURANT) 


ENGINE  SUPPORT  AND  THRUST 
STRUCTURE 

LIQUID  HYDROGEN  FEED  LINE  (2  1/2  IN.) 
WITH  TANK  SHUT-OFF  VALVE 


SHROUD  STRUCTURE  WITH 
THERMAL  COATING  (ZIRCON 
IN  POTASSIUM  SILICATE) 


LINE-ENGINE  INTERFACE  POINTS 


Figure  2-1.  Configuration  of  Study  Vehicle 
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Section  III 


CONCLUSIONS 


Many  conclusions  can  be  drawn  from  the  work  performed  under  the 
seven  study  phases  of  the  program.  However,  the  conclusions  are  closely 
tied  to  the  study  ground  rules  and  limitations  and  must  be  viewed  with  caution 
when  departing  from  the  assumed  conditions. 

The  conclusions  are  itemized  below  according  to  study  phases. 

1.  Phase  I  -  Feed  Systems. 

a. '  With  both  pressure-  and  pump-fed  basic  engines,  independently 

driven  LH^  booster  pumps  can  be  used  to  improve  overall  stave 
performance.  The  magnitude  of  this  potential  performance  improve¬ 
ment  decreases  as  required  engine  inlet  pressure  decreases. 

b.  For  booster  pump  pressure  rises  of  less  than  30  p.  s.  i.  ,  d.  c. 
battery-driven  systems  are  optimum.  However,  for  pump  AP  values 
in  excess  of  30  p.  s.i.  ,  a  hot-gas  turbine  drive  using  a  F^/f^  gas 
generator  appears  optimum. 

c.  With  both  pump-  and  pressure-fed  basic  engines,  the  optimum  size 
booster  pump  is  one  that  results  in  a  LH2  tank  pressure  of  approx¬ 
imately  30  p.  s. i. a. 

d.  A  pump-fed  engine,  with  or  without  a  LH2  booster  pump,  yields  a 
higher  performance  than  any  of  the  pressure-fed  systems  or  any  of 
the  optimum  conbinations  of  a  pressure-fed  engine  and  independently 
driven  LH2  booster  pump. 

e.  Since  low  (30  p.s.i.a.)  pressure  tankage  is  optimum,  a  feed  system 
using  vented  tanks  yields  higher  potential  performance  than  one 
using  non- vented  tankage. 

2.  Phase  II  -  Line  Losses. 

a.  For  long-duration  missions,  non-vacuum-jacketed  steel  feed  and 
vent  lines  covered  with  multilayer  insulation  result  in  optimum 
performance  with  relatively  low  system  heat  input.  Aluminum  lines 
are  optimum  for  very-short-duration  missions. 

b.  Tank  shutoff  valves  with  a  pressure  relief  bypass  in  parallel  with 
the  tank  valve  are  recommended. 

c.  The  tank  shutoff  valves  should  be  opened  during  settling  and  the 
settling  time  increased  to  permit  feedline  chilldown. 
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3.  Phase  III  -  Venting. 


a.  A  limited  degree  of  LH^  venting  will  occur  particularly  with  low 
tank  pressures  and  duty  cycles  which  require  a  small  amount  of 
propellant  in  the  tank  {duty  cycle  k). 

b.  Little  if  any  venting  is  required  for  missions  of  up  to  14  days. 

c.  Liquid  phase  venting  of  the  LH2  tank  cannot  be  tolerated. 

d.  For  zero-g.  LH2  tank  venting,  a  thermodynamic  liquid/vapor  sepa¬ 
rator  offers  maximum  performance  potential,  although  it  requires 
development. 

e.  If  venting  of  the  LF2  tank  appears  likely,  which  would  be  the  case 
only  for  missions  longer  than  14  days,  the  concept  of  using  the  cool¬ 
ing  capability  of  the  LH2  tank  vent  gases  to  cool  the  LF^  tank  to 
prevent  its  venting  appears  feasible  but  also  requires  development. 

4.  Phase  IV  -  Vehicle  Thermal  Control. 

a.  Of  the  thermal  coatings  studied,  Zi  in  KSi4  yielded  the  best  basic 
performance  with  the  minimum  degradation  in  properties  for  up  to 
14  days  in  orbit. 

b.  Average  surface  temperatures  on  the  vehicle  side  wall  of  approxi¬ 
mately  330°R.  should  be  expected. 

5.  Phase  V  -  Propellant  Utilization. 

a.  If  the  mission  is  indeterminate  at  the  time  of  launch,  open-loop 
propellant  utilization  systems  generally  show  greater  performance 
potential  than  closed-loop  systems  for  low  tank  pressures,  where 
significant  venting  occurs.  For  pressures  higher  than  approximately 
75  p.  s.i.a.  ,  closed-loop  propellant  utilization  systems  are  pre¬ 
ferred  if  they  can  achieve  at  least  1/E  pet.  accuracy. 

b.  Propellant  utilization  ranged  from  99.1  to  99-  6  pet.  with  fuel  bias 
requirements  ranging  from  0  to  85  lb. 

6.  Phase  VI  -  Tank  Insulation  and  Support. 

a.  NRC-2  and  Dimplar  multilayer  insulation  systems,  using  aluminized 
Mylar,  demonstrated  excellent  and  comparable  overall  stage  per¬ 
formance,  when  each  was  properly  optimized.  Direct  tank  and 
shroud -oriented  insulation  mounting  also  resulted  in  comparable 
overall  stage  performance. 


b.  A  pure  He  interstage  purge  appears  to  offer  the  greatest  potential 
for  achieving  thermal  protection  during  typical  ground-hold  and 
boost-phase  operation.  However,  future  advancement  in  developing 
sealed  bags  could  alter  this  general  concept. 

c.  To  support  the  propellant  tankage  within  the  shroud,  a  point-type 
support  system  utilizing  glass  fiber  materials  yielded  the  maximum 
performance  capabilities,  from  the  standpoint  of  minimum  weight 
and  heat  leak.  A  tension  rod  system  is  recommended;  however,  a 
compression  member  system  may  be  equally  effective. 

Phase  VII  -  Pressurization  System. 

a.  The  following  pressurization  system  is  recommended  for  a  pump-fed 
engine.  For  repressurization:  heated  He  for  both  tanks  using  a 
separate  F2/H2  gas  generator  heat  source. 

For  expulsion  pressurization:  engine  bleed  GH2  for  the  LH2  tank 
and  heated  He  using  an  engine  nozzle  heat  exchanger  for  the  LF2 
tank. 

b.  For  a  pressure-fed  engine,  a  pressurization  system  was  recom¬ 
mended  which  uses  heated  He  for  the  LF2  tank  and  vaporized  and 
heated  GH2  for  the  LH2  tank,  where  a  separate  F2/H2  gas  generator 
acts  as  heat  source  in  all  cases.  The  Hg  pressurant.  is  stored  as 

a  iiquid  in  an  auxiliary  tank  within  the  LH'2  tank  and  pressurized  by 
heated  He. 

c.  Heated  GH2  was  always  preferred  over  heated  He,  at  the  same  tem¬ 
peratures,  for  LH2  tank  pressurization. 

d.  Optimum  inlet  gas  temperatures  were  in  the  order  of  300  to  500°R.  , 
depending  upon  the  tank  pressure.  Higher  inlet  gas  temperatures 
actually  result  in  a  loss  in  overall  stage  performance  using  con¬ 
ventional  inlet  gas  diffusers. 


Section  IV 

TECHNICAL  DISCUSSION 

1.  Phase  I--Feed  Systems.  For  the  flight  vehicle  under  consideration,  the 
propellant  tankage  constitutes  approximately  10  to  24  pet.  of  the  etage  hard¬ 
ware  weight  over  a  tank  pressure  range  of  25  to  250  p.  s.  i.  a. ,  respectively. 
Therefore,  reductions  in  tankage  weight  can  potentially  result  in  significant 
increases  in  usable  propellant  weight  for  a  fixed  gross  and  payload  weight. 
One  often-considered  technique  for  achieving  tank  weight  reduction  is  to  use 
a  booster  pump  in  conjunction  with  the  engine.  The  booster  pump  supplies  a 
certain  pressure  rise,  AP,  to  the  fluid,  which  can  permit  a  corresponding 
reduction  of  AP  p.  s.i.a.  in  the  required  tank  pressure. 

Conventionally,  booster  pumps  are  considered  with  pump-fed  engines 
where  the  Dooster  pumps  supply  relatively  low  heads,  in  the  order  of  5  to  25 
p.  s.  i.  a.  These  use  motor-driven  pumps  supplied  with  electrical  power  by 
combinations  of  batteries  and  engine  turbopump -driven  generators.  There  is 
no  practical  reason,  however,  why  larger  booster  pumps  with  a  completely 
independent  drive  system  could  not  be  used  with  pressure  -fed  engines.  In 
reality,  such  an  approach  is  an  attempt  to  evolve  a  system  that  is  a  compro¬ 
mise  between  an  all-pump  and  an  all -pressure  fed  system. 

To  evaluate  this  approach,  it  was  decided  to  consider  the  use  of  booster 
pumps  only  on  the  LH2  side  of  the  system.  Two  factors  led  to  this  decision: 
(1)  because  the  LH2  tank  weight  is  nearly  twice  that  of  the  LF2  tank,  most  of 
the  weight  reduction  benefits  would  result  in  the  LH2  system;  and  (2)  the 
development  problems  for  efficient  booster  pumps  for  LF^  service  are  rel¬ 
atively  unexplored  and  a  large  area  of  uncertainty  would  be  raised  by  includ¬ 
ing  them  in  the  study. 

a.  Preliminary  Candidate -System  Screening  Study.  A  vast  number  of 
hardware  items  can  be  assembled  to  form  a  booster  pump  system.  To  es¬ 
tablish  what  should  be  studied  in  detail,  a  preliminary  screening  study  was 
performed  to  identify  a  reasonable  number  of  candidate  systems.  Figure  4-1 
shows  the  breakdown  of  the  booster  pump  system  defining  three  areas:  (1)  the 
pump,  (2)  the  pump  drive,  and  (3)  the  energy  source.  The  pump  drive  may 
be  either  an  a.  c.  / d.  c.  motor  or  a  turbine  using  hot  or  cold  gas.  Maximum 
variation  occurs  in  the  energy  source  area.  For  d.  c.  motors,  a  battery,  an 
engine -driven  generator,  or  a  turbogenerator  may  be  used.  For  an  a.  c. 
motor,  a  turbogenerator,  a  battery /inverter,  or  tin  engine  generator  plus  a 
batte ry / inve rte r  starter  may  be  employed.  Turbogenerators  require  sec¬ 
ondary  energy  sources  such  as  a  cold-  or  hot-gas  energy  supply.  The  energy 
source  for  turbine  drive  systems  is  a  gas  supply  which  may  be  either  cold 
gas,  such  as  He  or  H2;  or  hot  gas,  such  as  the  products  from  a  combustor, 
or  bleed  H2  from  the  engine.  The  combustors  may  be  monopropellant  or 
bipropellant  gas  generators  burning  a  variety  of  propellants,  including  H?0-, 
N^H^,  F2/H2,  OF^/C^Hg,  and  others. 

Submerged  sump -mounted -LH2  booster  pumps  have  been  under  study  for 
several  years  and  have  been  employed  in  the  Centaur  vehicle.  Such  pumps 
have  been  found  to  be  reliable  and  efficient,  and  to  require  minimum  instal¬ 
lation  space.  Therefore,  it  has  been  assumed  that  such  a  configuration  would 
be  used  in  this  application. 


At  this  point,  it  was  not  completely  obvious  that  any  of  the  techniques 
mentioned  was  either  far  superior  or  inferior  in  a  comparative  sense.  Con¬ 
sequently,  a  preliminary  weight  comparison  was  made  for  the  23  systems 
listed  in  table  4-1  and  are  identified  according  to  the  notation  of  figure  4-1. 

For  example,  system  IB3  (F2/H2)  is  a;,  a.  c.  motor  drive  that  uses  a  turbo¬ 
generator  with  a  F2/H2  gas  generator.  The  right-hand  column  of  table  4-1 
lists  the  estimated  weight,  and  table  4-2  itemizes  the  individual  weights  used. 
All  computations  were  based  on  a  235-p.  s.  i.  a.  pump  pressure  rise,  a  full 
LH2  flow  rate  of  4.  6  lb.  p.  sec.  and  a  propellant  temperature  of  37°R. 

The  significance  of  these  weight  numbers  is  not  in  their  absolute  value 
but  rather  in  their  relative  values.  Examination  of  the  totals  reveals  that 
all  of  the  cold-gas  systems  are  considerably  heavier  than  the  rest  of  the 
proposed  approaches.  The  weights  of  the  others  shown  on  the  table  are  rel¬ 
atively  close.  Therefore,  the  cold-gas  turbine  systems  were  eliminated 
from  further  consideration.  Because  weights  for  electrical  hardware  such 
as  motors,  generators,  and  inverters  were  not  estimated,  the  total  weights 
for  these  systems  are  deceptively  low  and  cannot  be  compared  with  the  con¬ 
ventional  turbine  systems.  Ten  baric  systems,  not  including  propellant 
variation,  were  selected  for  further  study.  Schematic  diagrams  of  these 
systems  are  shown  in  figure  4-2.  The  propellants  .where  applicable,  were 
taken  as  H2O2,  N2H4,  F2/H2.,  or  OF2/C3Hg.  (OF2/C3Hg  was  considered 
because  it  is  a  potential  candidate  for  the  reaction  control  propulsion  system 
and,  therefore,  may  be  aboard  the  stage.  ) 

b.  Evaluation  ol  Candidate  Booster  Pump  Systems.  A  subcontract  was 
issued  to  Pesco  Products  Division  of  Borg  Warner  to  generate  realistic 
parametric  data  on  booster  pump  system  hardware.  The  subcontract  covered 
generation  of  appropriate  weight  and  performance  data  for  the  selected 
booster  pump  systems.  This  work  included  information  on  pumps,  batteries, 
turbogenerators,  inverters,  motors,  and  controls.  Douglas  retained  respon¬ 
sibility  for  the  propellant  supply  system,  where  required.  The  results  of 
the  Pesco  work  were  provided  in  reference  1,  and  the  essentials  of  this  effort 
are  repeated  in  subsequent  portions  of  this  phase  description. 

Figure  4-3  summarizes  the  basic  component  weights  as  a  function  of 
power  in  terms  of  horsepower  for  mechanical  equipment  and  kw  for  electrical 
equipment.  Figure  4-4  summarizes  motor  and  pump  efficiencies. 

Because  high  horsepower -to -weight  ratios  can  be  obtained  at  high  ef¬ 
ficiencies  with  motors  submerged  in  cryogenic  liquids,  only  motors  of  this 
type  were  considered.  As  can  be  seen  from  the  motor  weight  curves,  d.  c. 
motors  are  heavier  than  a.  c.  motors  at  high  power  levels.  Also,  d.  c.  motor 
weight  increases  more  .apidly  with  increasing  power  output.  This  is  pri¬ 
marily  a  result  of  speed  limitations.  Commutators  which  are  required  only 
for  d.  c.  motors  limit  speed  capabilities.  With  a.  c.  motors,  increasing  the 
speed  permits  a  decrease  in  rotor  and  stator  weights.  For  example,  at  92  hp. 
a  d.  c.  motor  is  limited  to  a  speed  of  about  6,  000  r.  p.  m.  ,  but  the  a.  c.  motor 
could  go  up  to  about  30,  000  r.  p.  m.  However,  to  avoid  specialized  power 
supplies,  the  speed  is  limited  to  22,  800  r.  p.  m.  Gear  boxes  to  step  up  the 
rotational  speed  are  also  required  with  d,  c.  motors  to  obtain  better  speed 
matching  with  the  pump.  This  gear  box  weight  is  not  included  in  the  indicated 
d.  c.  motor  weights. 


Table  4-1 


BOOSTER-PUMP  SYSTEMS  STUDIED 


Identification 

Description 

Drive  system 
Weight  (lb.  ) 

IIB4-N2H4 

Hot-gas  turbine 

140 

IIB5-F2/H2 

Hot- gas  turbine 

142 

IB3-N-H. 

2  4 

A.  c.  motor— turbogenerator 

I64a 

IB3-F2H2 

A.  c.  motor— turbogenerator 

167a 

IIB4-H202 

Hot-gas  turbine 

171 

IIB5-OF?/CrHr 

Hot-gas  turbine 

173 

IA3-F2/H2 

D.  c.  motor —turbogenerator 

184a 

IA3-N,H. 

2  4 

D.  c.  motor —turbogenerator 

184a 

IA1 

D.  c.  motor— battery 

186a 

IB  5 

A.  c.  motor— battery /inverter 

207a 

IB3-H2Oz 

A.  c.  motor— turbogenerator 

214a 

IB3-OF?/C,Hr 

A.  c.  motor— turbogenerator 

214a 

IIB3 

Engine  bleed  turbine 

222 

IIB3' 

Engine  gas  generator  bleed  turbine 

227 

IA3-OF?/C^Hft 

D.  c.  motor— turbogenerator 

238a 

IA3-H202 

D.  c.  motor--turbogenerator 

/  239a 

II A 1 

Cold  GH2  turbine 

687 

IIA2 

Cold  He  turbine 

804 

IB 3  -cold  H2 

A.  c.  --turbogenerator 

873a 

IA3-cold  H2 

D.  c.  —turbogenerator 

977a 

IB3-cold  He 

A.  c.  motor —turbogenerator 

1022a 

IA3-cold  He 

D.  c.  motor —turbogenerator 

1147a 

IA4 

D.  c.  motor— engine  generator 

14b 

IB4 

A.  c.  motor— engine  generator 

15b 

cl 

Does  not  include  certain  electrical  hardware. 
bStart  battery  weight  penalty  only. 
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Turbine  weights  were  based  on  a  multipass  partial  admission  design  with 
a  speed  limit  of  60,  000  r.  p.  m.  and  inlet  pressures  and  temperatures  of  400 
p.s.i.a.  andl,730°F.,  respectively.  In  lieu  of  performing  a  very  time- 
consuming  optimization  to  arrive  at  turbi.-e  efficiencies,  a  value  of  65  pet. 
was  assumed.  In  some  cases,  this  would  be  a  conservative  value. 

Inverters  are  normally  bult  in  sizes  up  to  5  kw.  Therefore,  it  was 
necessary  to  estimate  weight  for  equipment  of  higher  power  on  the  basis  that 
rotating  inverters  are  basically  motor  generator  devices  and  that  the  50  pet. 
efficiency  level,  common  for  the  small  units,  is  also  valid  in  the  higher 
regimes.  The  weights  were  tailored  to  200  sec.  heat  sink  operation  by  taking 
into  account  the  normal  150  pet.  overload  for  a  5  min.  duration  usually  in¬ 
corporated  into  this  class  of  hardware.  Static  inverters  were  found  to  be 
entirely  noncompetitive  with  the  rotating  type. 

D.‘c.  generators  aemoai>uuLe  rapidly  increasing  weight  with  power  output 
relative  to  a.  c.  generators  because  of  the  speed  limitation,  as  discussed 
previously  relative  to  d.  c.  versus  a.  c.  motors.  The  weights  shown  were 
determined  from  available  and  projected  hardware.  Efficiencies  of  75  pet. 
and  80  pet.  for  d.  c.  and  a.  c.  generators,  respectively,  were  assumed. 

Battery  weight  estimates  were  based  on  information  provided  by  Yardney 
Electric  Corporation  for  units  with  Ag/Zn  active  ingredients  and  magnesium 
external  ;ases.  Operating  voltages  were  limited  to  about  110  v.  to  maintain 
low  battery  currents,  and  it  v/as  determined  that  the  energy  capacity  had  to 
be  maintained  at  about  17  w.  -hr.  p,  lb.  This  value  is  primarily  determined 
by  the  high  discharge  rate  over  a  short  period  of  time  which  necessitates  a 
large  battery  plate  area.  An  additional  15  pet.  weight  increase  over  the 
17  w.  -hr.  p.  lb  criteria  was  included  for  external  casing.  Batteries  were 
sized  for  20  restarts.  It  was  found  that  the  size  of  the  battery  required  for 
starting  was  the  same  as  that  of  the  battery  required  for  continuous  200  sec. 
operation. 

Pumps  were  sized  with  2-in.  discharges  and  with  the  saturated  liquid 
assumed  to  be  82  p.s.i.a.  with  a  50°R  temperature  at  pressures  above  82 
p.s.i.a.  Each  pump  is  capable  of  flows  of  from  4.  59  to  0.46  lb.  p.  sec. 
Radial,  mixed,  and  axial  flow  pumps  with  single  and  multiple  stages  were 
studied  with  specific  speeds  ranging  from  1,  000  to  7,  000  r.  p.  m.  A  max¬ 
imum  rotational  speed  of  30,000  r.  p.  m.  is  considered  to  be  a  reliable  oper¬ 
ating  regime  within  the  current  technology.  Pump  efficiencies  generally 
were  considered  to  be  65  pet.  • 

Other  weight  items,  such  as  gear  boxes,  rectifiers,  and  controls,  were 
based  on  extrapolations  of  existing  hardware.  These  hardware  weights  were 
combined  to  evolve  system  weights  as  shown  in  figure  4-5.  The  weights  shown 
do  not  include  propellant  or  the  propellant  supply,  where  required.  For  the 
all -electrical  systems,  however,  the  indicated  weights  are  actually  total 
system  weights.  Figure  4-5  shows  clearly  that  the  d.  c.  battery  system  (IA1.) 
is  lighter  than  the  a.  c.  system  (IB5).  Although  a.  c.  motors  and  generators 
are  lighter  than  their  d.  c.  counterparts,  the  added  inverters  in  the  a.  c. 
system  result  in  higher  cverali  system  weights.  Figure  4-5  also  demon¬ 
strates  that  motor -driven  booster  pumps  powered  by  the  main  engine  are 


heavier,  in  all  cases,  than  the  straight  d.  c.  battery  system.  This  is  the 
case  because  the  required  start  battery  must  be  as  large  as  the  battery  for 
continuous  operation,  as  indicated  previously.  Thus,  the  engine -mounted 
generator  is  strictly  additional  weight  over  the  basic  battery. 

Figure  4-5  shows  an  interesting  crossover  point  for  the  turbogenerators. 
At  pump  APs  below  about  40  p.  s.  i.  a.  ,  d.  c.  systems  are  lightest,  but  above 
this  level,  a.  c.  systems  are  to  be  preferred  on  a  weight  basis.  Thus,  the 
minimum  weight  curve  for  the  turbogenerator  system  would  be  a  broken  line 
following  the  d.  c.  curve  below  40  p.  s.  i.  .AP,  shifting  to  the  flatter  a.  c.  curve 
above  40  p.  s.  i.  AP. 

Inspection  of  figure  4-5  permits  the  elimination  of  systems  IB5,  IA4, 
and  IB4,  from  further  consideration,  leaving  only  hot-gas  turbines,  d.  c. 
batteries,  and  a.  c.  or  d.  c.  turbogenerator  systems.  It  is  necessary  to  in¬ 
corporate  the  required  propellant  systems  to  compare  these  systems  further. 
Basic  propellant  thermochemical  data  for  the  fluids  under  consideration 
were  generated  by  the  Douglas  JA60  thermochemical  computation  computer 
program  and  were  provided  to  Pesco.  From  this,  Pesco  produced  curves  of 
turbine -working  fluid  consumption  as  a  function  of  turbine  power  output.  By 
combining  these  with  curves  of  pump  power  input  versus  pump  pressure  rise, 
a  plot  of  required  propellant  flow  rate  as  a  function  of  pump  pressure  rise  was 
prepared.  This  is  shown  in  figure  4-6  for  the  maximum  pump  discharge  (235 
p.  s.  i.  a.  )  for  the  four  propellant  systems  under  consideration.  The  propel¬ 
lant  consumption  is  lowest  for  the  F2/H7  system  and  highest  for  the  H2O2 
monopropellant  system.  N2H4  and  OF2/C3Hg  are  about  the  same  and  fall 
midway  between  the  two  extremes.  From  figure  4-6,  it  is  possible  to  deter¬ 
mine  the  propellant  weight  requirements  and  the  weight  of  corresponding 
propellant  feed  system  hardware.  These  estimates  were  first  based  on  a 
booster  pump  system  with  a  discharge  pressure  of  235  p.  s.  i.  a.  ,  with  a  full 
flow  200-sec.  burn  time.  The  resulting  weights  for  turbine  systems  IIB3, 
IIB4,  and  IIB5,  and  electrical  turbogenerator  systems  IA3  and  IB3  are  shown 
in  figure  4-7.  For  a  comparison,  the  d.  c.  battery  system,  IA1,  is  also 
shown.  System  weight  for  lower  discharge  pressures  and  longer  burn  time 
at  reduced  flow  are  slightly  different  but  reflect  the  same  comparative  trends. 
Table  4-3  shows  the  weight  breakdown  for  system  IIB5  burning  F2/H2  to 
indicate  weight  distribution. 

The  curves  for  the  turbogenerator  systems,  shown  in  figure  4.7,  are  a 
composite  of  two  systems  which  accounts  for  the  discontinuity:  the  first  por¬ 
tion  is  the  d.c.  system,  IA3;and  the  second  portion  is  the  a.c.  system,  IB3. 
This  is  the  net  minimum  weight  for  the  turbogenerator  system.  However,  the 
electrical  turbogenerator  system  is  always  heavier  than  the  hot-gas  turbine 
system.  There  is  a  distinct  crossover  point  with  the  d.  c.  battery  system 
which  occurs  at  a  pump  AP  of  about  17  to  18  p.  s.  i.  a.  with  the  hot  gas  turbine 
and  at  28  p.  s.i.a,  with  the  turbogenerator  system.  Beyond  a  pump  pressure 
rise  of  30  p.  s.i.a.,  however,  the  d.c.  battery  system  is  noncompetitive. 

It  can  further  be  seer,  that  when  a  propellant  system  is  required,  the 
F2/H2  system  offers  minimum  weight  potential.  This  savings  is  small 
(about  6  lb,  at  40  p.  s.  i.  a)  at  low  AP  values,  but  at  a  AP  of  220,  the  saving 
can  be  about  33  lb. 
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Table  4-3 

TYPICAL  BOOSTER -PUMP  SYSTEM  WEIGHT  BREAKDOWN 


Hot-gas  turbine --using  F^/Hp  gas  generator  exhaust  predicts 

Discharge  pressure  =  235  p. 
Pump  pressure  rise  =  220  p. 

S  »  1*  cL» 

s.  i.  a. 

Pump /turbine  complex 

44  lb. 

Propellant 

7 

Tankage 

6 

Miscellaneous  (controls  and  lines) 

10 

Total  weight 

6? 

Dry  weight 

60  lb. 

Independent  research  by  Douglas  on  a  F^/W-z  8as  generator  has  Indicated 
that  such  a  device,  as  would  be  required  for  the  energy  source,  is  feasible 
and  w^ll  within  the  state  of  the  art:  therefore,  this  propellant  system  was 
selected  for  further  use  in  this  study.  If  OF£/C3Hg  were  used  in  the  RCS 
propulsion  system,  it  would  be  more  convenient  to  use  this  combination  and 
accept  the  relatively  small  weight  penalty. 

From  figure  1-7,  a  minimum  potential  system  weight  curve  was  developed 
as  shown  in  figure  4-8.  Tnis  does  not  include  the  effects  of  additional  heat 
loads  to  the  which  would  I  present  for  either  a  turbine  or  an  electric 
motor-driven  system.  In  the  .  ,e  of  the  turbire,  heat  would  be  radiated  from 
the  warm  turbine  hardware  to  tt.e  propellant  tank  as  well  as  some  heat  con¬ 
duction  through  the  power  transmission  shaft.  This  total  was  roughly  esti¬ 
mated  to  be  2  B.t.  u  p.  sec.  Assuming  an  operating  time  oe  ?00  sec,  and 
assuming  that  all  the  heat  goes  into  boiloff,  this  could  cause  about  21  lb.  of 
bH"  bciioff.  For  the  electric  motor  systems,  the  motor  inefficiency  is 

’ ly  felt  as  an  additional  heat  load  to  the  propellant.  For  a  d.  c.  motor 
.  .g  a  30  p..  s.  i.  a.  AP  pump,  the  heat  rejected  to  the  propellant  is  about 
3,  ti  u.  p,  sec.  which  represents  a  potential  LH£  boiloff  of  about  35  lb. 
n  an  a.  c.  motor,  which  is  more  efficient  than  a  d.  c.  motor,  the  heat  load 
to  the  LH?,  for  the  same  set  of  conditions,  is  about  2,2  B.t.  u,  p.  sec.  (a 
boiioff  loss  of  23  lb,  ).  However,  ti  e  assumption  that  all  the  heat  load  goes 
into  boiloft  is  misleading  and  ihese  losses  were  neglected  at  this  point.  The 
data  af  figure  4-8  was  taken  as  a  minimum  potential  system  weight  to  deter¬ 
mine  if  there  is  a  range  of  efficient  application  for  booster-pump  systems. 

c.  Booster -Pump  Throttling.  When  throttling  the  main  engine,  gener¬ 
ally  it  will  also  be  necessary  to  throttle  the  booster  pump.  A  preliminary 


PRESSURE  RISE  (PSIA) 


investigation  of  techniques  for  boos  ter -pump  throttling  was  part  of  the  scope 
of  the  Pesco  subcontract  effort  and  was  reported  in  detail  in  reference  1. 

The  essentials  of  this  work  are  summarized  in  this  -section, 

« 

The?e  are  basically  three  approaches  that  may  be  *?,ken  to  throttle  the 
booster  pump:  (1)  variable  pump  speed,  (2)  pump  discharge  throttling,  and 
(3)  variable  pump  flow  by-pass. 

Throttling  over  a  10:1  ratio  can  efficiently  be  obtained  by  varying  pump 
speed.  The  manner  in  which  speed  variation  can  most  easily  be  obtained 
depends  upon  the  type  of  drive.  With  a  turbine  system,  the  turbine  mass 
flow  rate  would  be  varied.  With  a  motor  drive,  voltage  and  frequency  varia¬ 
tions  would  be  used  for  d.  c.  and  a.  c. ,  respectively.  However,  the  equip¬ 
ment  to  effect  variation  in  the  electrical  systems  is  quite  heavy  and,  therefore, 
not  applicable  in  general  to  the  flight  systems  being  considered.  With  a 
turbogenerator  system,  variation  in  turbine  speed  by  modulating  turbine 
propellant  flow  does  result  in  the  desired  electrical  variations.  Turbine 
flow  control  valve  system  weights  including  modulator  and  electrical  drive 
would  vary  from  about  8  to  14  lb.  ,  depending  upon  pump  pressure  rise  between 
0  and  235  p.  s.i.  a.  Such  a  system  would  require  development,  however. 

Downstream  throttling  and  pump  by-pass  both  employ  constant  speed 
pumps.  Flow  by-pass  was  found  to  result  in  probable  instability  because  of 
operation  at  overcapacity.  Downstream  or  discharge  throttling  is  feasible  ^ 

and  results  in  a  decreased  power  input  requirement  for  the  pump,  for  pump 
specific  speeds  below  3,  000  r.  p.  m.  This  approach  is  generally  preferred 
for  low  AP  boos  ter -pump  systems  using  battery  primary  power. 

The  details  of  pump  throttling  depend  strongly  upon  the  details  of  the 
ultimate  total  propulsion  system  that  is  to  be  used. 

d.  Booster -Pump  Optimization.  The  booster -pump  system  was  opti¬ 
mized  considering  the  entire  flight  vehicle  system  using  Douglas  computer 
program  H109,  which  is  described  in  appendix  A.  The  following  basic  condi¬ 
tions  were  assumed: 

•  The  high-performance  insulation  system  was  of  the  shroud -oriented 
Dimplar  configuration  with  the  number  of  sheets  optimised  specif¬ 
ically  for  each  tank  pressure  condition, 

•  The  pressurization  system  v'as  assumed  to  use  hea.ud  He  with  an 
inlet  temperature  of  400° R. 

•  Computation*,  were  made  for  duty  cycles  A  and  K,  which  are  1-  and 

14-day  missions,  respectively.  Each  cycle  expels  the  propellants  - 

in  two  burns,  with  the  first  burn  consuming  80  pet.  of  the  propellant 
immediately  after  orbit  attainment  and  the  second  burn  consuming 

the  remainder  at  the  end  of  the  mission.  (Duty  cycle  K  represents 
the  most  difficult  mission  relative  to  propellant  storability.  ) 

w 

9  Other  conditions  such  as  weights  and  restraints  are  \mmarized  in 
appendix  B. 


The  first  step  in  the  optimization  was  to  assess  the  performance,  in 
terms  of  usable  propellant,  for  each  ground-rule  LH2  tank  pressu  e,  (41,  100, 
195,  and  235  p.  s.  i.  a. )  assuming  no  booster  pump  in  the  system.  The  results 
are  illustrr.ted  in  figure  4-9  which  shows  a  marked  increase  in  usable  propel¬ 
lant  weight  as  l_nh  pressure  is  reduced.  Figure  4-9  also  indicates  that  pump- 
fed  engines  are  superior  to  pressure -fed  systems  for  the  assumed  conditions. 
For  the  presbure-fed  cases,  about  60  lb.  of  usable  propellant  is  lost  in  going 
from  a  1  -  to  a  14 -day  mission.  For  the  pump-fed  case,  the  corresponding 
loss  in  usable  propellant  is  about  150  lb.  (more  venting  occurs  in  the  low- 
tank-pressure,  pump-fed  case). 

The  pump  optimization  was  performed  by  making  runs  on  the  Space 
Propulsion  System  Optimization  Program  (HI 09)  for  a  constant  booster  pump 
discharge  pressure,  but  by  varying  pump  pressure  rise  values.  This,  in 
effect,  means  varying  tank  pressure  since  tank  pressure  =  pump  discharge - 
pump  rise.  Pump  discharge  pressures  were  assumed  to  be  equivalent  to  the 
four  ground-rule  tank  pressures.  The  results,  in  terms  of  maximum  usable 
propellant  as  a  function  of  L.H2  tank  pressure,  are  shown  in  figures  4-10  and 
4-11  for  the  pressure  and  pump -fed  systems,  respectively.  This  shows  that 
in  all  cases  studied,  the  maximum  usable  propellant  weight  results  with  a 
LH2  tank  pressure  of  about  30  p.  s.i.a.  For  the  pressure-fed  engine  systems, 
this  means  a  booster  pump  pressure  rise  of  205,  165,  and  70  p.  s.i.  a.  for 
discharge  pressures  of  235,  195,  and  100  p.  s.i.a.  ,  respectively.  For  the 
pump-fed  engine  case,  the  optimum  booster  pump  would  have  a  pressure  rise 
of  about  11  p.  s.  i.  a. 

Table  4-4  summarizes  the  improvement  in  usable  propellant  by  using 
the  optimum  booster  pump  for  each  ground-rule  L.H2  tank  pressure.  For 
reference  purposes,  the  improvement  resulting  from  using  a  basic  pump-fed 
system  relative  to  the  all  pressure -fed  system  is  also  shown.  This  indicates 
that  for  all  pressure-fed  cases,  booster  pumps  result  in  significant  improve¬ 
ments  with  the  magnitude  increasing  as  engine  delivery  pressure  increases. 
For  pump-fed  engines,  the  gain  is  small  for  the  study  ground  rules.  If  a 
more  restrictive  and  detailed  study  had  been  made  for  the  pump-fed  system 
alone,  perhaps  a  larger  increase  would  have  resulted,  but  for  the  type  of 
study  performed,  the  indicated  increases  are  within  the  tolerances  of  the 
optimization  program  and  the  input  accuracies. 

The  right-hand  column  of  table  4-4  indicates  that  the  improvement  in 
going  from  an  all  pressure -fed  to  an  all  pump-fed  system  is  significantly 
larger  than  going  from  an  all  pressurized  to  a  pressurized  system  augmented 
with  a  booster  pump.  This  is  not  really  surprising,  however,  since  the 
pump-fed  engine  should  be  more  efficient,  but  table  4-4  does  show  the  penalty 
involved  in  not  using  a  conventional  pump -fed  engine. 
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Figure  4-11.  Booster*  Pump  Optimization  for  Pump*Fed  Systems 


Table  4-4 

IMPROVEMENTS  IN  USABLE  PROPELLANT 
RESULTING  FROM  USE  OF  OPTIMUM  BOOSTER  PUMPS 


Pressure  delivered 
to  engine 

Change  in  usable  propellant  weight  (lb. ) 

Use  of  optimum 
boost  pump 

Use  of  pump 
fed  engine 

235 

+  460 

+  t?30 

195 

+  360 

+  580 

100 

+  60 

^  210 

41 

Insignifxcanta 

a  Within  the  accuracy  range  of  the  optimization. 

<  .  Optimum  Booster  Pump  Specification.  At  this  point,  the  optimiza¬ 
tion  results  were  reviewed  with  RpL,  and  it  was  decided  that  the  pump-fed 
engine  offered  greater  potentials  in  terms  of  performance  than  tne  pressure- 
fed  engines.  Therefore,  only  the  booster  pump  for  the  pump-fed  engine  was 
considered  further,  and  a  preliminary  specification  was  prepared  for  this 
case.  Unfortunately,  because  of  the  relatively  small  pump  required  for  this 
case,  the  pump  system  weight  is  probably  within  the  accuracy  of  the  sum  total 
of  all  system  weight  inputs.  Therefore,  the  information  on  which  this  specifi¬ 
cation  is  based  is  not  nearly  as  accurate  and  meaningful  as  would  be  desirable. 

Figure  4-11  indicates  that  an  LH^  tank  pressure  of  approximately  30 
p.  s.i.  a.  is  optimum  for  a  pump-fed  engine.  For  f'e  baseline  engine  inlet 
pressure  of  41  p.  s.i.  a.  ,  this  means  a  required  booster  pump  pressure  rise 
of  11  p.  s.  i.  a.  This  was  the  basis  from  which  the  specification  was  developed. 
The  11  p.  s.  i.  a.  AP  corresponds  to  a  pump  with  a  maximum  power  rating  of 
2.  75  hp.  With  this  and  the  data  contained  in  reference  1,  the  information 
contained  m  table  4-5  was  evolved. 

It  originally  bad  been  planned  to  supply  the  optimization  data  to  Pesco, 
and  between  Douglas  and  Pesco  efforts,  evolve  a  preliminary  design  and 
specification.  However,  since  the  booster  pump  was  found  to  be  a  second- 
order  problem,  it  was  decided,  as  an  economy  measure,  to  terminate  the 
booster  pump  work  at  this  point. 


Table  4-5 

PRELIMINARY  SPECIFICATION  DATA  FOR 
OPTIMUM  LHZ  BOOSTER  PUMP 


1.  General  Type 

Submerged  LH^  booster  pump  directly  driven  by 
d.  c.  motor  and  external  d.  c.  battery. 

2.  Pump 

Output  power 

Efficiency 

Pressure  rise 

Discharge  pressure 

Inlet  pressure 

Maximum  weight 

Maximum  speed 

LH;>  flow  rate 

Discharge  line  size 

Inxet  line  size 

2.  75  hp. 

65  pet. 

11  p.  s.  i.  a. 

41  p.  s.  i.  a. 

30  p.  s.  i.  a. 

11  lb. 

25,  000  r.  p.  m. 

0.46  to  4.6  lb.  p.  s. 
2.  0  I.  D. 

2.  5  I.  D. 

3.  Motor 

Output  power 

Efficiency 

Maximum  weight 

Maximum  speed 

4.  25  hp. 

75  pet. 

5  lb. 

25,  000  r.  p.  m« 

4.  Battery 

—  — ...  ,  _ 

Output  power 

Maximum  weight  including  case 
Maximum  duration  at  full  power 
Pump  restarts 

Maximum  ope  rational  batte  ry  life 
Environmental  temperature 

5.  7  hp. 

16  lb. 

200  sec. 

19 

1 5  days 

40*  F, 

33 


2.  Phase  II — Feed  Line  Losses.  When  a  propulsion  system  uses  high- 
performance  multilayer  insulation,  the  total  heat  input  to  the  propellant  is 
reduced  to  a  relatively  low  level.  A  significant  portion  of  this  resulting  heat 
lead  is  a  direct  result  of  conduction  and  radiation  heat  transfer  through  the 
propellant  feed  and  vent  lines.  Furthermore,  for  a  multiburn  stage,  the 
alternate  filling  and  emptying  of  the  feed  lines  influence  their  design  criteria 
and  requirements,  both  from  fluid  flow  and  heat -transfer  considerations. 
Therefore,  it  is  essential  that  the  feed  line  be  carefully  designed  to  minimize 
this  source  of  propellant  heating  and  to  satisfy  operational  requirements. 

The  first  step  to  be  ttken  in  th*s  design  is  to  view  the  propellant  tank,  the 
tank  insulation,  and  the  feed  and  vent  hardware  as  an  integrated  system  and 
not  as  distinct  unrelated  parts. 

Line  routing  and  sizing  are  relatively  straightforward  and  determined  by 
the  general  configuration  and  requirements  of  the  stage.  Figure  2-1  illus¬ 
trates  the  selected  line  arrangement.  This  results  in  the  following  line 
lengths:  LF2  =  173  in.,  and  LH2  =  10  in.  Fluorine  vent  =  50  in.,  and 
hydrogen  vent  =  55  in.  From  flow  and  pressure  drop  analyses  conducted 
under  Phase  VIII,  line  inside  diameters  of  2.  5  and  3.  0  in.  were  selected 
for  the  feed  and  vent  lines,  respectively.  Wall  thicknesses  of  0.  022  in.  were 
assumed  as  minimum  gages. 

a.  Basic  Line  Design  Study.  The  next  step  was  to  determine  the  best 
line  materials  and  insulation  techniques.  This  was  accomplished  by  evalu¬ 
ating  a  number  of  candidate  concepts,  including: 

•  Bare  metal  lines  constructed  of  either  steel  or  aluminum. 

•  Vacuum- jacketed  lines  constructed  of  steel  or  aluminum.  (The 
vacuum  jacket  was  assumed  to  be  0.  018  stainless  steel  with  a 
4-1/2  in.  I.  D.  using  teflon  support  rings  every  2-1/2  ft.  ) 

•  Steel  or  aluminum  lines  with  50  sheets  of  NRC-2  multilayer  KPI 
installed  over  the  line  exterior. 

In  all  cases,  an  evaluation  was  made  for  location  of  the  primary  tank 
insulation  either  directly  on  the  tanks  or  on  the  structural  shrouds.  It  was 
further  assumed  that  the  LF2  and  LH2  tanks  were  initially  at  -320°F.  and 
-420°F.,  respectively.  The  shroud  temperatures  were  taken  from  the  compu¬ 
tations  made  under  the  Pbese  IV  activity,  and  it  was  assumed  that  there  was 
physical  metal -to -metal  contact  with  the  line  at  both  shroud  and  tank  end. 
Material  property  dat?.  were  taken  from  references  2  and  3. 

(1)  LF?  Feed  Line  Analysis.  The  first  point  to  be  resolved 
was  to  assess  the  desirability  of  vacuum  jacketing.  This  was  accomplished 
by  performing  a  thermal  analysis  comparing  bare  lines  with  vacuum- 
jacketed  LFj  lines  using  the  Douglas  three-dimensional  heating  computer 
program  (JC56).  The  line  itself  and  the  jacket  were  divided  into  20  equal- 
length  heating  nodes.  For  the  aluminum  lines,  heat  transfer  was  assumed 
to  be  solely  by  conduction,  but  with  steel  lines,  both  radiation  and  conduction 
were  considered.  The  numerical  results  are  shown  in  table  4-6  for  four 
basic  line  designs  each  with  and  without  vacuum  jacketing. 


The  weight  of  fluorine  boiloff  was  computed  assuming  that  all  the  heat 
entering  the  line  results  in  liquid  vaporization  and  boiloff.  This  is  conserva- 
tive  because  a  large  portion  of  the  heat  actually  goes  into  raising  bulk  tem¬ 
perature  and  vapor  pressure.  However,  the  boiloff  weight  plus  the  line  • 

structural  weight  provide  a  good  comparison  criteria.  Table  4-6  contains  a 
column  labeled  weight  of  LH2  lost  which  is  the  LH2  boiloff  resulting  from 
radiation  to  the  LH£  tank  from  the  warmer  LF^  line.  This  is  significant 
only  with  shroud-mounted  insulation.  Table  4-6  indicates  that  although  there  % 

is  generally  a  slight  reduction  in  boiloff  loss,  this  is  not  great  enough  to 
compensate  for  the  heavy  vacuum  jacketing.  Because  of  these  findings, 
vacuum  jacketing  was  dropped  from  further  consideration. 

The  remaining  candidate  line  systems  were  analyzed  in  a  similar  but 
slightly  more  rigorous  manner  yielding  the  results  shown  in  table  4-7.  The 
line  weight  plus  propellant  boiloff  weight  is  shown  as  a  function  of  time  in 
figure  4-12.  As  discussed  above,  figure  4-12  was  prepared  assuming  that 
all  the  heat -transfer  results  in  propellant  boiloff.  These  results  define  a 
number  of  important  trends.  Although  steel  lines  are  heavier  than  aluminum, 
the  heat  leak  is  considerably  less  with  steel  because  of  its  lower  conductivity. 
Therefore,  choice  of  line  material  is  dependent  upon  mission  time.  For 
example,  the  results  indicate  that  with  bare  lines  and  insulated  tanks,  alumi¬ 
num  lines  would  be  best  with  mission  durations  of  5  days  or  less,  while  steel 
lines  would  be  preferred  for  longer  missions.  V.'ith  shroud-mounted  insula¬ 
tion,  the  crossover  occurs  at  about  8-1/2  days.  Another  noticeable  trend  is  ^ 

that  when  tank-mounted  insulation  is  used,  insulation  of  the  feed  line  is  man¬ 
datory.  On  the  other  hand,  when  using  shroud-mounted  insulation,  line 
insulation  has  a  very  small  effect,  and  in  the  case  of  aluminum  lines,  it 
actually  represents  a  very  slight  weight  penalty.  Considering  all  the  candi¬ 
date  approaches,  the  minimum  potential  weight  would  be  achieved  by  using 
shroud-mounted  insulation  and  a  bare  aluminum  line  up  to  8-1/2-day  missions 
and  an  insulated  steel  line  for  longer  missions. 

(2)  LHg  Feed-Line  Analysis.  The  short-length  LH2  feed  line 
was  analyzed  in  a  similar  manner  to  that  described  above  for  the  LF2  line 
except  that  10  heating  nodes  were  used  instead  of  20.  The  results  are  sum¬ 
marized  in  table  4-8  and  figure  4-13.  In  this  case,  the  insulated  stainless 
steel  is  preferred  for  all  missions. 

(3)  Vent  Line  Analysis.  The  vent  lines  were  analyzed  in  a 
manner  identical  to  the  feed  lines.  An  average  temperature  at  the  shroud- 
vent  line  juncture  was  assumed  at  -130°F.  and  40 °F.  for  the  LH2  and  LF£ 
vents,  respectively.  Table  4-9  summarizes  the  results  for  the  LF2  vent 
line,  and  table  4-10  shows  the  results  for  the  LH2  vent  line.  The  weight 
penalties  are  plotted  in  figure  4-14.  In  the  case  of  the  LF2  vent,  insulated 
stainless  steel  appears  best  except  for  very  short  missions.  For  the  LH2 
side,  insulated  stainless  steel  is  best  for  long  durations  but  for  missions 
shorter  than  2-days,  bare  aluminum  should  probably  be  used. 
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COMPARISON  OF  STEADY -STATE  HEAT -TRANSFER  RATES 
FOR  LF„  VENT  LINE  SYSTEMS 


Figure  4-12.  Comparison  of  LF2  Feed  Line  Weight  Penalties 
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Figure  4-14.  Comparison  of  Vent  Line  Weight  Penalties 


b.  Line  Heat-Transfer  and  Fluid  Flow  Phenomena.  To  assess  the 
desirable  operating  features  for  the  feed  line  system,  a  more  detailed  study 
of  the  line  transient  heat  transfer  and  its  influence  on  the  fluid  in  the  line 
was  made.  It  was  reasoned  that  after  an  engine  firing,  a  favorable  occur¬ 
rence  in  the  feed  lines  is  the  formation  of  a  stable  vapor  region  at  the  thrust 
structure  that  could  force  a  major  portion  of  the  liquid  propellant  in  the  lines 
back  into  the  tank  or  overboard.  The  stability  and,  therefore,  the  usefulness 
of  this  vapor  region  depend  on  the  velocity  of  the  vapor/liquid  surface  as  it 
recedes  from  the  thrust  structure  and  on  the  acceleration  forces  present. 

The  differential  equations  governing  the  vapor/liquid  interface  move¬ 
ment  were  never  completely  determined  owing  to  the  complexity  of  the 
problem.  In  addition,  the  inclusion  of  radiation  heat  transfer  made  apparent 
the  fact  that  any  exact  solution  could  only  be  determined  using  finite  differ¬ 
ence  methods. 

In  determining  the  dominant  factors  and  possible  approximate  solutions 
to  the  problem,  if  was  noted  that  if  temperature  profiles  for  a  perfectly 
insulated  finite  rod  were  assumed,  essentially  all  of  the  liquid/vapor  inter¬ 
face  movement  was  due  to  the  expansion  of  vapor  already  formed  after 
approximately  1  ft.  of  the  line  had  been  filled  with  vapor.  By  assuming  these 
profiles  to  be  representative  of  the  actual  feed  line  heating,  the  problem 
could  then  be  reduced  to  one  of  a  composite  finite  rod  initially  at  a  uniform 
temperature  and  subjected  to  a  step  temperature  change  at  one  end. 

The  problem  was  simplified  further  by  noting  the  predominant  role  of 
the  metallic  line  with  respect  to  the  vapor  in  the  line.  The  temperature 
history  of  a  composite  rod  depends  on  its  axial  conduction  and  heat  capacity. 
Since  the  metallic  line  is  the  major  contributor  to  these  properties,  the  vapor 
may  be  neglected  and  the  line  considered  as  a  metallic  tube  with  an  effective 
liquid/vapor  interface  existing  at  the  point  on  the  line  where  the  saturation 
temperature  exists. 

Both  of  these  assumptions  will  yield  conservative  answers.  By  assuming 
no  vaporization,  velocities  higher  than  the  actual  result  since  the  latent  heat 
of  vaporization  has  been  eliminated.  The  assumption  of  an  empty  metallic 
line  also  yields  higher  velocities  because  of  the  relatively  large  heat  capacity 
of  the  vapor  as  compared  to  its  axial  conductivity.  Thus,  if  the  temperature 
profiles  assumed  are  similar  to  the  actual  profiles  encountered,  this  approxi¬ 
mate  solution  should  yield  conservative  estimations  of  the  liquid  vapor  inter¬ 
face  velocity. 

The  calculated  feed  line  temperature  profiles  are  shown  in  figures  4-15 
and  4-16  for  various  line  designs  and  indicate  the  position  o/.  the  liquid/ vapor 
interface  relative  to  the  thrust  structure  at  steady- state  conditions.  This 
interface  will  be  positioned  near  the  -260° F,  point  (its  approximate  satura¬ 
tion  temperature)  on  the  profile.  Figure  4-17  shows  the  transient  distribu¬ 
tions  for  the  insulated  steel  line  which  indicates  that  the  steady- state  is 
achieved  in  about  200  hr. 


Figure  4-15.  Steady-State  Temperature  (Profiles  for  Liquid  Fluorine  Feed  Line  for  Insulated  Tanks 


Figure  4-16.  Steady-State  Temperature  Profiles  for  LF2  Feed  Line  for  Insulated  Shroud 


Temperature  History  for  LF2  Feed  Line  (insulated  Stainless  Steel  for  Insulated 


Results  of  line  heating  show  that  the  temperature  profiles  assumed  are 
nearly  correct  and  very  little  propellant  is  vaporized  after  the  interface 
recedes  1  ft.  from  the  thrust  structure.  Figure  4-18  shows  the  growth  rate 
of  the  vapor  region  for  three  stainless- steel  line  systems.  For  these  small 
growth  rates  and  the  expected  acceleration  forces  (less  than  10"4  g),  the 
interface  will  be  stable  and  the  vapor  region  will  force  some  of  the  L.F2  out 
of  the  line  after  each  firing,  if  relief  capabilities  are  provided.  The  omitted 
stainless-steel  system,  the  bare  line  with  insulated  propellant  tanks,  had  such 
a  high-radiation  heat-transfer  rate  to  the  line  that  the  possibility  of  a  vapor 
region  formation  around  the  LF->  existed,  meking  this  approximate  solution 
invalid.  Further  investigation  was  not  pursued  on  this  configuration  since 
this  design  did  not  yield  favorable  results  at  steady-state  condition. 

Figure  4-18  compares  the  solution  of  the  insulated  stainless  steel  line 
using  an  insulated  shroud  to  the  theoretical  solution  of  a  perfectly  insulated 
infinite  rod  (dashed  line).  These  two  curves  agreed  fairly  well  initially. 

Since  the  effect  of  radiation  is  much  less  for  the  high  conduction  rates  experi¬ 
enced  with  the  aluminum  lines,  only  the  theoretical  heating  curve  is  presented 
for  the  aluminum  feed  lines,  (figure  4-18).  This  shows  that  even  for  alumi¬ 
num  lines,  the  velocity  1  ft.  from  the  thrust  structure,  approximately  7-1/2 
f.  p.  r.  is  small  enough  to  ensure  liquid/vapor  interface  stability. 

The  assumption  of  liquid /vapor  interface  movement  due  to  expanding 
vapor  is  not  valid  for  the  LH2  line.  This  is  a  result  of  the  small  difference 
in  the  density  of  the  LH^  vapor,  the  LH2  and  the  short  length  of  the  line. 

Thus,  the  most  conservative  estimate  is  to  assume  that  all  of  the  LH2  left 
in  the  line  after  each  firing  is  boiled  off. 

The  line  pressure  will,  in  general,  be  above  the  collapsed  tank  pressure 
providing  a  pressure  difference  so  that  the  line  could  be  relieved  back  to  the 
tank.  Because  the  bulk  of  LF2  in  the  tank  is  subcooled,  the  saturation  point 
always  lies  within  the  line.  This  means  that  with  a  tank  shutoff  valve  or  pre- 
valve,  the  line  will  never  be  emptied  passively  (i.e.  ,  by  self -pressurization). 
Furthermore,  there  will  always  be  some  liquid  in  the  line  which  will  not  in 
any  way  contribute  to  excess  heat  leak  into  the  tank  since  it  will  be  in  thermal 
equilibrium  with  the  line. 

It  was  previously  thought  that  the  amount  of  LF2  trapped  in  the  line  could 
be  minimized  by  leading  the  closure  of  the  prevalve,  and  indeed  this  could 
reduce  by  as  much  as  10  pet,  the  amount  of  trapped  LF2.  However,  it  is 
seen  from  figure  4-17  that  this  would  not  alter  the  final  condition  of  the 
liquid  in  the  feed  line  and  would  not  reduce  the  heat  load  to  the  tank  (since 
it  is  principally  through  the  feed  line  proper,  not  its  contents).  However, 
leading  the  provalve  closed  would  have  the  deleterious  effect  of  leaving  a 
void  in  the  line,  which  would  promote  sloshing  and  unstable  fluid  behavior 
in  the  line  immediately  following  engine  shutdown.  It  is  recommended, 
therefore,  that  no  prevalve  lead  be  employed  and  that  both  prevalve  and 
engine  valve  be  shut  as  nearly  simultaneously  as  possible. 

Figure  4-17  also  show?  that  a  LF2  prevalve  is  not  directly  required  for 
thermal  reasons  (provided  the  liquid  interface  is  stable).  On  the  LH2  feed 
line,  a  prevalve  is  required  thermally  because  the  line  boils  dry  very  quickly 
and  the  prevalve  minimizes  the  propellant  boiled  off. 


Figure  4-18.  Location  of  -  260  °F  Point  in  LF2  Feed  Line 


Pressure  relief  of  the  line  can  be  accomplished  in  two  ways:  (1)  by 
venting  the  vapor  (thrust  structure)  end  to  the  tank,  or  (2)  by  venting  the 
liquid  (tank)  end  of  the  line  to  the  tank.  If  the  vapor  end  is  vented  to  the  tank, 
some  of  the  heat  input  to  the  line  may  end  up  in  the  tank  via  the  vented  vapor.  * 

If  the  liquid  end  is  vented,  the  heat  into  the  line  stays  in  the  line  and  does 
not  get  to  the  tank,  providing  the  liquid  vent  is  sized  for  maximum  vapor 
production,  and  the  heating  rate  is  low.  The  integrated  heat  input  to  the 
LF2  line  is  shown  in  figure  4-19  and  is  relatively  low.  With  liquid  venting,  ♦ 

almost  all  of  this  heat  will  go  into  warming  up  the  line  and  vapor  with 
very  little  going  into  boiloff  since  the  liquid  is  in  thermal  equilibrium  with 
the  line.  The  liquid  relief  check  valve,  by-passing  the  prevalve,  is  sized 
'  to  accommodate  the  liquid  equivalent  of  vapor  production  under  a  peak  nucle¬ 
ate  boiling  heat  flux  of  20,  OOOB.t.  u.  p.  hr.  p.  ft. 2  to  satisfy  the  worst  case 
of  initial  boiling  at  the  thrust  structure  valve  face.  This  results  in  a  1/4-in.- 
dia.  liquid  relief  and  check  valve.  Once  the  initial  vapor  barrier  has  formed, 
the  line  heating  will  proceed  as  in  figure  4-17. 

It  can  be  seen  from  figure  4-17  that,  depending  on  the  coast  time  and 
the  line  pressure,  the  line  cam  be  anywhere  from  90  pet.  full  to  less  than 
10  pet.  full.  This  trapped  propellant  is  a  cause  for  some  concern  during 
propellant  settling,  if  village  rockets  are  used  for  settling  as  anticipated. 

The  settling  acceleration  is  about  10-2  g. ,  and  thus  the  feed  line  Bond 

number  is  about  48,  which  is  marginally  unstable.  Thus,  during  settling 

the  trapped  liquid  would  fall  into  the  warmer  end  of  the  pipe  and  vaporize,  * 

causing  bubbling  and  geysering  in  the  feed  line.  It  would  not  help  the 
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Figure  4-19.  Total  Integrated  Heat  Through  LF2  Feed  Line  (Insulated  Stainless  Steel) 


situation  to  vent  the  lower  end  of  the  feed  line,  since  the  head  exerted  by  the 
full  liquid  column  under  10“2  g.  is  only  about  0.  1  p.  s.i.  ,  and  the  back 
pressure  from  even  a  large  vent  line  and  check  valve  would  surely  exceed 
this  for  the  expected  vapor  flow;  that  is,  the  bubbles  would  rather  rise 
freely  up  an  open  2-1 /2-in.  feed  line  than  up  a  much  smaller  vent  line. 
Therefore,  it  ir  recommended  that  the  prevalve  be  opened  during  settling 
to  allow  unrestricted  vapor  egress  and  provide  a  full  chilled  feed  line  at  the 
end  of  settling.  The  sensible  heat  of  the  line  for  the  most  empty  case  is 
about  100  B.t.,  u.  which  would  vaporize  something  over  a  pound  of  LF£, 
creating  nearly  3  cu.  it.  of  vapor. 

This  problem  would  not  be  alleviated  by  either  (1)  removing  the  pre- 
valve  so  that  the  line  may  empty  itself  with  an  initial  pressure  surge  under 
zero-g.  coast  or  (2)  actively  blowing  the  line  clear  of  propellant  during 
coast.  Maintaining  the  line  in  an  empty  condition  during  settling  merely 
postpones  the  problem  until  engine  start,  when  the  engine  must  ingest  an 
entire  feed  line  full  of  vapor.  It  is  felt  that  such  ingestion  would  have  a 
deleterious  effect  on  engine  reliability  and  performance.  This  would  be 
more  severe  for  pump-fed  engines  than  for  pressure-fed  engines.  Further, 
actively  emptying  the  feed  line  serves  no  useful  purpose  since  it  requires 
that  more  propellant  be  put  back  into  the  line  and  thus  may  increase  the 
settling  time.  The  problem  would  not  be  substantially  helped  by  making  the 
feed  line  small  ei  ough  for  capillary  stability  during  settling,  since  for  the 
long  coast  missions,  the  engine  would  again  be  forced  to  ingest  up  to  90  pet. 
of  the  feed  line  volume  of  vapor. 

c.  Recommendations  for  Feed  Line  Operation.  On  the  basis  of  the 
above  arguments,  the  resulting  conclusions  and  recommendations  for  feed 
line  operation  are  summarized  as  follows: 

•  A  prevalve,  although  not  required  thermally,  should  be  incorporated 
in  the  LF2  feed  line  to  retain  propellant  in  the  line  during  zero-g. 
coast. 

•  The  line  should  be  pressure-relieved  at  the  prevalve  with  a  1/4-in.- 
dia.  check  valve  by  by-passing  the  prevalve. 

•  The  prevalve  should  be  opened  during  the  settling  and  the  settling 
time  increased  to  allow  the  feed  line  to  fill  and  chill  down  prior  to 
engine  restart. 

•  The  line  should  not  be  vented  at  the  thrust  structure  end  since  the 
back  pressure  required  would  make  such  a  vent  ineffective  against 
geysering  during  settling. 

•  The  feed  line  should  not  be  actively  emptied  by  pressurization 
during  coast. 

•  The  feed  line  should  not  be  made  smaller  for  capillary  stability 
during  settling. 


•  The  prevalve  closure  should  not  lead  the  propellant  valve  closure 
but  should  be  closed  at  the  same  time. 


Figure  4-20  illustrates  a  recommended  conceptual  design  for  a  combination 
tank  prevalve  and  line  pressure  relief  check  valve  which  would  ,satisfy  the 
above  recommendations.  n. 

(4)  Feed  Line  Restart  Weight  Penalties.  The  weight  penal^yactu- 
ally  incurred  by  settling  the  propellants  prior  to  engine  operation  is  primarily 
a  function  of  the  heat  storage  capacity  of  the  line  and  the  heat  necessary  to 
condense  the  vapor  in  the  line.  The  worst  condition  that  can  arise  is  to  hav«^ 
the  line  achieve  steady-state  conditions  prior  to  engine  operation.  This  \ 
constitutes  the  maximum  heat  storage  condition  for  the  line. 

For  the  LF,  feed  line,  the  maximum  amount  of  thermal  energy  stored 
by  the  line  and  tne  vapor  is  less  than  50  pet.  of  the  energy  required  to  bring 
the  LF2  that  remains  in  the  line  at  steady-state  to  its  saturated  condition. 

That  is,  if  LF?  from  the  tank  is  forced  into  the  line,  the  wetting  of  the  line 
can  be  accomplished  by  using  only  the  thermal  storage  capacity  of  the  liquid 
originally  in  the  line  and  without  vapor  being  forced  into  the  tank.  Thus,  no 
weight  penalty  for  the  LF2  line  would  be  expected  for  refering. 

Since  the  LH2  tank  is  at  its  saturated  conditions,  wetting  the  line  will 
cause  additional  LH2  boiloft.  For  stainless  steel  lines,  the  stored  energy 
amounts  to  10  B.t.  u.  In  addition  to  wetting  losses,  the  fuel  in  the  line  after 
each  firing  is  also  lost.  Therefore,  the  total  penalty  for  the  JLH2  line  is 
0.  2  lb.  of  LH2  boiloff  per  firing.  Figures  4-20,  4-21,  4-22,  and  4-23  show 
the  weight  penalty  versus  time  for  the  various  duty  cycles  for  the  insulated 
stainless-steel  LH2  line. 

3.  Phase  III- -Venting.  Venting  of  flight  vehicle  cryogenic  tanks  may  be 
necessary  to  satisfy  four  individual  requirements: 

•  To  relieve  tank  pressure  during  ground  loading  of  the  propellants. 

•  To  relieve  the  tank  pressure  buildup  as  it  approaches  the  tank 
design  pressure,  as  a  result  of  heating  during  boost  phase  or 
orbiting  flight. 

•  To  act  as  a  safety  device  in  case  of  over-pressurization  during 
engine  operation. 

•  To  permit  blow-down  of  the  tanks  to  condition  the  propellant  {reduce 
propellant  temperature  to  provide  NPSH)  prior  to  engine  operation. 

The  last  three  conditions,  as  they  apply  to  orbiting  operation,  pose  par¬ 
ticularly  difficult  problems  for  the  vent  system  as  they  generally  involve 
venting  under  zero-g.  conditions.  Under  this  environment,  efficient  venting, 
that  is  venting  with  negligible  liquid  loss,  requires  a  reliable  ullage  location 
control  system  or  some  type  of  effective  vapor/liquid  separator  in  addition 
to  the  conventional  vent  and/or  relief  valve  hardware.  Any  venting,  gas  or 
liquid,  represents  a  loss  of  propellant  or  pressurizing  gas  which  is  no  longer 
available  for  useful  work.  The  purpose  of  a  low-heat  leak  propellant  storage 
and  feed  system  is  to  reduce  this  loss  to  the  point  where  the  combined  vent 
loss  and  thermal  protection  system  weight  yield  maximum  stage  performance. 


LIQUID  HYDROGEN  BOIL-OFF  (LB) 


Figure  4*21.  Boiloff  Loss  for  LH2  Feed  Line  (24-hr.  Duty  Cycle) 
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Two  approaches  may  be  taacn  to  the  venting  problem.  The  first  is  to 
design  the  system  and  select  the  operating  conditions  so  that  the  system 
does  not  require  zero-g.  venting*.  This  can  be  done  by  structurally  design¬ 
ing  the  tankage  to  accept  the  pressure  leve"  s  resulting  from  the  propellant 
heating.  With  this  approach,  no  zero-g.  venting  is  required.  The  alternate 
approach  is  to  design  the  system  selecting  operating  conditions  strictly  on 
the  basis  of  optimization  study  conclusions  and  to  design  the  vent  with  an 
appropriate  zero-g.  venting  system,  as  required.  For  this  study,  the  second 
approach  seemed  to  be  the  most  universally  applicable  since  the  ground  rules 
involved  a  rather  large  range  of  base  point  tank  pressures.  Therefore, 
emphasis  was  placed  on  a  system  where  zero-g.  venting  was  a  requirement, 
and  an  evaluation  was  initiated  of  the  techniques  for  achieving  venting  in  a 
zero-g.  mode.  To  logically  accomplish  this,  it  is  necessary  to  have  a 
reasonably  sound  idea  of  what  the  venting  requirements  are  for  various  duty 
cycles  and  tank  pressures.  If  very  precise  accuracy  were  required,  it  would 
have  been  necessary  to  delay  this  work  untit  the  completion  of  ail  the  optimiz¬ 
ation  effort.  This  was  not  practical,  however,  and  it  was  decided  to  estab¬ 
lish  preliminary  venting  requirements  by  generating  pressure  histories  for 
a  limiting  range  of  tank  pressures,  the  ground  duty  cycles,  and  an  approxi¬ 
mate  overall  tank  heat  input  level  which  would  be  representative  of  a  low- 
heat  input  stage  using  HPI.  The  other  phases  of  the  study  had  progressed 
to  the  point  where  this  heat  input  level  could  be  assessed  with  sufficient  accu¬ 
racy  to  identify  the  general  venting  requirements  and  to  allow  comparisons 
of  the  various  zero-g.  venting  approaches. 

a.  Preliminary  Pressure  Histories  and  Venting  Requirements. 

Pressure  histories  were  evaluated  for  the  iZ  ground  rule  duty  cycles  and 
pressures  of  25,  75,  and  250  p,  s.i.  a.  using  the  Douglas  H109  Multistart 
Propulsion  System  Sizing  and  Optimization  computer  program  {see 
appendix  A).  Pressures  were  selected  to  correspond  to  the  anticipated  mini¬ 
mum  tank  pressure  with  a  booster  pump  (25  p.  s.  i.a, ),  the  level  at  which  non- 
vented  tank  operation  was  thought  possible  (75  p.  s.  i.  a. ),  and  the  very 
maximum  pressure  level  (250  p.  s.  i.  a).  The  conditions  assumed  for  the 
pressure  history  computations  are  summarized  in  table  4-11.  The  net 
effects  of  the  insulation  system,  skin  surface  temperatures,  and  line  heat 
shorts  yield  a  net  heat  flux  of  approximately  50  B.t.  u.  p.  hr.  and  36  B.t.  u.  p. 
hr.  to  the  LH2  and  LF2  tanks,  respectively.  The  actual  heat  fluxes  for  the 
optimized  flight  vehicle  were  not  known  at  this  point,  but  should  generally 
be  below  this  value,  except  for  optimized  short-duration  missions.  Therefore, 
the  computed  pressure  histories  can  be  used  to  identify  those  duty  cycles  for 
which  venting  will  be  required  and  the  magnitude  of  the  venting  rates.  The 
resulting  pressure  histories  are  shown  in  appendix  C.  For  the  36  cases 
analyzed,  none  lost  oxidizer  and  15  lost  fuel  as  a  result  of  heating  and/or 
propellant  conditioning  (tank  blowdown)  before  a  burn.  These  cases  are 
^  summarized  in  table  4-12. 

LittIft~p^opellant  is  lose  ar,-  a  result  of  coast  heating  in  the  pressure-fed 
cases,  and  propellant  losses  could  be  reduced  to  zero  by  loading  the  propel¬ 
lant  tanks  at  a  totalprfcS4mre  below  the  run  pressure.  In  fact,  for  a  given 
mission  and  run  pressure/'^lT's^^nks  could  be  loaded  at  a  pressure  such  that 
the  tank  pressure  increases  to  exaStly^h®  run  pressure  at  the  end  of  coast. 


Table  4-11 

ASSUMED  CONDITIONS  FOR  PRESSURE  HISTORY  COMPUTATIONS 


Input 

Duty  cycle 

Pump -fed 

Pres  sure -fed 

LHg  temperature 

All 

36®  R 

37°  R 

LFg  temperature 

-- 

140°  R 

140s  R 

Initial  ullage  percentage 

-- 

5  Pet. 

5  Pet. 

Ambient  He  temperature 
(repressurization) 

•  - 

520°  R 

520s  R 

Heated  He  temperature 

— 

400°  R 

400°  R 

LH2  tank  collapse  factor 

-- 

1.  5 

1.  5 

LF2  tank  collapse  factor 

-- 

1.4 

1.4 

LH2  pump  NPSH 

-- 

2  p.  s.  i.  a. 

-- 

LF2  pump  NPSH 

-- 

5  p.  s.  i.  a. 

-- 

LH2  line  AP 

-- 

1  p.  s.  i. 

3  p.  s. i. 

LF2  line  AP 

-- 

5  p.  s.  i. 

5  p.  s. i. 

LH2  tank  run  pressure 

A-D 

E-K 

21  p.s.i.a. 
21  p.  s.  i.  a. 

120  and  245  p.  s.  i.  a. 

70  and  245  p.  s.  i,  a. 

LF2  tank  run  pressure 

A-D 

E-K 

32  p.  s.  i,  a. 
32  p.  s. i.  a. 

120  and  245  p.  s.  i.  a. 

70  and  245  p.  s.  i.  a. 

LH2  tank  vent  pressure 

A-D 

E-K 

25  p.  s.  i.  a. 
25  p.  s.  i.  a. 

125  and  250  p.  s.  i.  a. 

75  and  250  p.  s.  i,  a. 

LF2  tank  vent  pressure 

A-D 

E-K 

35  p.  s.  i.  a. 
35  p.  s.  i.  a. 

125  and  250  p.  s.  i.  a. 

75  and  250  p.  s.  i.  a. 

In  such  a  case,  there  would  be  neither  a  venting  loss  or  pre -pressurization 
penalty.  More  realistically,  however,  the  mission  will  not  be  defined  at  the 
time  of  loading,  and  this  ideal  situation  cannot  be  guaranteed. 

b.  Assessment  of  Liquid  Venting  Penalties.  An  analysis  was  made  to 
determine  the  weight  penalty  for  uncontrolled  venting  of  liquid  for  the  study 
vehicle  duty  cycles  requiring  venting.  The  analysis  was  based  on  venting 
100  pet.  liquid  all  the  time  and  is  clearly  an  improbable  worst  case.  The 
assumption  is  justified,  however,  since  the  analysis  has  the  objective  of 
showing  (with  numbers)  the  conclusion  that  liquid  venting  positively  cannot 
be  tolerated.  For  five  duty  cycles  where  venting  of  the  LH^  tank  occurred, 
the  weight  penalty  based  on  a  ratio  of  liquid  density  to  vented  vapor  density 
at  the  vapor  partial  pressure  is  summarized.in  table  4-13. 


Table  4-12 

lh2  LOST  BECAUSE  OF  VENTING  (LB. ) 


Duty 

cycle 

V  ent 

pressure 

Coast 

loSS 

Conditioning 

loss 

E 

75 

0.4 

— ,  m 

250 

0.  1 

— 

F 

25 

6.  0 

10.  3 

G 

25 

0.9 

18.  0 

75 

0.  7 

250 

0.6 

— 

H 

25 

-- 

18.  7 

I 

25 

41.4 

31.  1 

75 

3.6 

«... 

250 

2.  8 

— 

J 

25 

51.4 

20.  1 

75 

3.4 

— 

K 

25 

57.  7 

11.6 

75 

18.6 

8.2 

L 

25 

5.8 

...  _  .  ...  _ 

56.7 

Table  4-13 

WEIGHT  PENALTY  FOR  LIQUID  VENTING 


Dufy 

cycle 

^T  ^P*  1*  ) 

Wheating'lb-  > 

^conditioning ^ 

Wtotal<lb-  > 

F 

25 

2,  504 

5,234 

7,738 

H 

25 

-- 

11,622 

11,622 

J 

25 

10,  880 

671 

11,551 

75 

551 

— 

551 

K 

25 

15,  350 

5,207 

20, 557 

75 

2,  919 

1,  313 

4,232 

L 

25 

2,006 

22,660 

24, 666 

Since  the  normal  weight  of  LH£  in  the  tank  is  about  900  lb. ,  it  is  clear 
that  liquid  venting  will  empty  the  tank  in  every  case  but  the  fourth  one.  The 
magnitude  of  the  above  numbers  depends  on  the  assumptions  used  for  the 
pressurization  system,  which  in  these  cases  assumed  heated  (400°R)  He. 


The  numbers  are  so  large,  however,  that  no  pressurization  system  assump¬ 
tion  is  going  to  alter  the  essential  conclusion:  Liquid  venting  is  unacceptable 
and  some  form  of  vent  control  must  be  utilized. 

c.  Study  of  Zero-g.  Venting  Concepts.  Having  determined  that  zero-g. 
venting  ci  theLl^  tank  will  be  required  for  certain  combinations  of  duty 
cycle  and  tank  pressures  and  that  uncontrolled  liquid  venting  is  not  feasible, 
a  study  and  comparison  of  various  zero-g.  venting  systems  was  initiated. 

This  study  consisted  of  selecting  certain  candidate  systems,  generating 
required  performance,  and  weight  data  for  each  concept,  and  then  comparing 
then  on  a  weight  basis  for  a  fixed  set  of  conditions  for  the  venting  require¬ 
ments  determined  above. 

Two  basic  approaches  may  be  taken  to  obtain  controlled  low-g.  venting: 
fluid  phase  separation  and  ullage  position  control.  In  the  phase  separation 
approach,  some  form  of  separator  is  used  to  separate  the  gas  from  the 
liquid  and  ideally  only  the  gas  phase  is  vented.  For  this  study,  two  separa¬ 
tor  concepts  were  selected  for  evaluation:  (1)  a  mechanical  device  using 
centrifugal  force  to  separate  the  different  density  fluids,  and  (2)  a  thermo¬ 
dynamic  liquid/vapor  separator  which  uses  a  throttling  valve  in  conjunction 
with  a  heat  exchanger  using  the  bulk  propellant  as  the  heat  sink. 

In  the  case  of  uUag^Mfation  control,  the  position  of  the  ullage  space  is 
maintained  so  is  always  over  the  vent  valve  during  venting,  thus  pre¬ 

cluding  thfrdWtfEsibilitv  of  significant  liquid  venting.  Three  individual  con- 
ceptfc**rere  evaluated  for  ullage  position  controls:  (1)  a  surface  force  or 
capillary  attraction-type  system,  (2)  an  ullage  rocket  system  which  provides 
a  sufficient  g  force  via  thrust  to  the  vehicle  to  settle  the  liquid  propellant,  and 
(3)  a  dielectrophoretic  system  which  employs  a  nonuniform  electrical  field 
to  preferentially  orient  the  propellants.  In  most  of  these  cases,  it  was 
necessary  to  consider  the  interaction  of  the  settling  system  for  assuring 
liquid  phase  propellants  to  the  engine  during  restart  from  a  zero-g.  con¬ 
dition.  The  following  sections  present  the  basic  data  generated  for  each 
approach. 

(1)  Surface  Force  Concept.  To  control  the  location  of  propellants 
during  periods  of  near  zero-g.  for  purposes  of  venting  or  providing  propel¬ 
lants  at  the  engine  inlets  for  subsequent  restart,  concepts  involving  the  use 
of  capillary  forces  have  been  suggested  (references  4  and  5).  Capillary 
forces  derive  from  the  surface  tension  or  cohesiveness  of  the  liquid  and  are 
relatively  very  6mall,  becoming  important  only  in  the  absence  of  dynamic 
fluid  forces  and  gravitational  forces.  Capillary  forces  are  an  inverse  func¬ 
tion  of  the  system  characteristic  dimension,  which  makes  screens  attractive 
devices  for  utilization  of  the  capillary  forces,  since  screens  can  have  very 
small  dimensions,  yet  still  allow  propellant  flow-through  during  normal- 
gravity  operation. 

This  analysis  investigates  the  potential  of  screens  for  appropriate 
propellant  orientation  for  zero-g.  venting  of  the  stage. 


(a)  Capillary  Stability.  For  screens  used  as  capillary  devices, 
the  stability  of  the  liquid/vapor  interface  supported  by  the  screens  is  the 
governing  criteria  for  sizing  of  the  openings  in  the  screen.  In  a  gravity 
field,  this  stability  criterion  depends  on  the  Bond  number,  which  is  a  meas¬ 
ure  of  the  ratio  of  the  gravitational  forces  to  the  capillary  forces  and  is 
defined  as  follows: 
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B 
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2 

cr* 


(4-1) 


From  reference  5,  for  two-dimensional  screens  of  opening  size  2a  x  2b 
with  b  greater  than  a,  the  interface  is  stable  for  small  disturbances  if 
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which  for  b  approximately  equal  to  a,  gives 
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(4-3) 


Small  disturbance  assumptions  are  not  always  appropriate  for  conditions 
in  a  space  vehicle  propellant  tank  where  external  vibration  and  internal 
sloshing  may  be  present.  In  an  effort  to  determine  the  stability,  criteria 
under  external  vibration  were  analyzed  dimensionally  and  extrapolated  to 
give  the  following  criterion  for  approximately  square  openings  of  dimension  2a: 


a<0.  1135  -----  y  (4-4) 

p  (wxr 

where  w  and  \  are  the  externally  imposed  vibration  frequency  and  amplitude. 
Equation  4-4  is  plotted  in  figure  4-24  for  LH-,,  LF2»  and  at  the  most 
conservative  conditions  of  cr/p,  namely,  for  saturated  EH2  at  50°R,  LF2  at 
221°R,  and  LN2  at  203°R. 

For  comparison,  the  spacing  based  on  equation  4-3  for  g,  and  0.  1  g, 
small  disturbances  are  also  plotted  in  figure  4-24.  Note  that  this  and  sub¬ 
sequent  criteria  are  plotted  as  points  since  they  are  not  functions  of  - 

For  fluids  in  motion,  the  measure  of  interface  stability  is  the  Weber 
number,  which  relates  the  fluid  dynamic  forces  to  the  capillary  forces  as 
follows: 


w  =  0 
e  r 


2  •> 
v  2a 


(4-5) 


Equation  4-5  is  plotted  in  figure  4-24  for  a  Weber  number  of  1,  which  is 
assumed  to  be  the  dividing  line  between  velocity-dominated  and  capillary- 
dominated  forces.  The  velocities  plotted  are  3,  30,  and  212  cm.  p.  s.  or 
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Figure  4-24.  Capillary  Stability  Criteria  for  External  Disturbances 
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0.  1,  1,  and  7  ^p.  s. ,  respectively.  Reference  6  describes  the  sloshing 
conditions  inside  the  Saturn  S-IV  and  S-IVB  tanks,  where  the  fluid  velocity 
does  not  exceed  1  f.  p.  s.  It  is  felt  that  sloshing  conditions  inside  the  smaller 
spherical  and  LH2  tanks  would  be  less  severe,  so  the  region  of 
30  cm.  p.  s.  is  chosen  as  a  conservative  criterion  for  the  sizing  of  the  screen 
openings.  It  should  be  noted  that  this  analysis  assumes  a  wetted  screen.  The 
behavior  of  liquids  sloshing  with  some  velocity  against  a  dry  screen  is  not 
completely  known,  as  noted  below  in  the  conclusions. 

Another  essential  screen  design  criterion  is  the  ability  of  the  screen  to 
support  lateral  pressure  differential  or  head  (parallel  to  the  surface  of  the 
screen).  The  pressure  differential  which  is  supported  by  a  wetted  screen 
is: 


AP  =  g  =  p  h  g  (4-6) 

For  tanks  with  a  diameter  of  6  ft. ,  the  maximum  h  is  about  180  cm. ,  but 
this  would  vary,  depending  on  where  in  the  tank  the  screen  was  located. 
Equation  4-J6  is  plotted  in  figure  4-24  for  an  h  of  180  cm.  for  0.  1  g  .  Note 
that  this  range  brackets  the  30  cm.  p.  s.  velocity  line,  and  it  is  felt^hat  the 
lateral  g's  externally  imposed  by  the  attitude  control  system  would  be  of  the 
order  of  O.Joi  g  or  less.  Thus,  sizing  the  screen  in  this  region  would 
satisfy  botn  the  velocity  and  lateral-head  screen  sizing  criteria. 

(b)  Screen  sizing.  Although  the  screen  opening  size  can  be 
determined  based  on  the' above  criteria,  the  wire  size  necessary  to  support 
the  screen  against  boost  propellant  flow  pressure  drop,  the  screen's  own 
weight,  and  sloshing  propellant  impact  loads  must  also  be  determined.  A 
preliminary  analysis  showed  that  all  the  above  loads  were  essentially  insig¬ 
nificant  and  did  not  size  the  screen  wire.  Instead,  the  opening  size,  together 
with  handling  and  fabrication  limitations,  sized  the  wire.  A  local  screen 
supplier.  City  Wire  and  Iron  Works,  Inc. ,  was  contacted,  and  it  was  found 
that  extremely  fine  filter  meshes  were  available  in  400  mesh.  This  is  made 
of  304  stainless- steel  wire  0.  001  in.  in  diameter  .with  0.0015  in.  square 
spaces  (a  =  1.  9  x  10-3  Cm. ).  This  spacing  design  point  is  plotted  in 

figure  4-24  and  falls  in  the  range  of  30  cm.  p.  s.  velocity  and  0.  1  to  0.  01  gQ 
lateral  head  acceleration.  It  is  felt  that  this  size  screen  is  adequate  for  the 
design  requirements  of  the  stage.  \ 

\ 

(c)  Design  Parameters.  Using  a  400  rrfc^sh  screen  with 
0.  0015-in.  spaces  gives  the  following  velocity  for  stability  with  a  Weber 


number  of  1: 

LH2 

53.1 

qrp.  p.  s. 

i.  77  f.  p.  8. 

LF2 

27.6 

cm.  p.  s. 

0.  92  f.  p.  s. 

LN2 

23.  5 

cm.  p.  s. 

0.  785  f.  p.  s. 
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For  a  velocity  of  30  cm.  p.  a. ,  the  equivalent  Weber  number  is: 


LH2  0. 32 

LF2  1. 18 

LN2  1.63 

For  1  g  (with  small  disturb  nces)  the  Bond  number  for  stability  is  suitably 
small  a8d  is: 

LH2  3.28  x  10“4 

LF2  1.22  x  10“3 

LN2  1.  68  x  10”  3 

The  pressure  drop  through  the  screen  for  propellant  flow  during  boost  is: 

LH2  8.  7  x  10"6  p.  s.i. 

LF2  8.7xl0"5p.s.i. 

LN2  li  1  x  10-5  p.  s.i. 

This  is  quite  insignificant  and  compares  as  follows  to  the  pressure  supported 
by  the  screen: 

LH2  1.33  x  10"2  p.  s.i  0.  485  ft.  of  head 

LF2  7.  04  x  10“2  p.  s.  i.  0.13  ft.  of  head 

LN2  2.  5  x  10”2  p.  s.  i.  0.  095  ft.  of  head 

The  equivalent  lateral  g.-load  for  a  180  cm.  head  which  can  be  supported 
by  the  screen  is: 

LH2  0,  0632  gQ 

.LF,  0.  0208  g 

LN-  0.  0152  g 

2  6o 

(d)  Conclusions.  Screens  of  requisite  fineness  are  com¬ 
mercially  available,  are  lightweight,  and  render  the  capillary  force  concept 
feasible  but  present  a  number  of  unresolved  problems,  as  follows: 

•  Unknown  behavior  of  moving  fluid  which  encounters  a  dry  screen. 

•  Keeping  the  screen  wet  at  all  times  so  that  capillary  forces  are 
present;  and  the  problem  of  heat  transfer  into  the  screen  with 
subsequent  drying  out  of  the  screen. 

•  Compatibility  of  fine  screens  with  high  surface-to-weight  ratios 
with  LF2. 


(2)  Mechanical  Vapor-Liquid  Separator.  A  mechanical  vapor/ 
liquid  separator  has  been  considered  as  a  metnod  of  ensuring  all  vapor  vent¬ 
ing  in  zero-g.  This  device  is  a  rotating  machine  which  centrifugally  sepa¬ 
rates  vapor  and  liquid  by  density  difference,  as  shown  in  figure  4-25.  The 
device  may  be  self-powered  (i.  e. ,  expand  the  vented  vapor  through  a  turbine 
which  powers  the  separator),  or  it  may  be  externally  powered,  for  example, 
by  an  electric  motor  and  batteries. 

Pesco  designed  such  a  separator  (see  reference  7)  to  be  used  on  the 
Saturn  V/S-IVB  to  meet  the  following  performance  requirements: 


• 

Weight: 

15  lb. 

• 

Separation  efficiency: 

100  pet.  of  inlet  mixtures  up  to  99  pet. 

liquid  by  weight. 

• 

Flow  rate: 

6  lb.  p.  sec.  of  GH^  at  38  p.  s.i.  a.  and  43°R, 

• 

Pressure  drop: 

2  p.  s.  i.  a.  maximum. 

Note  that  the  conditions  for  Saturn  include  a  high-vent  rate,  and  thus  a 
large  vent  valve,  which  favors  the  use  of  such  rotating  machinery.  On  the 
other  hand,  the  allowable  pressure  drop  is  very  small,  which  restricts  the 
design  of  the  turbine. 

The  results  of  analysis  and  testing  of  this  device  for  the  Saturn  showed 
that  separation  efficiencies  of  100  pet.  were  not  possible,  and  that  there  was 
insufficient  gas  energy  at  high  liquid  qualities  to  drive  the  turbine  and  effect 
separation  (in  other  words,  high-quality  liquid  drowned  the  turbine).  For 
the  self-powered  separator,  the  estimated  performance  was: 


• 

Weight: 

25  lb. 

• 

Separation  efficiency: 

90  pet.  for  inlet  qualities  of  up  to  75  pet. 
providing  the  droplet  diameters  are  greater 
than  0.  1  in. 

• 

Plow  rate: 

design. 

• 

Pressure  drop: 

about  3  p.  s.  i.  a.  minimum. 

It  was  then  proposed  to  externally  power  the  design  for  the  Saturn  to 
obtain  the  required  performance  (see  reference  7).  The  estimated  perform¬ 
ance  for  an  electrically  powered  separator  was: 

• 

Weight: 

217  lb.  (separator-25  lb.;  batteries -165  lb. 
miscellaneous  electrical  equipment-27  lb. ) 

• 

Separation  efficiency: 

80  pet.  for  inlet  qualities  up  to  90  pet. 

• 

Flow  rate: 

design. 

• 

Power  required: 

0.  9  hp. 

Figure  4-25.  Mechanical  Liquid/VaporSeparator 
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The  applicability  of  such  a  device,  either  self  or  externally  powered,  to 
the  RPL  study  vehicle  system^is  very  questionable  for  the  following  reasons: 

•  The  probable  steady- state  rate  for  the  study  vehicle  is  at  least  three 
orders  of  magnitude  below  that  for  Saturn,  which  makes  the  rotating 
machinery  virtually  impossibly  small  in  size. 

•  It  may  be  possible  to  use  such  equipment  for  high  flow-rate  blow¬ 
down  venting,  but  the  weight  penalty  would  be  severe,  since  the 
vehicle  blow-down  rate  is  higher  than  the  Saturn  steady-state  rate. 

(3)  Thermodynamic  Vapor/ Liquid  Separator.  A  thermodynamic 
process  vapor/liquid  separator  has  been  described  in  the  literature  (refer¬ 
ence  8)  and  uses  the  propellant  tank  pressure  potential,  the  propellant  heat 
capacity,  and  a  heat  exchanger  to  effect  conversion  of  liquid  to  vapor 
before  venting,  thus  assuring  only  vapor -phase  venting.  The  operation  of 
the  system  is  shown  in  figure  4-26,  and  is  as  follows:  saturated  liquid  at 
condition  A  enters  the  vent  system  and  is  expanded  to  a  much  lower  pressure 
and  temperature  (condition  B)  through  a  vent  valve  or  regulator.  This  two- 
phase  mixture  enters  the  heat  exchanger  tubing  (which  is  immersed  in  the 
vapor  and  liquid  in  the  tank),  where  heat  is  transferred  to  the  mixture 
because  of  the  temperature  difference  between  the  cold  mixture  in  the  tube 
and  the  warm  liquid  and  vapor  in  the  tank.  This  heat  is  transferred  essen¬ 
tially  isothermally  (path  B  to  C),  until  the  mixture  in  the  tube  reaches  a 
condition  C  with  enthalpy  equal  to  that  of  saturated  vapor  at  tank  conditions 
(condition  D).  This  vapor  at  condition  C  is  then  vented  from  the  tank  and 
vent  system  through  a  second  regulator  that  maintains  the  low  pressure  in 
the  heat  exchanger  tubing. 

Ncie  that  for  steady-flow  operation,  the  system  composed  of  the  tank 
an'1  vent  system  always  discharges  only  vapor  with  enthalpy  equal  to  or 
grtater  than  that  of  saturated  vapor  at  tank  conditions,  regardless  of  whether 
liquid  or  vapor  enters  the  vent  system.  Thus,  the  vent  system  effectively 
separates  vapor  and  liquid,  venting  only  vapor,  and  is  thus  called  a  thermo¬ 
dynamic  vapor/liquid  separator.  It  would  be  more  appropriate  to  call  the 
system  a  liquid/vapor  converter,  since  that  is  the  system's  real  function. 

In  any  event,  the  system  theoretically  obviates  the  problem  of  inefficient 
liquid  venting  under  zero-g.  conditions,  and  will  be  analyzed  below  for 
applicability  to  the  study  vehicle  system. 

(a)  Analysis.  For  steady  heat  leak  to  the  propellant  tank 
and  thus,  for  steady  vent  flow,  the  requisite  heat  transfer  to  the  fluid  flowing 
in  the  heat  exchanger  tubing  is: 

q  =  w  A  H  =  U  *  D  L  A  T  (4-7) 


For  the  worst  case  of  100  pet.  saturate,  'iquid  entering  the  heat 
exchanger  tubing  then  AH  must  be  at  least  I  '  and  if  the  expansion  shown 
in  figure  4-26  from  A  to  B  is  isentropic  (the  worst  case),  then  additional 
enthalpy  is  required, 


TdS  =  dH 


vdP 

T~ 


o 


(4-8) 


6! 


Figure  4-26.  Thermodynamic  Liquid/Vapor  Separator 


or 


dH  = 


(4-9) 


and  therefore,  the  maximum  AH  required  is: 

VAP 

H  =  H,  +  -~- 
fg  J 


(4-10) 


where  AP  is  the  pressure  drop  from  P,~  to  P  (path  A  to  B')  and  vis  evaluated 
at(Pj  +  P)/ 2.  For  the  case  where  heat  transfer  to  the  tube  from  the  sur¬ 
rounding  vapor  is  considered,  and  assuming  a  concentric  cylinder  of  vapor 
of  diameter  Drt,  then  the  heat  transfer  to  the  tube  is  as  follows: 


Zrtk  L 

*  =  ’finrTff  *To 


(4-11) 


and  therefore,  the  overall  heat-transfer  coefficient  (if  conduction  in  the 
metal  tube  is  ignored)  is  given  by: 


~Ik 


(4-12) 


In  order  to  determine  hi,  the  nature  of  the  flow  in  the  tubing  must  be 
considered.  For  the  case  of  cryogenic  liquids  or  vapors,  the  viscosity  is 
extremely  low,  and  thus  the  Reynolds  number  is  high  and  the  flow  turbulent 
even  for  extremely  low  flow  rates.  Assuming  incompressible  turbulent  flow 
in  smooth  tubes,  the  friction  factor  over  a  range  of  Reynolds  numbers  from 
2,  000  to  200,  000  (reference  9)  and  is  given  by  the  following  expression: 


_  0. 184 
e 


(4-13) 


The  heat  transfer  in  a  tube  is  related  to  the  friction  in  the  tube  by  the 
following  Reynolds  analogy: 


St  C  = 


Nu 

FT 

e  r 


C  -  — 
C  8 


(4-14) 


The  Darcy-Weisbach  form  (see  equation  4-18). 


where  C  i*  an  experimentally  determined  constant  to  account  for  Prandtl 
number  effect*  and  change*  in  heat  tran*fer  because  of  the  presence  of  two- 
phase  flow.  Therefore* 


h.  D 
Nu  =  -i— 


.023  R  0,8 


k.  P 

hi  '  ITT  *023  R© 


and  the  overall  heat-transfer  coefficient  can  now  be  written 


(4-15) 


(4-16) 


P  k.  .023  R  u* 
r  i  e 


Substituting  equations  4-10  and  4-16  into  equation  4-7  results  in  the 
following  expression: 


*<Hfg+^>  = 


DJL  AT 
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Thus,  we  have  the  result  that  except  as  D  appears  in  D  /D  and  the 
Reynolds  number ,  the  length  is  independent  of  the  diameter? 

/  „4.i.Tn  the  diar?®*er;  the  pressure  drop  in  the  heat  exchanger  tubing 

(path  B  to  C  m  figure  4-26)  will  be  evaluated,  and  ignoring  momentum  losses, 
entrance  and  exit  losses,  and  so  forth,  the  frictional  pressure  drop  is  given 
by  the  following  expression: 


P.Pe  =  ,f£pV_ 


(4-18) 


where  0  is  an  experimentally  determined  constant  (or  function)  to  account  for 
variations  due  to  the  presence  of  two-phase  flow.  For  liquids  and  gases, 
v  I.  Substituting  equation  4-13  and  the  continuity  equation 


w  =  p  A  V  =p 


V 


(4-19) 


into  equation  4-18  giv^s 


is  of  interest. 


For  cryogenic  fluid*,  C/Pr  <  1,  and  kj  is  fairly  small.  However,  the 
Reynolds  number  i*  large  enough  to  be  turbulent,  so  the  term  above  is  likely 
to  be  quite  small  compared  to 


D  /D 
o 

~T*7 


for  reasonably  large  values  of  D0/D.  For  example,  even  for  D0/D  =  2,  and 
a  vent  flow  rate  of  1  lb.  p.  hr. ,  the  above-noted  term  is  only  about  3  to  4  pet. 
of  the  conductive  diameter  ratio  term.  Therefore,  for  the  moment  it  is 
ignored.  Further,  for  all  cryogenic  fluids  (except  near  the  critical  point)  or 
for  an  isenthalpic  process  from  A  to  B  in  figure  4-26,  the  term  VAP  is  very 
small  compared  to  Hfg  and  also  will  be  ignored.  Thus  ** 
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Note  that  the  AT  in  equation  4-23  is  the  temperature  difference  from  A 
to  B  in  figure  4-26  (a  conservative  assumption  based  on  a  fairly  small  pres¬ 
sure  drop  in  the  tube  from  B  to  C).  This  temperature  difference  is  related 
to  the  pressure  drop  from  A  to  B  based  on  the  properties  of  the  fluid,  thus; 

AT  =  function  AP  =  function  (P^,  -  P)  (4-24) 

Therefore,  equation  4-23  reduces  to: 

,  1/4.  8 r  .  -15.8/4.8 

Wh«*  =  Constant  ip-p-)  [function  (f»T  -  PT]  <4' 251 

Clearly,  as  P  gets  larger,  the  diameter  decreases,  and  the  length 
increases,  and  if  P  gets  smaller,  the  reverse  occurs.  Therefore,  there 
must  be  some  value  of  P  at  which  the  weight  of  the  .ubing  is  a  minimum. 

To  determine  this  P  value,  the  functional  relationship  between  pressure  and 
temperature  must  be  determined  or  postulated.  Examination  of  vapor  pres¬ 
sure  curves  for  cryogenic  propellants  shows  that  over  a  wide  range  of  con¬ 
ditions  (away  from  the  critical  point)  the  pressure  and  temperature  are 
related  by:  *• 


T  =  a  Pb 


(4-26) 


and  equation  4-25  becomes: 
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(4-27) 


Examination  of  the  variables  in  the  Constant  shows  that  they  are  all  depend¬ 
ent  on  either  P-p  or  Pe  which  are  assumed  known,  and  thus  are  independent 
of  P  or  essentially  constant.  Differentiating  with  respect  to  P  and 

equating  to  zero  gives; 
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(4-28) 


Thus,  solving  for  P  for  any  condition  of  Pj  and  P  gives  the  minimum 
weight  system,  and  will  give  the  heat  exchanger  length,  diameter,  and  weight 
based  on  equations  4-11,  4-14,  and  4-16. 


Dai  captions  for  Specific  Applications. 

For  the  propel- 

lants  of  interest  for  the  study  vehic’e- 
sure  and  temperature  are  assumed  as 

the  relationships  between  vapor  pres- 
iollows: 

LR2: 

,a  1  (jr, 

T  =  21.  9  P°' 

(4-29) 

LN2: 

T  =  96  P°*  135 

(4-30) 

LF2: 

T  =  109  P°*  123 

(4-31) 

The  optimum  tube  entrance  pressure  P  for  minimum  weight  is  plotted  as 
a  function  of  tank  pressure  Pj  with  exit  pressure  Pg  as  a  parameter  for  LH£, 
and  LF£  in  figures  4-27,  and  4-28.  The  tank  pressures  chosen  for  the  study 
are  those  for  which  venting  is  most  likely  to  be  required,  namely:  75  p.  s.  i.  a. 
for  the  pressure-fed  case,  and  21  p.  s.  i.  a  (LH£  tank)  and  32  p.  s«  i.  a.  (LN2, 
LF2  tank)  for  the  pump-fed  case  (with  boost  pumps).  The  choice  of  exit 
pressure  is  more  difficult:  clearly  the  lower  the  exit  pressure,  the  lower 
the  weight,  with  the  minimum  occurring  if  Pg  is  set  at  the  triple  point  pres¬ 
sure.  Practically,  of  course,  the  exit  regulator  would  be  set  somewhat 
above  the  triple  point  so  that  local  low-pressure  regions  in  the  regulator 
would  not  cause  icing  inside  the  regulator.  If  the  question  of  testing  and 
checkout  of  such  low-pressure  (vacuum)  regulators  is  considered,  it  may 
prove  desirable  to  set  the  regulator  to  a  value  as  high  as  15  p.  s.  i.  a  for  ease 
of  testing.  To  obtain  conservatively  high  weights  for  the  study  vehicle,  and 
for  ease  of  computation,  the  exit  pressure  will  be  arbitrarily  set  at 
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15  p.  8t  i.  a.  for  the  calculations  which  follow,  even  though  this  severly 
penalizes  the  low-pressure  EH  2  system. 

It  is  felt  that  a  value  of  the  conductive  diameter  ratio  equal  to  1 
(In  ®o/D  =  0)  is  of  academic  interest  as  the  lower  limiting  value  for  infinite 
heat  transfer  in  the  tank,  but  is  of  little  practical  interest.  Therefore  the 
conductive  diameter  ratios  of  2  and  100  have  been  selected  as  reasonable 
practical  limits,  and  thus  the  dependence  of  the  heat  transfer  on  the  inside 
heat  transfer  coefficient  has  been  ignored.  The  tubing  diameter  has  been 
parameterized  to  include  0  and  it  is  seen  that  because  of  the  small  power 
on  t'  the  diameter  is  relatively  insensitive  to  changes  in  0.  For  purposes 
of  calculating  the  weight  of  the  tubing  for  the  heat  exchanger,  0  was  arbi¬ 
trarily  set  at  1.0,  and  the  weights  were  based  on  aluminum  tubing  with 
0.01  in.  wail  thickness.  This  minimum  wall  thickness  provides  sufficient 
strength  up  to  diameters  of  nearly  l  in.  for  the  high-pressure  cases. 

The  tubing  length,  diameter  ^parameter,  and  weight  as  a  function  of  vent 
flow  rates  are  plotted  in  figures  4-29,  4-30,  and  4-31  for  the  high  pressure 
(75  p.  s.  i.  a)  cases,  and  in  figures  4-32,  4-33,  and  4-34  for  the  low-pressure 
cases.  The  variations  in  tubing  weight  as  a  function  of  conductive  diameter 
ratio  for  a  vent  flow  rate  of  1  lb.  p.  hr.  are  shown  in  figure  4-35  for  all 
cases. 


All  previous  computations  have  assumed  that  the  tubi  r  -s  completely 
covered  by  vapor  in  the  propellant  tank.  If  some  portion  is  covered  by 
liquid,  the  required  heat  exchanger  length  and  thus  weight  are  less  due  to 
the  increased  conductivity  of  the  liquid.  Conservative  design  would  be  based 
on  all  vapor,  unless  the  tank  design  was  such  that  some  portion  of  the  tube 
was  positively  submerged  in  liquid.  Figure  4-36  shows  the  reduced  weight 
possible  with  increasing  amounts  of  liquid  covering  the  tubing  for  LH2 • 


Off-Design  Performance.  The  preceding  analysis  has 
been  based  on  assumptions  of  steady-flow,  steady-state  heat  transfer,  and 
100  pet.  saturated  liquid  entering  the  heat  exchanger  tubing  and  being  con¬ 
verted  to  100  pet.  saturated  vapor.  The  question  arises  as  to  the  perform¬ 
ance  of  the  system  should  saturated  vapor  enter  the  heat  exchanger.  For 
100  pet.  saturated  vapor  entering  the  system,  the  process  will  be  along 
path  D-C-E  in  figure  4-26,  with  E  being  at  a  temperature  somewhat  below 
the  temperature  of  the  tank.  The  pressures  in  the  system  will  be  essen¬ 
tially  the  same,  but  because  of  increased  temperature,  the  superheated 
vapor  at  E  has  a  lower  density  than  the  saturated  vapor  at  C.  This  means 
the  flow  rate  through  the  second  regulator  will  be  less  for  fluid  at  condition 
E,  and  thus,  for  100  pet.  saturated  vapor  entering  the  system,  the  vent  flow 
rate  will  be  reduced.  However,  the  enthalpy  of  the  vent  flow  at  condition  E 
is  greater  than  that  at  C,  and  this  will  compensate  for  the  reduced  flow  as 
follows:  the  ratio  of  the  existing  heat  flux  obtained  with  condition  E  to  that 
required  at  condition  C  is: 
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gure  4-30.  Thermodynamic  Separator  Diameter  Parameter  as  a  Function  of  Vent  Flow  Rate 


[  igure  4-31.  Thermodynamic  Separator  Tubing  Weight  as  a  Function  of  Vent  Flow  Rate 


Thermodynamic  Separator  Length  as  a  Function  of  Vent  Flow  Rate 


Figure  4-33.  Thermodynamic  Separator  Diameter  Parameter  as  a  Function  of  Vent  Flow  Rate  for 
Tank  Pressures  of  21  and  32  p.s.i.a. 


Figure  4-34.  Thermodynamic  Separator  Tubing  Weight  as  a  Function  of  Vent  Flow  Rate  for 
T ank  Pressures  of  21  and  32  p.s.i.a. 


CONDUCTIVE  DIAMETER  RATIO  {Dq/D) 


Figure  4-35.  Thermodynamic  Separator  Tubing  Weight  as  a  Function  of  Conductive  Diameter  Ratio 


Assuming  choked  flow  of  a  perfect  gas,  for  the  vapor  at  C  and  the  super¬ 
heated  vapor  at  E,  the  following  e  pression  holds: 


and  thus: 
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For  the  LH2  system  at  75  p.  s.i.  a  and  21  p.  s.  i.  a,  respectively,  the 
ratio  of  equation  4-34  is  1.  059  or  i.  043,  which  implies  that  sufficient  energy 
is  vented  under  any  condition  of  liquid  or  vapor  entrance.  * 


A  very  real  problem  is  posed  by  the  possibility  of  restrictive  vapor  flow 
at  the  first  regulator,  rather  than  at  the  second  regulator.  If  the  regulator 
orifice  is  sized  for  the  proper  flow  rate  of  high  density  liquid,  it  will  not 
pass  the  required  amount  of  low-density  vapor.  The  solution  to  this  problem 
is  found  by  considering  a  real,  practical  vent  system.  Such  a  system  typi¬ 
cally  enploys  a  vent  valve  which  cracks  at  vent  pressure  and  reseats  at  some 
lower  pressure.  Such  a  valve  is  not  normally  continuously  open  (or  chatter¬ 
ing),  but  opens  and  closes  in  a  cyclic  manner.  The  above  problem  is  solved 
by  designing  the  vent  valve  and  system  to  a  valve  open  time/total  time  ratio 
based  on  venting  100  pet.  vapor  at  design  flow  rate.  Then,  if  liquid  enters, 
the  valve  open  time /total  time  ratio  simply  decreases  in  the  ratio  of  the 
vapor-to-liquid  density.  Therefore,  the  valve  when  venting  liquid  at  high 
flow  rate  will  just  not  be  open,  as  long. 


The  efficacy  of  the  above  solution  is  strongly  dependent  on  the  response 
time  of  the  vent  system.  The  true  response  time  of  a  vent  system  is  a 
highly  complex  function  of  the  design  of  vent  valve,  tankage,  duty  cycle,  and 
so  forth,  and  is  not  susceptible  to  analysis  in  a  general  manner.  There  are, 
however,  a  number  of  characteristic  times  associated  with  the  operation  of 
the  thermodynamic  separator  which  provide  valid  indications  of  the  relative 
response  of  the  system.,  The  first  of  these  times  is  the  average  stay  time 
of  the  vented  liquid/vapor  in  the  heat  exchanger  tubing.  This  time  is  given 
by  the  expression: 
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The  shortest  stay  time  corresponds  to  a  valve  of  p  equal  to  that  for  vapor, 
which  is  conservative,  since  the  average  density  for  the  liquid  entrance  case 
will  be  somewhat  higher  because  of  the  liquid  present  at  condition  B  in 
Figure  4-26.  The  stay  time  is  plotted  verus  conductive  diameter  ratio  for 
a  vent  flow  rate  of  1  lb.  p.  hr.  for  both  high  and  low  pressure  for  LH2,  and 
LF2  in  figures  4-37  and  4-38. 
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as  a  Function  of  Conductive  Diameter  Ratio  for  LH2 


TRANSIENT  CONDUCTION  TIME 
TO  OBTAIN  NOTED  PT  DECAY 


Thermodynamic  Separator  Response  Time  as  a  Function  of  Conductive  Diameter  Rai 


A  more  important  characteristic  time  associated  with  the  system  is  the 
time  between  opening  of  the  vent  valve  and  ullage  pressure  collapse  to  the 
vent  valve  reseat  pressure.  This  time  is  essentially  the  transient  heat- 
transfer  time  from  the  tube  to  the  tube's  region  of  influence  characterized  by 
the  conductive  diameter  ratio.  The  model  for  heat  transfer  is  as  follows: 
a  region  is  initially  at  a  constant  temperature  and  is  bounded  internally  by  a 
cylinder  of  radius  a,  which  is  maintained  at  some  other  constant  temperature, 
(Ta)  when  time  equals  zero.  Assuming  that  all  heat  transfer  b'.kes  place  by 
conduction  (do  convection  or  radiation,  reasonable  for  zero-g,  and  cryogenic 
temperatures),  the  diffusive  time  constant  ( R  t/a^)  is  related  to  the  tempera¬ 
ture  penetration  into  the  region.  Reference  11  contains  a  solution  to  this 
problem,  and  relates  (R  t/ar’)  to  the  temperature  ratio  (Tr /Ta)  and  the  con¬ 
ductive  diameter  ratio  (D  /D).  The  temperature  ratio  required  is  that 
temperature  drop  which  ^Lll  give  a  pressure  decay  to  the  vent  valve  reseat 
pressure.  It  is  assumed  that  if  this  temperature  decay  occurs  in  a  volume 
around  the  tube  that  is  equal  to  half  the  volume  of  influence  described  by  the 
conductive  diameter  ratio,  then  this  is  sufficient  to  effect  the  required  pres¬ 
sure  collapse  in  the  entire  volume  of  influence.  The  pressure  difference 
between  vent  valve  crack  and  reseat  are  assumed  at  the  following  typical 
values  for  the  purpose  of  this  analysis: 

For  PT  =  75  p.  s.  i.  a. ,  AP  =  3  p.  s.i.  a.  (4  pet. ) 

P^,  =  32  p.  s.  i.  a. ,  A P  =  2  p.  s.i.  a.  (6.  25  pet. ) 

PT  =  21  p.  s.  i.  a. ,  AP  =  1  p.  s.i.  a.  (4.  76  pet. ) 

Based  on  the  appropriate  temperature  drop  to  give  the  above  AP,  and  the 

analysis  of  section  13.  5  of  reference  6,  values. of  Kt/a^  can  be  found  for 
various  conductive  diameter  ratios.  The  conductive  transient  time  t  , 
based  on  Rt/a  ,  is  plotted  as  a  function  of  the  conductive  diameter  ration  in 
the  high  and  low  pressure  cases  for  L#H 3*  and  LFg  in  figures  4-37  and  4-38. 

It  should  be  noted  that  the  model  assumed  is  a  good  approximation  for  the 
case  of  the  initial  vent,  when,  after  a  long  coast  time  without  venting,  the 
tube  and  its  surroundings  are  in  thermal  equilibrium.  When  the  vent  valve 
first  opens  the  tube  becomes  very  cold  at  t  =  0,  because  of  the  high  inside 
heat  transfer  coefficient.  Note  that  the  initial  response  time  of  th  system  is 
the  sum  of  the  average  stay-time  (ts)  and  the  conductive  transient  time  (tc) 
and  that  this  is  strongly  dependent  on  the  conductive  diameter  ratio.  The 
response  time  of  the  system  subsequent  to  the  first  vent  is  unknown  due  to 
the  extreme  complexity  of  the  temperature  distribution  around  the  separator 
tube,  but  will  be,  in  general,  less  than  the  initial  response  time.  The  initial 
vent  response  is  the  critical  case,  and  realistic  vent  design  will  be  based  on 
it. 

To  evaluate  the  significance  of  the  response  times  shown  they  must  be 
compared  to  the  time  rate  of  pressure  buildup  in  the  tank.  This  time  rate 
of  pressure  buildup  is  dependent  on  details  of  tankage  design,  amount  of 
ullage  at  time  of  venting,  and  vent  system  design  and  cannot  be  evaluated 
at  this  time.  However,  the  possible  consequences  of  this  pressure  buildup 


time  can  readily  be  estimated.  In  order  to  cope  with  a  fairly  rapid  pressure 
buildup  time,  the  designer  may  be  forced  to  design  the  system  to  give  a  low 
conductive  diameter  ratio  (see  figure  4-37).  To  physically  obtain  such  a 
diameter  ratio  within  a  given  tar.’.ege  geometry,  a  much  greater  length  of 
tubing  may  be  required  than  is  specified  by  steady -state  heat-transfer  con¬ 
siderations.  Thus,  transient  conditions  may  size  the  heat  exchanger  and  lead 
to  much  greater  weight  penalties. 

Conclusions.  The  following  conclusions  may  be  reached 
from  the  above  discussion: 

•  For  the  low  vent  flow  rates  anticipated  for  the  study  vehicle  (of  the 
order  of  0.  2  lb.  per  hr.  )  the  parametric  weight  curves  would 
indicate  heat  exchanger  weights  of  0.  5  lb.  to  8  lb.  which,  in  absolute 
values  are  low  relative  to  any  venting  system.  Therefore,  the 
thermodynamic  separator  appears  to  be  very  promising  on  this  basis. 
The  presented  parametric  data  will  be  used  in  a  detailed  comparison 
study  at  the  end  of  this  phase  to  establish  detailed  weight  com¬ 
parisons  of  the  various  systems. 

•  Detail  design  of  the  system  to  obtain  the  necessary  low  conductive 
diameter  ratios  strongly  affects  the  system  performance  and  weight. 

•  Transient  system  response  appears  to  be  the  governing  criterion 
for  practical  system  application.  This  criterion  will  be  further 
evaluated  in  the  system  comparison  stage,  when  vent  rates,  initial 
vent  and  ullage  conditions,  tankage  design,  and  duty  cycle  will  be 
more  concretely  specified. 

(4)  Ullage  Rocket  Settling.  The  application  of  ullage  rockets 
to  settle  propellant  to  the  bottom  of  the  tank  is  relatively  straightforward 
although  some  of  the  design  criteria  for  a  system  of  this  type  are  at  present 
uncertain.  The  required  settling  t.'me  for  this  system  is  a  function  of  the 
thrust  level  applied,  the  gross  weight  at  the  time  of  settling  and  the  ratio  of 
tank-to -propellant  volume.  The  relationship  of  these  parameters  is  illus¬ 
trated  by  figure  4-39.  By  using  this  information  and  making  assumptions 
regarding  specific  impulse,  the  relationship  between  thrust  and  settling  time 
can  be  evaluated  with  respect  to  the  specific  ground  rule  duty  cycles,  as 
shown  in  figure  4-40.  The  time  shown  represents  the  total  burning  time 
requ?  ed  to  settle  propellant  for  all  the  burns.  Thus,  the  more  burns  the 
longer  the  required  settling  burn  time  for  a  given  thrust.  In  examining  the 
two  different  two -burn  cases,  it  can  be  seen  that  the  80/20  burn  case  (duty 
cycles  A,  F,  and  k)  require  a  slightly  longer  time  than  the  50/50  burn  cases 
(duty  cycles  B  and  J)  because  more  time  is  required  to  settle  a  small  amount 
of  propellant  across  the  complete  tank.  Having  the  required  total  settling 
times,  it  is  then  possible  to  predict  the  settling  weight  penalty  as  a  function 
of  settling  thrust  for  an  assumed  settling  motor  specific  impulse.  (See  fig¬ 
ure  4-41’,.  In  this  case  290  sec.  I  was  taken  for  the  settling  motor  perform¬ 
ance  assuming  that  a  storable  propellant  attitude  control  system  motor  would 
be  used  for  this  purpose.  Figure  4-41  assumes  that  the  settling  force  is 
always  such  that  it  will  produce  useful  AV  for  the  subsequent  burn.  There¬ 
fore,  the  penalty  is  proportional  to  the  difference  between  main  engine  and 
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me  as  a  Function  of  Acceleration 


Figure  4-41.  Settling  Weight  Penalty  as  a  Function  of  Settling  Motor  Thrust 


ullage  motor  Igp.  For  coast  venting  this  assumption  may  not  be  true  and  the 
system  must  be  ^designed  on  the  basis  that  the  effective  coast- venting  AV  is 
always  in  the  opposite  direction  to  that  required  for  the  next  burn.  The  burn 
time  and  weight  penalties  for  this  mode  of  operation  are  shown  in  figures  4-42 
and  4-43.  The  corresponding  ullate  rocket  system  weight  jjenalties  for  re- 
pressurization  are  shown  in  figure  4-44.  In  this  case,  it  is  again  assumed 
that  the  AV  for  settling  during  this  time  are  additive  to  the  subsequent  burn 
AV. 

In  all  of  the  above  presented  results,  it  was  assumed  that  the  attitude 
control  system  already  on-board  the  vehicle  would  be  used  for  settling,  and 
no  additional  engine  weight  was  included  in  the  computer  weight  penalties. 

(5)  Dielect  ropho  re  tic  Propellant  Orientation.  Several  years  ago 
Douglas  originally  proposed  the  idea  of  applying  dielectrophoresis  to  the 
orientation  of  propellants  in  a  low  gravity  environment.  The  basic  principle 
here  is  that  a  continuous  dielectric  fluid  existing  in  a  non-uniform  electrical 
field  will  be  subjected  to  a  net  force  in  the  direction  of  increasing  field 
strength.  Cryogenics,  particularly  are  good  dielectric  fluids,  and  if 

a  properly  designed  electrode  configuration  is  provided  inside  the  propellant 
tank  and  a  voltage  applied  across  the  system,  the  resulting  forces  can  be 
used  to  control  the  position  of  the  contained  liquid  in  low-g  environments.  A 
wide  variety  of  experiments  have  been  conducted  by  Douglas  under  Independent 
Research  and  Development  Programs  (see  references  10,  11,  and  12)  and 
by  others  (references  13,  14,  and  15)  to  indicate  that  such  a  concept  is 
feasible. 

As  discussed  in  detail  in  reference  13,  the  total  volume  force  Ty,  on  a 
dielectric  liquid  with  no  discontinuities  in  an  electric  field  is 


F  = 
v 


-i 


EZV  K  + 


(4-36) 


where  =  electric  charge  density 

E  =  electric  field  intensity 
*  =  capacity 
K  =  dielectric  constant 
P  =  mass  density 


9 


TOTAL  SETTLING  AND  VENT  (BURN)  TIME  (SEC) 


Figure  4*42.  Ullage  Rocket  Burn  Time  for  Venting  as  a  Function  of  Ullage  Rocket  Thrust 


WEIGHT  PENALTY  (LB) 


Figure  4-43.  Ullage  Rocket  Weight  Penalty  for  Venting  as  a  Function  of  Ullage  Rocket  Thrust 


WEIGHT  PENALTY  (LB) 


The  first  term  is  the  force  exerted  on  free  charges,  the  second  term  is 
the  force  exerted  because  of  the  inhomogeneity  of  the  liquid,  and  the  last 
term  denotes  the  dielectrophoretic  effect  on  the  body  in  the  non-uniform  field. 
The  following  assumptions  are  made:  (1)  for  dielectric  fluids  Cp  =  <K- 1 ) / 
(K+2),  where  C  is  a  constant  for  a.  particular  fluid;  (2)  for  ideal  gases  the 
free  charge  is  negligible  (p  =  0)  ;  and  (3)  the  liquid  is  homogeneous.  The 
above  equation  reduces  to  e 


JK-UJK+2) 


(4-37) 


Thus  the  force  depends  on  the  square  of  the  field  intensity  and  is  in  the 
direction  of  increasing  strength.  The  above  equation  may  be  expressed  in 
terms  of  the  effective  g.  per  unit  volume  of  liquid: 


a  _  €0  (K-l)  (K+2)  E2 


6  P  g 


(4-38) 


For  two  co-axial  cylindrical  electrodes,  with  radii  r^  and  r0,  the 


voltage  distribution,  neglecting  end  effects  is: 


r2’ 


Vln  r/r2 
^  ~  In  t1/t2 


(4-39) 


Combining  the  last  two  equations,  the  resulting  g.  level  throughout  the 
liquid  is: 


a  _  *0  (K-l)  (K+2)  V2 
g  3  pg  (In  r2)2  r3 


(4-40) 


For  example,  with  radii  of  rj  =  0.  1  and  r£  =  0.  5  m.  and  an  applied 
voltage  of  1Q&  v.  the  force  acting  on  LH^  varies  from  1.  35  g.  at  the  inner 
cylinder  to  0.  1  g.  at  the  outer  cylinder. 

Actual  detailed  analytical  design  of  electrode  configurations  is  not 
practical  with  current  understanding  of  the  phenomena  except  for  relatively 
simple  geometries  such  as  concentric  cylinders  and  spheres.  Also,  factors 
such  as  arcing,  structural  design  and  electrode  support  must  be  taken  into 


account.  However,  from  limited  analytical  calculations  and  from  ‘rends 
observed  during  various  phases  of  experimentation  under  the  Douglas  IRAD  » 
program  on  dielec.trophcretic  (DEP)  propellant  orientation,  two  conceptual 
electrode  configurations  were  designed  for  this  particular  spherical  tank 
system.  The  first  design  consists  of  an  array  of  seven  tubular  electrodes 
positioned  as  shown  in  figure  4-45  and  charged  as  noted  (using  a.  c.  power 
causes  the  polarity  tc>  alternate).  •  V/ith  an  applied  voltage  of  300,  000  v.  in  the 
LH^  tank,  a  steady  downward  (tangential)  collection  acceleration  of  10-3g 
and  a  radial  collection  acceleration  of  6.  6  x  10"^ g  is  produced.  The  voltage 
gives  a  breakdown  safety  facto*  of  seven  under  worst  possible  conditions  in 
LH2<  The  total  weight  of  the  electrode  system  for  the  LH^  tank  was  estimated 
at  5  lb.  assuming  a  l -in.  -diam.  aluminum  tube  electrode  structure. 

The  power  generation  portion  of  the  DEP  system  was  assumed  to  be  a 
high  voltage  a.  c.  electrostatic  generator,  powered  by  a  solar  cell 
array.  Although  voltages  are  high,  the  current  requirements  are  quite  low 
since  all  that  is  being  done  is  the  charging  of  a  capacitor.  The  largest 
source  of  energy  loss  is  in  the  generator  motor  inefficiency.  A  power  require¬ 
ment  of  150w.  was  estimated  which  requires  about  15  lb,  of  solar  cells, 
assuming  100  Ib/kw  as  the  capabilities  of  an  advanced  solar  cell  system. 
Various  types  of  specialized  high  voltage  -  low-current  generators  have  been 
under  stu.dy  by  Douglas  for  DEP  applications.  Present  indications  are  that 
a  cylindrical  rotor -electrostatic  type  generator  for  this  application  could 
be  produced  for  about  15  lb.  Approximately  10  lb.  would  also  be  required 
for  miscellaneous  items  such  as  controls,  cabling,  and  so  forth.  Table  4-14 
lif.ts  the  estimated  weights  for  a  DEP  system  for  the  LH^  tank.  Since  the  LF^ 
tank  c'oes  not  require  venting,  a  system  was  not  sized  for  the  LF_  tank 
although  it  would  be  of  comparable  weight. 


Table  4-14 

ESTIMATED  WEIGHT  BREAKDOWN  FOR  AN  LH2  TANK 
DIE LE C TROPHORF. TIC  PROPELLANT  POSITIONING  SYSTEM 


Component 

— 

Tubular  Electrode 
Design  (lb,  )  - 

Disk  Electrode 
Design  (lb. ) 

Electrode  system 

10 

18 

Solar -cell  power  supply 

15 

15 

Electrostatic  generator 

15 

15 

J  Miscellaneous  (controls,  etc.  ) 

10 

10 

i - - . 


9* 


Total 


50 


58 
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The  second  design  consists  of  parallel  disks  with  an  axial  cylindrical 
electrode.  Liquid  is  collected  off  of  the  tank  walls  and  into  the  center  of 
the  tank.  The  axial  electrode  induces  high  body  forces  in  the  radial  direction 
(of  the  order  of  1  g.  near  the  electrode  surface)  and  the  parallel  disks  pro¬ 
vide  average  forces  of  the  order  of  10"^  for  voltages  of  the  order  of  500  kv. 
Aluminized  Mylar  is  assumed  for  the  electrode  surface  between  each  of  the 
toroidal  aluminum  electrode  supports.  High-voltage  leads  are  connected  to 
each  disk  through  bushings  provided  in  the  axial  electrode.  The  disk  electrode 
system  weights  are  approximated  in  table  4-14. 


The  tubular  electrode  design  of  figure  4-45  is  sufficient  for  propellant 
collection  at  the  bottom  of  the  tank  for  restart  and  venting,  and  provides 
slosh  wave  control  at  main  engine  cutoff.  In  addition,  suction  dip  is  con¬ 
trolled  by  the  central  electrode.  The  disk  electrode  design  is  more  efficient, 
however,  in  the  above  respects  and  in  addition  performs  other  functions. 

The  disk  electrode  configuration  collects  liquid  for  engine  restart  and  ullage 
gas  venting  and  collects  liquid  off  of  the  tank  wall  to  potentially  minimize 
boiloff.  Also,  slosh  wave  control  and  suction  dip  control  are  further  enhanced 
by  the  baffling  effect  and  viscous  dissipation  provided  by  the  more  extended 
electrodes.  Both  electrode  designs  aid  in  alleviating  boilover  during  rapid 
venting  by  causing  more  rapid  vapor  bubble  coasescence  and  expulsion  from 
the  body  of  the  liquid. 


(6)  Venting  System  Comparison.  From  the  data  generated  in  the  pre¬ 
ceding  five  sections,  the  various  vent  systems  were  compared  on  a  weight 
basis.  Since  the  preliminary  findings  cf  thfe  previous  section  indicated  that 
the  LF2  tank  did  not  vent  at  any  of  the  conditions  studied,  only  LH?  tank 
venting  was  considered.  A  fluorine  vent  line  and  valve  system  will  be  required 
to  satisfy  filling  and  emergency  venting  requirements. 


The  LHg  tank  can  be  vented  during  low -gravity  coast  by  using  one  of  two 
basic  techniques:  (1)  discrete,  high -flow,  large -volume  renting  at  intervals 
during  coast,  or  (2)  continuous,  low -flow,  small -volume  venting  at  all  times 
during  coast.  Discrete  venting  is  considered  because  of  the  problem  of 
efficient  vapor/liquid  separation  during  coast.  For  example,  if  ullage 
rockets  are  used  to  effect  vapor/liquid  separation,  it  would  be  desirable  to 
vent  as  much  as  possible  as  rapidly  as  possible  to  minimize  the  ullage  rocket 
burn  time  and  weight  penalty.  It  is  clear  that  this  high-flow  vent  technique 
might  be  wasteful  for  an  indeterminate  mission  since  venting  might  occur  just 
before  a  restart  command,  thereby  requiring  additional  repj.es surization. 

On  the  other  hand,  if  continuous  vapot/liquid  separation  can  be  assured  then 
continuous  venting  *.1  sufficient  vapor  to  match  the  incoming  heat  load  can  be 
made  with  minimum  losses. 


Some  systems,  like  die lectropho retie  or  surface  force  systems,  provide 
both  vapor/liquid  separation  and  positive  liquid  orientation  and  need  no 
further  propellant  sett'ing  for  repressurization  and  restart.  Others  like  the 
mechanical  or  thermodynamic  separators  do  not  provide  positive  propellant 
orientation  for  repressurization  and  restart.  For  these  system,*,  ullage 
rockets  are  assumed  to  be  used  for  settling  of  propellants  for  restart.  It 
is  further  assumed  that  the  study  vehicle  is  properly  oriented  during  the 
restart  sequence,  that  the  thrust  of  the  settling  rockets  will  provide 
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usable  measurable  velocity  and,  therefore,  reduce  the  settling  rocket  weight 
penalty  to  the  ratio  of  the  respective  specific  impulses  of  the  ullage  engines 
and  the  mair.  engine  {figure  4-4?,).  Settling  times  and  weights  may  have  to 
be  increased  by  some  degree  if  settling  and  chilldown  of  the  LF2  feed  xine  is 
the  criteria.  However,  the  worst  missions  shown  in  figures  4-41  and  4-42 
are  missions  H  and  L  which  are  19  burn  missions.  The  coast  time  between 
burns  is  short  enough  that  the  LF^  feed  line  will  always  be  nearly  full,  and 
thus  the  extra  settling  time  required  will  be  small.  The  penalties  for 
settling  and  repressurization  must  be  added  to  the  penalties  for  those  tech¬ 
niques  which  do  not  have  positive  liquid  orientation. 

(a)  Discrete  Venting.  A  mechanical  vapcr/iiquid  separator 
has  been  described  above  and  provides  continuous  vapor/liquid  separation 
of  a  sort'but  is  considered  under  discrete  venting  because  the  vent  flow  rate 
required  for  efficient  operation  of  such  a  device  is  much  higher  than  the 
continuous  vent  flow  rate  of  the  study  vehicle.  Assuming  a  separator  designed 
to  the  Saturn  requirements,  such  as,  6  lb.  p.  sec.  of  the  self-powered 

separator  has  a  claimed  efficiency  of  90  pet.  at  qualities  up  to  75  pet.  If 
such  quality  is  encountered  while  venting  the  study  vehicle,  at  least  39  lb. 
of  excess  LH^  could  be  vented  caused  by  the  inefficiency  of  the  machine. 

This  penalty  must  be  added  to  the  25  lb.  weight  of  the  separator  hardware. 

The  externally  powered  separator  with  a  claimed  efficiency  of  80  pet.  at 
qualities  up  to  90  pet.  would  suffer  a  waste  propellant  penalty  of  at  least 
32  lb.  in  addition  to  the  enormous  fixed  weight  of  215  lb.  In  addition, 
settling  and  repressurization  penalties  must  be  added  giving  an  overall 
v/eight  breakdown  as  shown  in  table  4-15. 

Ullage  rockets  for  settling  during  discrete  coast  venting  were  evaluated 
for  the  study  vehicle  (figure  4-44).  During  coast,  it  was  assumed  that  the 
vehicle  was  randomly  oriented  and  thus  a  full  weight- penalty  based  on  the 
ullage  rockets  specific  impulses  must  be  assessed.  It  was  initially  thought 
that  the  conditioning  venting  could  be  performed  during  the  propellant 
settling  phase  and  thus  take  advantage  of  the  reduced  penalty  provided  by 
obtaining  usable  thrust  from  the  ullage  rockets  as  described- above.  It  was 
found,  however,  that  the  vent  times  required  to  obtain  complete  conditioning 
for  some  missions  were  so  long  that  they  appeared  to  seriously  compromise 
the  requirements  for  short  reaction  times.  It  was  determined  that  for  most 
missions  minimum  reaction  time  and  minimum  settling  time  occurred  if 
the  majority  of  the  propellant  conditioning  venting  occurred  during  coast. 
Therefore,  the  total  venting  requirements  (both  coast  heating  and  condition¬ 
ing)  were  divided  into  the  number  of  vents  which  gave  the  minimum  total 
time  (settling  plus  venting)  and  thus  the  minimum  ullage  rocket  weight  penalty. 
Because  most  of  these  vents  occurred  during  coast,  it  was  assumed,  con¬ 
servatively,  tl-at  all  venting  occurred  during  coast  and  that  this  venting 
incurred  the  full  ullage  rocket  weight  penalty.  Using  the  ullage  rocket 
weight  penalties  for  the  various  missions  as  shown  in  figure  4-44,  the  total 
weight  penalties  for  the  worst  mission  is  shown  in  table  4-15. 


Table  4-15 


VENTING  SYSTEM  WEIGHT  PENALTY  COMPARISON 
(worst  mission  at  settling  thrust  of  64  lb.  a) 


Ullage  Rocket  Penalty 

. . . 

Fixed 

Weight 

Settling 

Repressurization 
(lb.  ) 

Propellant 

Penalty 

Total 

Mechanical  vapor/ 
liquid  separator: 

•  Self-powered 

25 

11.5 

1 

39 

76.  5 

9  Electric -powered 

217 

11.  5 

1 

32 

261.  5 

Ullage  rockets 

57 

11.  5 

1 

0 

69.  5 

Surface  force 

20b 

0 

1 

unknown 

20+ 

DEP 

47.  5 

11.  5 

1 

0 

60 

Thermo  vapor / 
liquid  separator 

8.  5C 

11.5 

1 

. . 

1 

2?. 

Thrust  based  on  Maneuvering  Satellite  System  ACS  pitch-yaw  engines  - 
4  at  16  lb.  thrust, 

k 

Based  on  Maneuvering  Satellite  System  study  results. 

cIncludes  0.7  lb.  for  regulator  -  3.  3  lb.  for  heat  exchanger  -  4.  5  lb.  for 
structure,  for  actual  design  of  75  p.  s.  i.  a.  system. 


100 


(b)  Continuous  Venting.  Surface  force  devices  have  been 
studied  as  a  means  of  positive  liquid  orientation  in  the  tank  and  to  provide 
vapor/liquid  separation  for  venting.  It  was  found  that  400  mesh  screens  would 
retain  liquid  under  the  most  severe  expected  disturbances.  However,  such 

a  screen  would  only  retain  such  liquid  as  was  trapped  below  it  at  shutdown. 

In  order  to  retain  all  liquid  in  the  tank  the  screen  would  have  to  be  located 
at  precisely  the  vapor/liquid  interface  at  shutdown.  If  the  interface  was 
below  the  screen,  the  screen  might  be  dry  and  might  not  hold  the  liquid  at 
rebound.  If  the  interface  was  above  the  screen,  some  amount  of  liquid  would 
be  free  to  float  off  the  screen  and  possibly  be  vented.  The  indeterminacy  of 
the  mission  (along  with  normal  propellant  usage  tolerances)  makes  such  pre¬ 
cise  location  of  the  screen  impossible.  As  shown  in  the  Rocketdyne  Maneu- 
vering  Satellite  System  study,  use  of  a  screen  for  H 2  propellant  retention 
for  res*  ~t  is  completely  feasible,  but  retention  of  all  liquid  to  allow  all 
vapor  venting  is  not  the  same  thing  and  is  clearly  impractical.  The  weight 
of  the  Maneuvering  Satellite  System  study  surface  force  system  is  shown 
only  for  comparison  in  table  4-15.  Since  the  system  will  not  work  effectively 
for  venting,  an  unknown  propellant  weight  penalty  is  also  identified. 

A  thermodynamic  vapor/liquid  separator  was  sized  for  the  study  vehicle 
vent-rate  and  tank  configuration.  The  vent  rate  assumed  was  based  on 
venting  continuously  an  amount  equivalent  to  the  most  severe  heat  load  en¬ 
countered.  The  worst  mission  in  this  report  was  the  5-day  19  burn  case 
which  gave  a  vent  rate  of  0.425  lb.  p.  hr.  This  vent  rate  is  more  than 
adequate  for  all  other  venting  missions. 

The  separator  heat  exchanger  tubing  length,  diameter,  and  weight  are 
shown  in  figures  4-46,  4-47,  and  4-48,  respectively,  for  minimum  weight 
systems  based  on  tank  geometry.  The  curves  shown  are  for  the  75  p,  s.  i.  a. 
and  21  p„  s.  i.  a.  systems  with  exit  pressures  of  15  p.  s.  i.  a.  and  5  p.  s.  i,  a. 

It  is  felt  that  for  actual  systems,  particularly  for  the  21  p.  s.  i.  a.  tank  pres¬ 
sure,  an  exit  pressure  of  5  p.  s.i,  a.  should  be  used. 

Propellant  settling  and  repressurization  penalty  must  be  assigned  to 
this  system  along  with  the  basic  system  weight  as  shown  in  table  4-15. 

Note  that  an  additional  propellant  penalty  is  also  included.  This  is  based  on 
the  fact  that  tolerance  in  the  regulator  will  allow  some  excess  propellant 
to  be  vented.  The  estimate  of  one  pound  is  extremely  conservative;  the 
actual  will  probably  be  much  less.  For  the  thermodynamic  vapor/liquid 
separator,  as  is  the  case  for  all  lo  Q.ow  continuous  systems,  an  additional 
vent  valve  must  be  provided  for  loading  and  for  emergency  pressure  re’ief. 
This  vent  valve  will  be  set  to  vent  at  a  pressure  higher  than  the  primary 
system  vent  pressure. 

(c)  Conclusions.  From  table  4-15,  it  can  be  seen  that  of  the 
systems  which  will  be  effective  in  controlling  vapor/liquid  separation,  only 
two  have  low- weight  penalties:  (1)  the  thermodynamic  vapor /liquid  separator 
and  (2)  the  DEP  system.  The  study  vehicle  is  a  high-performance  space 
vehicle  with  very  low  vent  requirements  -  optimum  conditions  for  having  a 
competitive  thermodynamic  separator  system.  On  the  other  hand,  the  low 
vehicle  weight  makes  the  fairly  large  'ixed  weight  of  the  DEP  system  look 
unattract' 7c.  The  DEP  system  comes  into  its  own  with  large  vehicles  and  lot 
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large  vent  rates.  In  the  final  analysis,  the  actual  difference  between  the  two 
concepts  is  the  penalty  assessed  for  settling  and  repressunzation.  It  is  pos¬ 
sible  that  the  optimum  solution  to  the  problem  of  venting  and  liquid  orientation 
may  be  a  combination  of  the  Rocketdvnc  surface  force  system  for  liquid 
orientation  and  the  thermodynamic  vapor/liquid  separator  for  venting.  How¬ 
ever,  based  on  ‘he  ground  rules  adopted  for  this  study,  the  thermodynamic 
vapor/liquid  separator  is  selected  as  optimum  for  lowest  weight  penalty  with 
positive  control  for  vehicle  venting. 

(d)  Preliminary  Design  of  Recommended  Concepts,  Design  of 
an  actual  thermodynamic  vapor /liquid  separator  installation  for  the  LH2  tank 
was  completed  and  was  based  on  obtainable  tubing  dimensions  and  a  minimum 
weight  support  system.  The  installation  is  shown  in  figure  4-49  and  consists 
basically  of  an  extruded  aluminum  center  support  column,  0.  063-in.  alu¬ 
minum  support  wires  attached  to  brackets  weldei  to  the  tank  wall,  ar.d  a  heat 
exchanger  consisting  of  3/ 16-in.  dia.  0.  022-in.  chick  aluminum  tubing  (the 
thinnest  roll  obtainable  commercially),  215  ft.  long,  uniformly  spaced  in 
concentric  rings.  The  tubing  weight  for  the  heat  exchanger  is  3.  3  lb.  and  is 
suitable  for  the  75  p.  s.  i.  a.  system  for  down  to  8  pet.  liquid  covering  the 
tubing.  The  support  system  weight  is  4.  5  lb.  giving  a  total  system  weight 
(installed)  of  8.  5  lb.  as  shown  in  table  4-15.  The  system  shown  would  be 
installed  from  the  tank  bottom  upward  with  the  tubing  easily  formed  by  hand 
laid  in,  and  tied  down.  Since  all  components  (except  bolts)  are  aluminum, 
the  differential  expansion  problem  at  cryogenic  temperatures  is  obviated. 

Final  system  hookup  is  to  tube  fittings  connected  to  the  vent  valve  and 
regulator  mounted  on  the  LH^  tank  manhole. 

An  alternate  to  this  design  concept  would  be  to  locate  the  heat  exchanger 
on  the  outside  of  the  tank  wall  in  direct  contact  with  the  wall.  However,  there 
was  not  sufficient  time  to  properly  explore  this  approach  and  this  would  not 
alter  the  basic  choice  in  the  type  of  venting  system  to  be  used.  This  is  being 
further  studied  under  a  Douglas  IRAD  program 

(e)  Cooling  of  the  LF2  Tank  with  Vented  H2-  From  the  prelim¬ 
inary  results,  it  was  concluded  that  the  LF£  tank  did  not  require  venting  under 
any  of  the  conditions  studied.  However,  there  were  conditions  where  the  L.F2 
tank  did  almost  vent  and  if  heat  leaks  are  in  reality  higher  than  anticipated  or 
if  design  conditions  are  slightly  exceeded,  it  is  possible  ihat  the  LF2  tank 
may  vent. 

Venting  of  the  LF2  tank  is  undesirable  for  two  reasons:  (1)  venting  of 
LF2  vapor  with  its  high  density  may  incur  a  substantial  weight  penalty,  and 
(2)  the  vented  vapor  is  highly  toxic  and  corrosive,  which  could  lead  to  addi¬ 
tional  problems  for  the  structure.  Elimination  of  L.F2  venting  is  facilitated 
by  two  circumstances:  (1)  LF2  is  typically  stored  in  LN2  and  is  thus  loaded 
in  a  subcooled  condition  (rather  than  as  saturated  liquid-like  H2),  and 
(2)  LF2  has  a  much  higher  boiling  point  than  LH2  and  tl  us  generally  has  less 
heat  leak  to  the  tank.  These  circumstances  mean  that,  typically,  the  LF2 
tank  will  require  venting  after  the  LH2  tank. 
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It  has  been  proposed  that  the  cold  LH2  vent  line  be  routed  through  the 
LF2  tank  so  that  the  vented  LH2  can  absorb  heat  from  the  LF2  and  thus 
eliminate  or  substantially  delay  venting  of  the  LF2  tank.  Routing  the  LH^ 
vent  line  and  freezing  of  LF2  to  the  LH2  vent  line  poses  significant  problems. 

(1)  Analysis.  It  was  assumed  that  the  dominant  mode  of  heat 
transfer  in  zero-g.  was  conduction  through  the  LF2  in  the  tank  to  the  vent  line 
since  it  was  felt  that  the  forced  convection  heat  transfer  coefficien4  d  the 
LH2  from  the  vent  line  would  be  relatively  large.  It  was  further  assumed 
that  the  LF2  tank  was  spherical  and  that  the  cylindrical  LH2  vent  line  made 
a  single  straight  pass  through  the  center  of  the  tank.  Preliminary  analysis 
had  indicated  that  a  single  pass  may  be  all  that  is  required,  and  this  assump¬ 
tion  eliminates  the  complexity  of  analyzing  a  complicated  heat  exchanger. 

The  diameter  of  the  vent  tube  would  be  a  variable,  and  even  if  a  single  pass 
of  tubing  did  noTremove^Heat  af  Trate  equal  to  that  entering  the  tank,  it 
would  remove  sufficient  heat  so  that  venting  of  the  vehicle  LF2  tank  would 
be  eliminated.  The  heat  flux  from  a  sphere  to  an  internal  cylinder,  assuming 
constant  temperature  difference  and  conductivity,  is 


where  R  is  the  tank  radius  and  r^,  the  vent  tube  radius.  The  above  equation 
was  integrated  graphically  for  heat  transfer  to  a  variable  diameter  cylinder 
of  solid  F2  at  96° R  (constant)  from  a  tank  wall  at  saturation  temperature. 

The  conductivity  was  assumed  to  be  the  average  conductivity'  based  on  the 
fractions  of  liquid  and  vapor  in  the  tank.  This  is  a  reasonable  assumption 
for  randomly  distributed  vapor  and  liquid  in  the  tank  considering  integration 
over  the  entire  tank  volume. 

The  growth  of  the  solid  F2  layer  around  the  vent  tube  was  approximately 
computed  based  on  the  transient  conduction  from  an  internal  cylinder  (ref¬ 
erence  16).  The  diffusive  time  constant  for  penetration  of  a  line  of  96°R 
temperature  into  the  tube  surroundings  was  computed  based  on  a  constant 
tube  temperature  equal  to  LH2  saturation  temperature  at  tank  conditions. 
This  assumption  is  justified  as  follows:  the  vented  LH2  temperature  will 
rise  by  26°  R  for  a  heat  flux  of  3b  b.  t.  u.  p,  hr.  (nominal  heat  leak  into  'he 
fluorine  lank)  ana  .  ius  the  average  will  be  in  error  by  13°R.  However,  this 
assume j  that  the  vented  LH2  would  be  initially  at  saturation  temperature 
when  actually  it  will  be  much  colder  due  to  expansion  through  the  vent  valve. 
In  fact,  if  the  vented  LH2  was  expanded  from  75  p.  s.  i.  a.  tank  pressure  to 
15  p.  s.  i.  a.  in  the  vent  line,  it  would  drop  in  temperature  by  13° R,  enough 
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to  compensate  for  the  temperature  rise.  The  thermal  diffusivity  of  solid  l'i 
was  based  on  a  thermal  conductivity  of  0.  01  b.  t,  u.  p.  hr.  -ft.  °R,  a  density  of 
81.1  lb.  p.  ft.  3,  and  a  specific  heat  of  0.  32  b.  t,  u.  p.  lb.  °R.  The  solid  dif¬ 
fusivity  was  an  order  of  magnitude  less  than  that  of  the  liquid  aud  two  orders 
of  magnitude  less  than  that  of  the  vapor,  thus  time- controlling.  For  purposes 
of  this  approximate  analysis,  the  heat  of  fusion  of  solid  F2  was  ignored,  and 
the  instantaneous  heat  flux  through  the  solid  F 2  coating  was  computed  based 
on  the  instantaneous  coating  thickness. 

The  approximate  maximum  heat  flux  into  the  vent  line  versus  time  after 
venting  is  plotted  for  solid  F2  conduction  controlling,  and  for  vapor/liquid 
F2  conduction  controlling  for  vent  line  diameters  of  1/4  in. ,  1  in.  ,  and  3  in.  , 
in  figures  4-50,  4-51,  and  4-52,  respectively.  The  approximate  weight  of 
solid  F^  frozen  to  the  Hz  vent  line  versus  time  after  venting  is  plotted  in 
figure  4-53.  All  computations  were  based  on  a  spherical  F^  tank  with  a 
diameter  of  75  in. 

(2)  Conclusions 

•  Figure  4-50  shows  that  a  single -pass  vent  line  of  1/4-in.  dia.  will 
probably  remove  sufficient  heat  even  at  low  liquid  fractions  to 
eliminate  any  requirement  for  venting  the  study  vehicle  F2  tank; 
however,  detailed  analysis  using  the  actual  venting  requirements 
for  the  study  vehicle  should  be  made  for  a  complete  evaluation. 

•  Figure  4-53  shows  that  the  weight  of  frozen  F2  increases  rapidly 
with  vent  tube  diameter  and  time;  this  weight  penalty  may  be  the 
controlling  consideration.  Note  that  even  for  time  periods  as  short 
as  lO^/hr.  ,  that  the  1-in.  and  3-in.  vent  lines  are  virtually  elim¬ 
inated  from  further  consideration. 

•  It  is  felt  that  the  hazards  of  F2  ice  formation  and  leakage  risk  make 
this  technique  a  last-resort  solution  to  the  problem  of  F2  tank 
venting  but  with  proper  development  such  an  approach  is  feasible 
and  deserves  further  study,  particularly  if  longer  duration  missions 
are  desired. 

(f)  Comparison  of  Final  and  Preliminary  Venting  Requirements. 
To  this  point,  the  venting  study  has  been  conducted  on  the  basis  of  the  prelim- 
inary  venting  estimates  as  reported  earlier  in  this  do  -ument.  These  were 
based  on  a  1  assumed  constant  heat  input.  After  completion  of  the  insulation 
optimization  and  the  pressurization  system  optimization,  a  more  accurate 
definition  of  the  venting  requirements  was  available.  The  primary  difference 
between  the  final  and  preliminary  values  results  from  the  following: 

•  The  heat  input  through  the  optimum  insulation  varies  depending  upon 
the  mission  duration  and  the  tank  pressure  level  since  the  insula¬ 
tion  thickness  varies. 

•  The  heat  input  to  the  propellant  from  the  pressurizing  gas  varies 
with  the  inlet  gas  temperature,  the  duty  cycle,  and,  to  a  certain 
extent,  the  type  of  pressurizing  gas. 


Function  of  Time  After  Venting 


Figure  4-5i.  Heat  Flux  to  H2  Vent  Tube  Capacity  as  a  Function  of  Time  After  Venting 
H2  Tank  (1-in.  Tube  Diam) 


Figure  4-53.  Weight  of  Solid  F2  Frozen  to  H2  Vent  Line  as  a  Function  of  Time  After 
Venting  H2  Tank 


Table  4-16  lists  the  final  venting  requirements  which  evolved  after  the 
optimization  for  those  duty  cycles  where  significant  venting  occurred.  The 
values  shown  within  the  parenthesis  in  table  4-16  are  reference  values  from 
the  preliminary  analysis.  These  are  not  directly  comparable  because  inlet 
gas  temperatures  and  tank  pressures  are  slightly  different,  but  the  values 
are  in  the  same  order.  As  was  originally  anticipated,  the  final  venting 
requirements  are  considerably  lower  than  the  preliminary  estimates,  and 
some  of  the  duty  cycles  which  originally  required  venting  did  not  vent  in  the 
final  analysis.  Duty  cycles  K  and  J  are  still  the  most  critical  with  respect 
to  venting.  The  pump -fed  case  for  duty  cycle  J  also  requires  considerable 
venting.  All  14-day  single  burn  missions  required  a  slight  amount  of  venting 
even  for  the  LF^  tank  which  is  a  departure  from  the  original  findings. 
However,  the  LF2  tank  venting  is  very  small  and  could  be  eliminated  by 
adding  a  slight  amount  of  additional  insulation.  Table  4-16  also  indicates  the 
influenfce  of  inlet  gas  temperature  on  venting.  High  inlet  gas  temperatures 
generally  lead  to  increased  venting. 

The  reduction  in  venting  over  the  original  estimates  is  primarily  a 
result  of  reduced  heat  flow  with  the  optimized  insulation.  This  is  illustrated 
by  table  4-17,  which  shows  the  heat  flux  through  the  optimized  insulation 
system  as  compared  to  the  originally  assumed  values.  The  final  heat  input 
is  well  below  the  assumed  values  particularly  for  the  LH2  tank. 

These  reductions  in  venting  requirements  should  not  significantly  affect 
the  previous  conclusions  made  regarding  the  venting  system. 

Table  4-16 


OPTIMIZED  VENTING  REQUIREMENTS 


Cycle 

Pt 

Tig 

Venting  Propellant  Loss  (Lb.) 

_  ..... 

All  He 

He(LF2),  GH?,(LH2) 

LH2 

lf2 

lh2 

LFZ 

1  burn 

235 

■a 

1.  3 

(2.8) 

0.  2 

(0) 

1.3 

0.  2 

(1) 

1.3 

0.  2 

1.3 

0 

ng] 

1.3 

0.2 

1.  3 

0 

100 

mm 

1.  5 

(3.6) 

0.2 

(0) 

1.5 

0 

800 

1.  5 

0.2 

1.5 

0 

1,  200 

1.  5 

0.2 

1.  5 

0 

41 

300 

b 

(72.  5) 

(0) 

1.  2 

0 

800 

1.2 

0 

1,  200 

1.2 

0.2 

Table  4-16  (cont) 

OPTIMIZED  VENTING  REQUIREMENTS 


Venting 

Propellant  Loss  (Lb. ) 

All  He 

He(LF2),  GH2(LH2)  ] 

Cycle 

Pt 

Tig 

lh2 

lf2 

lh2 

lf2 

2  burn 

235 

300 

0 

(0) 

0 

(0) 

0 

0 

(80/20 

800 

5.7 

* 

0 

a 

a 

K) 

1.  200 

63.  0 

0 

a 

a 

100 

300 

0 

(26.8) 

0 

(0) 

0 

0 

800 

8.6 

0 

28 

0 

1,  200 

32.  0 

0 

a 

a 

41 

300 

b 

(69.3) 

(0) 

25.  5 

0 

800 

48.4 

0 

1,  200 

61.  1 

0 

2  burn 

41 

300 

b 

(71.5) 

(0) 

14.8 

0 

(50/50 

800 

22.  3 

0 

J) 

1,  200 

27.8 

0 

19  burn 

100 

300 

0 

2.6 

4.3 

2.6 

(L) 

800 

1.4 

0 

12.7 

0 

1.  200 

5.3 

0 

■30.  5 

0 

41 

300 

b 

(62.  5) 

(0) 

■tM 

2.6 

800 

0 

1,  200 

_ 

KEB 

0 

Critical  temperature  of  LH2  was  exceeded 
^ump-fed  cases  not  optimized  for  He  on  LH2 


Table  4-17 

COMPARISON  OF  OPTIMIZED  AND  ESTIMATED  HEAT  Fa.UXES 
FOR  14-DAY  MISSION  (Shroud -Mounted  Dimplar) 


Original  estimate 

Optimized  values  for  pump-fed  system 
Optimized  values  for  pressure -fed  system 


Does  not  include  pressurant  gas  heat  input. 


Heat  Load  (B,  t,  u.  /hr. ) 

lh2 

LF2 

50 

36 

18.  3 

27.6 

30.3 

27.6 

- - - 1 

4.  Phase  XV— Vehicle  Thermal  Control.  Once  orbit  has  been  attained,  heat 
transfer  to  a  space  vehicle  occurs  through  the  mechanism  of  thermal  radia¬ 
tion.  Therefore,  it  is  possible  to  reduce  the  heat  flow  into  the  interior  of  the 
vehicle  by  using  special  surface  coatings  which  have  favorable  thermal  prop¬ 
erties,  particularly  emissivity  and  absorptivity.  A  considerable  amount  of 
work  has  been  done  in  evaluating  these  material  characteristics  and  studying 
how  they  are  affected  by  the  space  environment.  The  OSO  space  experiments 
are  the  most  notable  in  which  promising  coatings  were  evaluated  under  orbiting 
conditions.  Data  from  these  experiments  were  used  in  this  study  to  determine 
heat  inputs  and  surface  temperature  histories  for  the  specific  conditions  to  be 
evaluated. 

Two  distinct  tasks  were  undertaken  in  this  phase:  (1)  the  optimum  sur¬ 
face  coating  was  determined  by  evaluating  vehicle  heat  inputs  for  a  variety 
of  coatings  as  a  function  of  time  in  orbit,  and  (2)  temperature  histories  were 
evaluated  for  the  best  of  the  candidate  coatings. 

a.  Coating  Evaluation.  At  the  outset  of  the  study,  the  surface  property 
and  property  degradation  data  of  reference  17  were  available.  Additional 
results  from  OSO-II  data  were  requested  and  received  from  the  Ames  Research 
Center  (reference  18),  completing  the  accumulation  of  available  data. 

To  determine  the  optimum  surface  coatings,  a  simple  model  of  the 
orbiting  vehicle  was  analyzed.  The  vehicle  was  assumed  to  be  cylinder 
with  flat  ends  with  its  longitudinal  axis  aligned  parallel  to  the  velocity  vector. 

A  260  n.  mi.  altitude  orbit  was  considered  with  an  orientation  that  would  yield 
approximately  66  min.  of  exposure  to  the  sun  and  28  min.  of  shadow  time. 

Figure  4-54  depicts  the  orbit  geometry  utilized  in  the  thermal  analysis. 

The  specification  of  the  orbit  in  relation  to  positions  on  the  Earth's  surface 
depends  on  the  frame  of  reference  selected;  however,  for  the  purpose  of 
analyzing  the  thermal  history  of  the  vehicle  in  a  circular  orbit,  the  angle 
between  the  normal  to  the  orbit  plane  and  the  Earth-sun  line  uniquely  specifies 
the  orbit.  This  angle  was  determined  to  be  38.  5°  on  the  basis  of  the  specified 
66  min.  of  sunlight  and  28  min.  of  shadow  per  orbit. 

The  initial  vehicle  position  in  orbit  was  arbitrarily  taken  as  the  point 
directly  over  the  terminator  prior  to  entry  into  the  shadow.  As  indicated  in 
figure  4-54,  the  rotation  of  the  vehicle  about  its  axis  has  been  considered. 

The  vehicle  analyzed  consisted  of  two  compartments,  one  containing  LH_ 
and  the  other  LF^.  The  total  steady-state  heat  transfer  to  the  vehicle  inte¬ 
rior  throughout  one  orbit  was  calculated  for  several  surface  coating  conditions. 
The  results  of  the  analysis  are  presented  in  figure  4-55  for  a  number  of  prom¬ 
ising  surface  coatings.  It  is  readily  apparent  that  the  zircon  in  KSi^  coating 
is  the  most  favorable  for  all  mission  durations. 

b.  Determination  of  Temperature  Histories.  Surface  temperatures 
were  computed  by  a  £)ouglas  orbital  heating  computer  program  (JD56),  using 
the  zircon  in  potassium  silicate  coating.  In  addition  to  the  conditions  already 
specified,  the  forward  end  of  the  vehicle  (payload  end)  was  maintained  at  40° F. 
The  aluminum  propellant  tanks  were  assumed  insulated  with  high-performance 
insulation. 
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Figure  4-55.  Space  Performance  Comparison  of  Various  Thermal  Coatings 


Conduction  paths  from  the  tanks  to  the  sidewalls  and  the  aft  end  simulated 
steel  piping.  Also,  glass  fiber  supports  from  the  tanks  to  the  sidewalls  were 
simulated.  The  calculated  surface  temperatures  revealed  that  the  effect  of 
conduction  parallel  to  the  vehicle  surface  was  small.  The  longitudinal  varia¬ 
tion  in  sidewall  temperatures  was  generally  less  than  10°F.  Hence,  only 
the  sidewall  temperatures  at  the  center  of  the  vehicle  are  presented  in  fig¬ 
ure  4-56  and  4-57. 


Figure  4-56.  Circumferential  Variation  in  Skin  Temperature 


Steady-state  cycling  of  the  surface  temperatures  was  achieved  after  four 
orbits.  In  figure  4-56,  the  circumferential  variation  in  sidewall  temperatures 
is  shown  at  the  beginning  and  end  of  one  orbit.  In  figure  4-57  the  temperature 
histories  throughout  a  complete  two-orbit  cycle  are  presented  for  three  equally 
spaced  sidewall  positions,  together  with  the  vehicle  end  temperatures. 

5.  Phase  V- -Propellant  Utilization.  Propellant  utilization,  referred  to  here 
as  P7UT,  is  defined  as  the  ratio  of  propellant  consumed  in  flight  (if  the  engine 
is  allowed  to  burn  to  a  propellant  depletion)  to  the  total  usable  propellant 
loaded.  This  is  an  important  value  since  it  is  a  measure  of  the  total  impulse 
available  for  imparting  vehicle  velocity.  For  this  reason,  the  P.  U.  system 
is  optimized  for  maximum  performance  on  all  rocket  propulsion  systems. 

Determination  of  the  P.  U.  for  a  rather  broadly  defined  study  vehicle  is 
difficult  since  the  results  are  highly  dependent  on  the  assumptions  used  in  the 
analysis.  For  an  actual  vehicle,  the  P.  U.  analysis  would  be  based  on  actual 


118 


Figure  4-57.  Temperature  Histories  of  Vehicle  Surfaces 


experimental  engine  coefficients,  a  well  defined  mission  including  previous 
telemetered  mission  data,  and  a  well  calibrated  vehicle  system.  Under  such 
conditions  there  would  be  a  high  confidence  level  that  a  particular  P.  U.  would 
be  achieved.  For  the  purposes  of  this  analysis,  assumptions  were  made  for 
the  pertinent  experimental  variables  described  above,  and  the  Propellant 
Utilization  Monte  Carlo  Program  (F807)  was  used  to  simulate  the  numerous 
flights  required  to  achieve  a  high  confidence  level.  Thus,  the  P.  U.  values 
obtained  are  representative  of  the  P.  U.  which  would  be  realized  after  a  num¬ 
ber  of  missions  and  vehicles  have  been  flown  (and  thus  some  of  the  bugs  elim¬ 
inated  and  some  experience  gained)  and  is  probably  somewhat  higher  than  the 
P.  U.  to  be  expected  on  the  initial  flights.  The  assumptions  made  for  the  P.  U. 
system  analysis  are  intended  to  be  as  realistic  as  possible  and  thus  result  in 
representative  values  for  the  expected  P.  U. 

Two  types  of  P.  U.  systems  are  in  current  use:  (1)  an  open-loop  system, 
and  (2)  a  closed-loop  system.  Both  systems  can  produce  accuracies  of  99  pet. 
or  better  for  properly  calibrated  propulsion  systems,  and  the  choice  of  one 
or  the  other  is  determined  by  the  requirements  of  the  specific  system. 

a.  Open-Loop  P.  U.  System.  An  open-loop  system  is  inexpensive, 
reliable , "and  does  not  require  blackboxes  or  flight  hardware.  To  attain  this 
simplicity  and  reliability,  it  relies  entirely  on  system  predictability  prior  to 
flight,  and  no  control  of  propellant  utilization  is  possible  after  vehicle  liftoff. 

The  open-loop  system  has  been  successfully  demonstrated  on  the  Thor 
vehicle.  A  guarantee  of  99  pet.  was  established  and  the  present  P.  U.  average 
is  99.  75  pet.  (Whether  the  open-loop  system  would  look  as  good  with  two 
cryogenics  on  Thor  is  questionable.)  By  comparison,  the  Saturn  vehicle  with 
its  closed-loop  system  has  a  P.  U.  average  of  approximately  99.  995  pet. 

The  accuracy  of  the  open -loop  system  lies  in  the  ability  to  predict  the 
amount  of  propellants  required  to  perform  a  given  mission  and  the  ability  to 
load  them  accurately.  The  prediction  of  the  propellants  used  in  flight  depends 
on  the  accuracy  of  the  tag  engine  mixture  ratio  furnished  by  the  engine  manu¬ 
facturer  and  the  accuracy  of  the  influence  coefficients  that  determine  the 
changes  in  mixture  ratio  that  occur  in  flight  as  the  operating  conditions  change. 
These  coefficients  become  more  and  more  accurate  as  flight  experience  is 
gained.  For  this  study,  coefficients  were  used  which  had  been  obtained  from 
Bell  for  a  H2/F2  engine  of  the  30,  000-lb.  thrust  class.  These  coefficients 
had  been  used  previously  for  the  Delta  II  study  and  are  shown  in  table  4-18. 

The  accuracy  of  loading  the  propellants  depends  on  the  instrumentation 
used  to  measure  the  specified  quantities  and  the  accuracy  of  the  tank 
calibrations. 

It  would  seem  that  the  predicted  propellants  should  be  loaded  so  that,  if 
everything  operated  normally,  the  engine  would  run  out  of  each  propellant  at 
exactly  the  same  time.  This  is  not  necessarily  true,  because  of  unpredictable 
variations  and  tolerances  in  the  propulsion  system  operation  conditions. 
Therefore,  variations  in  open-loop  propellant  utilization  depend  on  variations 
in  tag  mixture  ratio,  engine  influence  coefficients,  propellant  loading,  and 
system  operating  conditions. 


Table  4-18 


DEVIATIONS  USED  FOR  DETERMINING  FUEL  BIAS 

(E.M.R.  13:1) 


Percent 

Actual 

Fump-fed  ( l<r  ) 

Oxidizer  loading 

0.  5 

59  lb. 

Fuel  loading: 

•  Propellant  loading  0.  5  pet. 

•  Fuel  venting  1.  2  pet. 

1.32 

12  lb. 

Mixture  ratio: 

•  Inlet  conditions  T.  25  pet. 

•  Engine  tag  values  0.  15  pet. 

•  Duty  cycle  0.  73  pet. 

1.48 

0.  193 

Pressure-fed  (la) 

Oxidizer  loading 

0.  5 

59  lb. 

Fuel  loading: 

•  Propellant  loading  0.  5  pet. 

•  Fuel  venting  0.  55  pet. 

0.  77 

7  lb. 

Mixture  ratio: 

•  Inlet  conditions  1.  25  pet. 

•  Engine  tag  values  0j  15  pet. 

•  Duty  cycle  2.  83  pet. 

3.  11 

0.  405 

Propellants 

LH2-908  lb. 

LF2-11,  800  lb. 

Engine  Influence  Coefficients 

AW^/AP^  inlet  =  0.  067  pct./p.  s.  i. 

AWf/ATf  inlet  =  -1.  0  pet.  /°R. 

AW  /AP  inlet  =  0.  033  pet.  /p.  s.  i. 
o  o 

AW  /AT  inlet  =  -0.  3  pet.  /°R. 
o  o 
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Previous  P.  U.  analyses  have  shown  that  with  a  system  mixture  ratio 
(O/F)  of  greater  than  1.  0,  the  open-loop  P.  U.  can  be  improved  by  loading 
extra  fuel  (called  a  fuel  bias).  With  a  mixture  ratio  of  13,  1  lb.  of  fuel  will 
combust  with  13  lb.  of  oxidizer,  or  10  lb.  of  fuel  bias  will  absorb  an  error 
of  130  lb.  in.  oxidizer  usage.  For  this  reason,  a  fuel  bias  can  be  used  to 
absorb  random  errors  in  oxidizer  usage  and  achieve  higher  propellant 
utilization. 

Since  the  variations  in  the  open -loop  loadings  are  random  in  nature  and 
not  interrelated,  the  determination  of  the  proper  fuel  bias  and  the  P.  U. 
probability  cannot  be  handled  by  normal  mathematical  analysis.  For  this 
reason,  a  statistical  Monte  Carlo  program  (F807)  was  used  to  determine  the 
optimum  fuel  bias  and  associated  P.  U.  probability.  This  program  has  been 
successfully  used  for  identical  purposes  on  the  Thor  first-stage  pump -fed 
engine  and  the  Delta  second-stage  pressure -fed  engine.  Basically,  the  pro¬ 
gram  consists  of  a  s?t  of  equations  defining  P.  U.  in  terms  of  mixture  ratio, 
propellant  loading,  ar.dburn  time.  One  sigma  variations  are  assigned  to  the 
variables  in  the  equations  and  the  program  set  to  randomly  pick  a  set  cf 
values  for  each  run  or  flight.  By  repeating  this  process  approximately  5,  000 
times,  a  P.  U.  probability  distribution  can  be  generated  for  each  fuel  bias. 

The  results  for  this  study  are  shown  in  figures  4-58  and  4-59  and  for  a 
pump-fed  system  and  a  250  p.  s.i.  pressure-fed  system.  The  deviations  used 
in  each  case  are  tabulated  in  table  4-18.  An  examination  of  the  curves  sub¬ 
stantiates  the  fact  that  an  open-loop  system  is  at  its  best  with  a  high  mixture 
ratio.  Anincrease  in  fuel  bias  absorbs  all  tbeerror  in  the  oxidizer  side  and 
leaves  only  the  additional  error  of  a  few  pounds  of  fuel  bias  that  do  not  affect  the 
P.  U.  to  any  great  extent  as  the  fuel  bias  is  increased. 

The  deviations  (table  4-18)  used  in  setting  up  the  Monte  Carlo  program 
strongly  influence  the  results  and  must  be  discussed,  particularly  those  that 
are  peculiar  to  this  system;  namely,  fuel  venting  effects  and  variations,  duty 
cycle,  and  throttling  variations.  Other  deviations,  such  as  propellant  loading 
deviation  and  initial  loaded  pressure  and  temperature  deviations,  were  taken 
from  Thor  and  Saturn  data  as  standard  percentage  values. 

Fuel  venting  is  dependent  on  the  type  of  pressurization  system  assumed, 
the  mission,  and  the  system  pressure.  For  this  analysis,  a  heated  helium 
pressurization  and  ambient  helium  repressurization  system  were  assumed. 
Under  these  assumptions,  only  a  few  missions  vented  the  fuel  tank;  princi¬ 
pally  the  low-pressure  pump-fed  systems.  At  no  time  did  the  oxidizer  tank 
vent.  The  heat  load  to  the  fuel,  and  thus  the  amount  vented,  depends  on  the 
assumed  vehicle  wall  temperature,  and  the  magnitude  of  the  heat  shorts; 
this  is  one  of  the  major  system  unknowns.  Thus,  the  most  conservative 
possible  assumptions  in  vent  rate  were  used.  One  of  the  most  severe  venting 
cases  is  mission  K  (80/20  burn  with  14-day  coast)  for  the  low-pressure  (pump- 
fed)  case.  A  number  of  runs  were  made  with  the  Douglas  computer  program 
H109,  Multi -start  Propulsion  System  Sizing  Program,  for  this  mission  to 
determine  the  effect  of  venting  or  extreme  changes  in  vehicle  wall  tempera¬ 
tures,  system  run,  and  vent  pressure.  The  results  are  shown  in  table  4-19. 
The  extreme  Wc^ll  temperature  changes  were  selected  to  reflect  the  maximum 
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Figure  4-58.  Propellant  Utilization  as  a  Function  of  Fuel  Bias  for  Pump-Fed  System  H2 


Utilization  as  a  Function  of  Fuel  Bias  for  Pressure-Fed  System 


g£g* 


heat  load  variation  expected,  rather  than  actual  wall  temperature  variation 
expected.  The  maximum  deviation*  from  nominal  were  chosen  as  3cr  varia¬ 
tions  and  accounted  for  in  the  fuel  loading  variations,  since  the  nominal 
amount  of  vented  fuel  would  have  to  be  added  to  the  open -loop  fuel  loading. 


Table  4-19 


h2  VAPOR  VENTED 
(80/20  Run-14-day  Duty  Cycle) 


Wall  Temperature  (°R) 


Vent 

Pressure 

Condition 

Pressure 

350 

400 

450 

20 

52.  62 

71.45 

95.23 

24 

21 

51.  55 

70.32 

94.  50 

22 

50. 42 

69. 12 

93.  16 

20 

52.  47 

'  70.  55 

94.69 

25 

21 

51.  15 

69.  96 

93.45 

22 

49.85 

68.  58 

92.  68 

20 

51.67 

70.48 

94.  69 

26 

21 

51.09 

69.  38 

93.  20 

22 

49.  84 

68.55 

92.  58 

Since  the  duty  cycles  are  so  varied,  the  fuel  vented  can  range  from  zero 
to  the  amount  shown  in  table  4-19.  This  is  a  source  of  error  in  the  open- 
loop  system  which  has  but  a  small  effect  on  P.  U.  probability.  This  is  be¬ 
cause  that  extra  fuel,  added  for  venting,  which  is  actually  not  vented,  just 
acts  as  additional  fuel  bias.  This  effect  is  shown  in  figures  4-60  and  4-61. 


In  the  pressure -fed  engine  system,  the  venting  is  reduced  to  a  very 
small  quantity  in  the  75-p.  s.  i.  system  and  to  none  in  the  250-p.  s.  i.  system. 
This  is  reflected  in  the  smaller  sigma  fuel-loading  deviation  shown  for  the 
pressure -fed  system.  No  venting  occurs  on  the  oxidizer  side  because  of  the 
subcooled  condition  of  the  fluorine.  Therefore,  the  only  effect  from  heat 
transfer  is  a  variation  in  oxidizer  temperature  which  in  turn  affects  mixture 
ratio.  This  effect  is  covered  under  duty  cycle  variations  below.  The  tem¬ 
perature  rise  that  normally  occurs  at  the  end  of  flight  due  to  tank  stratifi- 
cati^.>  is  not  significant  because  the  majority  of  duty  cycles  burn  only  part 
of  the  propellant  each  time  with  zero-g.  ,  cc® st,  and  de stratification  between 
burns. 
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The  biggest  variable  in  the  prediction  of  open -loop  propellant  utilization 
is  the  mixture  ratio  shift  that  occurs  due  to  the  variety  of  missions  or  duty 
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e  4-60.  Effect  of  Variation  in  Fuel  Vented  with  a  Pump-Fed  System  (Fuel  Bias  of  60  lb' 


Figure  4-61.  Effect  of  Variation  in  Fuel  Vented  with  a  Pump-Fed  System  (Fuel  Bias  of  20  (b) 


cycles  that  may  be  assigned  to  the  vehicle.  It  is  assumed  that  the  mission 
assignment  is  unknown,  which  means  that  an  open-loop  loading  must  cover 
all  possible  duty  cycles  at  the  highest  possible  P.  U.  level.  The  effect  of 
this  variety  of  missions  is  to  make  possible  a  large  variation  in  propellant 
inlet  temperature  and  pressure  conditions  which  produce  corresponding 
shifts  in  mixture  ratio. 

For  the  pump-fed  case,  the  inlet  pressure  changes  are  small  on  the  fuel 
side,  and  from  0  to  15  p.  s.  i.  on  the  oxidizer  side.  However,  the  influence 
coefficients  are  so  small  that  the  inlet  pressure  effect  on  mixture  ratio  is 
comparatively  small  for  both  oxidizer  and  fuel.  The  temperature  effects 
are  quite  significant.  The  oxidizer  temperature  spread  is  12°  and  the  fuel 
temperature  spread  is  2°.  The  spread  of  only  2fr  in  fuel  temperature  is 
explained  by  the  fact  that  the  fuel  is  conditioned  to  provide  N.  P.  S.  H.  prior 
to  each  burn  in  the  pump-fed  case.  This  is  fortunate  from  a  P.  U.  standpoint, 
since  it  results  in  a  fairly  small  excursion  in  engine  mixture  ratio  (E.  M.  R. ) 
(see  figure  4-62). 

In  the  pressure  -led  case,  the  oxidizer  temperature  spread  is  20°  and  the 
fuel  temperature  spread  is  20“.  This  results  in  a  fairly  large  change  in 
E.  M.  R.  (see  figure  4-62)  since  the  influence  coefficient  for  fuel  temperature 
effect  on  mixture  ratio  is  3.  5  times  that  shown  for  the  oxidizer  temperature 
effect  on  mixture  ratio.  Fortunately,  the  coefficients  are  of  opposite  sign. 
The  flat  portion  of  the  250-p.  s.  i.  E.  M.  R.  curve  (figure  4-62)  is  caused  by 
the  fact  that  the  burn  cycles  are  clustered  at  the  beginning  and  end  of  the 
duty  cycle  and  relatively  hot  pressuring  gas  is  being  added  to  condition  for 
each  burn.  The  large  spread  in  mixture  ratio  for  the  pressure-fed  cases 
causes  the  1-cr  variation  in  mixture  ratio  to  be  2.  1  times  as  great  for  the 
pressure-fed  case  as  the  pump-fed  case  in  the  Monte  Carlo  program.  This 
results  in  the  90  pet.  probability  curve  being  approximately  0.2  pet.  v'orse  in 
P.  U.  for  the  pressure-fed  system  (figure  4-58  and  4-59). 

Selection  of  an  actual  fuel  bias  for  the  system  is  somewhat  arbitrary  in 
that  a  number  of  biases  in  a  certain  range  can  be  selected  which  will  not 
result  in  changing  the  P.  U.  probability  markedly.  However,  the  fuel  bias 
value  of  30  lb.  was  picked  so  that  a  large  variation  in  fuel  vented  would  not 
drop  the  90  pet.  probability  (pump -fed  case)  below  the  99. 1  pet.  P.  U.  level. 
The  pump-fed  case  was  used  since  it  had  the  greatest  possible  variation  in 
fuel  vented.  The  amounts  of  fuel  to  be  added  to  the  fuel  loadings  were  55  lb. 
for  the  pump  -fed  case  and  15  lb.  for  the  pressure -fed  case. 

The  effect  of  throttling  was  found  to  be  minor  and  masked  by  other  duty 
cycle  and  mission  variations.  Limited  data  for  the  RL-10  engine  showed  that 
the  engine  regained  its  nominal  mixture  ratio  at  the  throttled  condition  after 
approximately  2  sec.  of  operation.  This  would  result  in  extremely  minor 
shifts  in  mixture  ratio  averaged  over  the  overall  burn  period  and  would  not 
change  the  results  of  this  analysis. 

In  summary,  the  results  of  the  open-loop  propellant  utilization  survey 
indicate  that  a  pump -fed  system  could  attain  a  maximum  P.  U.  of  99.  5  pet. 
with  a  30-lb.  fuel  bias  at  a  90  pet.  confidence  level,  and  that  a  pressure-fed 
system  could  attain  a  P.  U.  of  99.  3  pet.  under  the  same  conditions  but  with  a 
2 5 -lb.  fuel  bias. 
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If  the  system  is  to  be  mission  independent,  then  the  P.  U.  ,  shown  in 
table  4-23,  could  be  obtained  with  the  appropriate  fuel  bias. 

b.  Closed-Loop  P.  U.  System.  The  above  section  discussed  the 
open-loop  system  which  predicted  the  amount  of  fuel  to  be  loaded  for  a  given 
oxidizer  load  and  whose  accuracy  was  based  entirely  on  the  validity  of  this 
prediction  and  the  accuracy  with  which  these  propellants  could  be  loaded. 

The  closed-loop  system,  on  the  other  hand,  does  not  need  as  exact  a  fuel 
loading,  since  it  monitors  in-flight  mixture  ratios  and  changes  the  engine 
flow  rates  in  order  to  use  the  entire  propellant  load.  If  the  initial  loading 
is  fairly  accurate,  the  system  operates  at  nearly  nominal  mixture  ratio  and 
the  only  penalty  is  the  weight,  cost,  and  potential  reliability  decrease  of  the 
closed-loop  P.  U.  system.  Several  closed-loop  P.  U.  systems  are  in  opera¬ 
tion  at  the  present  time  with  very  high  accuracies.  The  system  on  Saturn 
has,  so  far,  provided  a  P.  U.  of  99-  995  pet.  and  the  Acoustica  system, 
designed  for  a  maneuvering  satellite,  claims  the  same  99.  995  pet.  accuracy. 

Although  this  kind  of  accuracy  cannot  be  matched  by  an  open-loop  system, 
it  should  be  noted  that  the  peculiar  requirements  of  the  study  vehicle,  with 
its  variety  of  duty  cycles,  actually  lowers  the  closed-loop  P.  U.  available 
from  a  pump-fed  system  as  much  as  0.  8  pet.  This  makes  the  overall  P.  U. 
available  slightly  less  than  that  shown  for  an  open-loop  system.  The  reason 
for  the  drop  in  P.  U.  available  for  the  closed-loop  system  is  because  the  long 
coast  periods  between  burns  result  in  fairly  large  amounts  of  fuel  being 
vented,  which  cannot  be  compensated  for  in  the  remaining  burn  time  available. 
This  situation  was  noted  during  two  duty  cycles,  the  50/50  burn  and  the  80/20 
burn  14-day  missions. 

With  a  closed-loop  P.  U.  system  capable  of  operating  at  off-mixture 
ratios  of  10  pet.  or  even  15  pet.  ,  above  nominal  mixture  ratios,  it  was  found 
that  the  control  could  operate  at  maximum  mixture  ratio  continuously  and 
still  not  be  able  to  burn  the  oxidizer  equivalent  of  the  fuel  that  had  been 
vented.  More  important,  it  was  found  that  the  engine  was  forced  to  operate 
at  a  mixture  ratio  of  14.  3  (10  pet.  system)  or  14.  95  (15  pet.  system)  for  the 
duration  of  the  second  burn  period  in  each  case,  at  reduced  efficiency  leve.’s. 

With  no  bias  whatsoever  and  a  nominal  amount  of  fuel  vented  before  the 
second  burn  period,  it  was  found  that  unacceptable  amounts  of  oxidizer  would 
be  left  in  the  tanks  (table  4-20).  However,  without  knowing  the  characteristics 
of  the  closed-loop  control,  it  was  assumed  that  fuel  could  be  added  in  excess 
of  that  required  for  a  13:1  mixture  ratio  and  the  control  biased  so  that  it  did 
not  see  this  fuel  at  any  time  in  flight.  This  unseen  fuel  would  offset  the  fuel 
vented,  and  the  only  penalties  would  be  the  off -mixture  ratio  operation  of  the 
engine  and  any  bias  fuel  residual  that  might  result. 

An  actual  fuel  bias  of  64  lb.  was  finally  established  for  a  closed-loop 
system  with  a  10  pet.  off-mixtuie  ratio  operating  range  as  follows: 

A  basic  fuel  bias  of  52  lb.  was  found  for  the  50/50  and  80/20  cases 
which  would  give  a  minimum  fuel  residual  (figure  4-63)  with  nominal 
vent  quantities  of  69  and  71.  5  lb.  of  fuel. 
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Table  4-20 

EFFECT  OF  FUEL  BIAS  ON  CLOSED-LOOP  PUMP-FED  SYSTEM 


Duty 

Cycle 

Fuel  Vented 
(lb.) 

M.  R.  (+10  pet. ) 

Bias  (lb.  ) 

Residual  Oxidizer 
(lb.) 

80/20 

69  (nominal) 

14.  3 

0 

744 

(14  days) 

81.4  (1.  65<r ) 

14.  3 

0 

922 

50/50 

71.5  (nominal) 

14.  3 

0 

431 

(14  days) 

83.  9  (1.  65<t) 

14.  3 

0 

608 

80/20 

69.0 

14.  3 

52 

0 

(14  days) 

81.4 

14.  3 

52 

178 

50/50 

71.  5 

14.  3 

52 

23  (fuel) 

(14  days) 

83.9 

14.3 

52 

9.  6  (fuel) 

80/20 

69.0 

14.  3 

64 

12  (fuel) 

(14  days) 

81.4 

14.3 

64 

0  (fuel) 

50/50 

71.  5 

14.3 

64 

34.  5  (fuel) 

(14  days) 

83.9 

14.3 

64 

22.  1  (fuel) 

•  Variations  in  nominal  vent  quantities  with  90  pet.  probability  limits 
were  taken  from  the  H109  program  (±12.4  lb.  ). 

•  A  new  fuel  bias  was  established  to  cover  the  uncertainty  in  quantities 
of  fuel  that  would  be  vented. 

The  criteria  used  for  establishing  this  bias  was  that  the  minimum 
fuel  bias  of  52  lb.  would  be  the  lower  90  pet.  probability  limit  for 
the  highest  vent  condition  established  in  the  second  item  above. 

This  point  was  chosen  so  that  no  oxidizer  residuals  would  be  ob¬ 
tained  (at  a  90  pet.  probability  level). 

•  Using  the  64-lb.  fuel  bias,  fuel  residuals  were  obtained  for  the 
nominal  50/50  and  80/20  cases  and  these  values  statistically  added 
with  all  the  other  duty  cycles  which  had  64-lb.  residuals.  This 
resulted  in  an  actual  fuel  residual  very  close  to  64  lb.  for  all 
missions  since  the  P.  U.  control  burns  everything  except  the  fuel 
bias. 


Once  the  average  flight  residual  was  established,  the  other  penalty 
assessed  the  system  w r.a  the  amount  of  time  at  which  the  P.  U.  system  would 
be  operating  at  a  maximum  off -mixture  ratio  condition.  The  performance 
of,  the  engine  was  assumed  as  shown  in  figure  4-64  on  the  basis  of  NASA 
experimental  data  and  an  assumed  efficiency.  Note  that  the  performance 
drops  off  as  mixture  ratio  increases.  This  is  in  accordance  with  experimen¬ 
tally  observed  effects  and  is  generally  attributed  to  increasing  disassociation 
and  ionization  effects.  Although  the  performance  shown  is  for  a  chamber 
pressure  of  50  p.  s.i.  a. ,  the  trend  is  identical  for  other  chamber  pressures. 
Therefore,  operation  at  higher  than  nominal  mixture  ratio  results  in  decreased 
I8p  which  is  conve rtible^  to  a  vehicle  AV  loss  or  equivalent  weight  penalty. 

Using  the  off -mixture  ratio  rise  shown  in  table  4-21  and  the  performance 
decrease  shown  in  figure  4-64,  the  velocity  loss  due  to  operation  at  high 
mixture  ratio  for  each  duty  cycle  was  established.  This  number  was  then 
converted  to  a  percentage  P.  U.  equivalent. 

In  summary,  the  effects  of  (1)  the  closed-loop  system  weight,  (2)  the 
bias  fuel  residual  to  help  offset  fuel  venting,  and  (3)  the  penalty  of  off-mixture 
ratio  operation  (+10  pet. )  to  burn  excess  oxidize r  resulted  in  an  average 
closed-loop  system  P.  U.  of  98.65  pet.  (table  4-22).  This  applies  to  a  1/2 
pcV.  basic  P.  U.  system  at  a  90  pet.  probability  level  under  pump-fed  condi¬ 
tions.  Basic  systems  of  1  pet.  and  2  pet.  would  be  correspondingly  worse. 

On  a  comparison  basis,  this  is  slightly  less  than  an  open-loop  pump-fed 
system  where  a  99.  1  pet.  P.  U.  was  established.  Apparently,  the  reason 
for  this  is  that  the  closed-loop  system  is  operating  at  an  off -mixture  ratio 
condition  for  a  significant  part  of  several  missions,  while  the  open-loop 
system  is  not.  This  offsets  the  advantage  of  the  closed-loop  system  which 
burns  to  a  zero  propellant  condition  when  given  sufficient  time. 

If  a  closed-loop  system  with  a  15  pet.  off-mixture  ratio  control  is  used, 
the  P.  U.  drops  slightly  to  98.  56  pet.  under  the  same  conditions  since  the  Isp 
is  lower  at  the  15  pet.  off -mixture  ratio  condition  (table  4-22). 

On  the  other  hand,  the  closed  -loop  system  on  a  pressure -fed  system 
appears  to  offer  substantial  improvement  over  the  open-loop  system.  This 
results  from  the  fact  that  (1)  very  little  venting  occurs  with  the  pressure -fed 
system  to  cause  problems  such  as  those  discussed  above,  and  (2)  the  closed- 
loop  P.  U.  control  will  hold  the  mixture  ratio  at  13:1  even  though  the  engine 
pump  inlet  temperature  and  pressure  buildups  with  time  are  such  that  they 
tend  to  shift  the  mixture  ratio  continually  to  higher  values  (see  figure  4-62). 

This  shift  in  E.  M.  R,  that  occurs  with  duty  cycle  variations  amounts  to 
an  average  velocity  loss  of  approximately  74  f.  p.  s.  for  the  open-loop  system 
or  a  relative  improvement  in  P.  U.  for  the  closed-loop  75-p.  s.i.  system  of 
0.29  pet.  With  a  250-p.  s.i.  engine  operating  level,  the  improvement  is  even 
greater  (0.456  pet.  )  since  the  velocity  loss  is  approximately  120  f.  p.  s„  for 
an  open-loop  system.  This  effect  is  independent  of  propellant  utilization 
since  the  comparison  is  made  on  the  same  amount  of  propellants  burned  and 
only  depends  on  mixture  ratio  shifts  caused  by  changes  in  inlet  temperature 
and  pressure  in  the  open-loop  system. 
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Figure  4-64.  F2  -  H2  Vacuum  Performance 


OVERALL  rj  (%)  C*tj(%) 


Table  4-21 

CLOSED-LOOP  PUMP-FED  SYSTEM 
(10  pet,  off  E.M.  R. ) 


Duty 

cycle 

Vent  Loss 
(lb.) 

Fraction 

Off  E.  M.  R.  Time 

AV  (f.  p.  8. ) 

AV  Loss 
(£•  p*  s  • ) 

A 

0 

0 

o 

0 

B 

0 

0 

0 

0 

C 

0 

0 

0 

0 

D 

0 

0 

0 

0 

E 

0 

0 

0 

0 

F  (80/20) 

s 

V, 

16.  3 

v. 

0.  90  of  second 
burn 

48.  59 

43.7 

G  (1) 

19.0 

0.  21 

170.07 

34.  0 

H  (19) 

18.6 

0.  20 

170.07 

34.  0 

Id) 

72.3 

0.79 

i 

170.07 

134.0 

J  (50/50) 

71.  5 

All  of  second 
burn  (0.  50) 

105.00 

105.0 

K  (80/20) 

69.0 

All  of  second 
burn  (0.  20) 

48.  59 

48.  59 

L  (19) 

62.  5 

0.49 

170.  07 

83.  20 

Total 

482.  49 

Average  =  40  f.  p.  s. 
(for  12  duty  cycles) 

Assuming 

»  a  normal  distribution, 

a  = 

43.  8  f.  p,  s. 

At  90  pet, 

,  probability  level, 

AV  = 

112  f.  p.  s,  or  0.  42  pet.  P.  U.  equivalent. 

Table  4-22 


CLOSED -LOOP  PROPELLANT  UTILIZATION 
(90  pet.  Confidence  Level) 


I.  Pump-fed  engine  (10  pet.  M.  R.  control 


an 


A.  Basic  system  (1/2  pet.) 

B.  Weight  penalty  (21  lb.  ) 

C.  Operation  at  +10  pet.  off  M.  R. 

(XSp  shift  of  -5  sec.  ) 

D.  Residual  fuel  (64  lb. )  (1.  650- 
variation  in  venting) 

Total 

II.  Pump -fed  engine  (15  pet.  M.  R.  control 


and  oi.  5  lb.  fuel  bias) 

A.  Basic  system  (1/2  pet.) 

B.  Weight  penalty  (-A  lb. ) 

C.  Operation  at  15  pet.  off  M.  R. 

(ISp  shift  of  -8  sec.  ) 

D.  Residual  fuel  (57  lb.  )  (1.  650- 
variation  in  venting) 

Total 

III.  Pressure -fed  engine  (75-psi  system, 


pet.  M.  R.  control  an 


A.  Basic  system  (1/2  pet.) 

B.  Weight  penalty  (21  lb. ) 

C.  Operation  at  10  pet.  off  M.  R. 

(duty  cycle  K) 

D.  Residual  fuel  (22  lb.  ) 

Total 

IV.  Pressure -fed  engine  (250-p.  s.i,  system, 


pet.  or  15  pet.  M.  R.  control,  no 


A.  Basic  system  (1/2  pet.) 

B.  Weight  penalty  (21  lb. ) 


AV  (f.  p.  s.  ) 

P.  U.  (pet.  ) 

28 

99.  725 

-0.  165 

112 

-0.  425 

-0.  503 

98.65 

28 

99.  725 

-0.  165 

145 

-0.  542 

-0.450 

98.  56 

28 

99.  725 

-0.  165 

26 

-0,  10 

-0.  173 

99.  29 

28 

99.  725 

-0.  165 

99.  56 

In  several  cases,  it  appears  that  the  75-p.  s.  i.  pressure-fed  system  is 
marginal:  it  may  or  may  not  vent;  while  the  250-p.  s.  i.  pressure-fed  sys¬ 
tem  shows  no  sign  of  venting.  Duty  cycle  K  for  the  75-p.  s.  i.  pressure-fed 
system  shows  27  lb.  of  fuel  vented  before  its  second  burn.  Using  the  same 
procedure  as  outlined  previously  for  calculating  a  fuel  bias,  the  final  result 
is  a  drop  in  P.  U.  of  0.  27  pet.  on  an  overall  basis  (table  4-22).  While  this  is 
not  a  large  penalty  in  P.U. ,  it  indicates  that  predictions  of  the  amounts  of 
fuel  vented  can  become  quite  significant  and  should  not  be  overlooked  in  the 
final  selection  of  a  feed  system. 

c.  Conclusions.  The  overall  comparison  between  the  open-loop  and 
closed- loop  I*.  U.  systems  is  shown  in  table  4-23.  This  table  shows  P.U. 
based  on  a  bias  so  that  optimum  P.  U.  is  obtained  from  an  indeterminate 
mission.  With  this  bias,  the  P.  U.  obtainable  for  each  duty  cycle  is  shown. 

It  can  be  seen  that  the  open-loop  system  is  generally  superior  to  a  closed- 
loop  system  for  low-pressure  pump-fed  engine  systems.  At  75  p.  s.  i. ,  the 
open-  and  closed-loop  systems  are  comparable;  at  high  pressure,  the  closed 
loop  is  superior.  This  is  principally  caused  by  the  fact  that  venting  and 
mission  indeterminacy  severely  penalize  the  closed-loop  P.U.  system. 

6.  Phase  VI  -  Tank  Insulation  and  Support. 

a.  Tank  Insulation.  To  adequately  store  cryogenic  propellants  on  board 
an  orbiting  spacecraft  for  periods  greatly  exceeding  several  hours,  a  high 
performance  thermal  insulation  system  is  mandatory.  During  orbital  opera¬ 
tions,  the  primary  means  of  heat  transfer  to  the  vehicle  is  through  radiation 
derived  either  directly  from  the  sun  or  reflected  back  from  the  Earth.  There¬ 
fore,  it  has  been  found  that  an  insulation  system  composed  of  a  number  of 
parallel  reflective  sheets  contained  in  a  vacuum  has  the  theoretical  capability 
of  reducing  the  radiant  ixiput  to  the  propellant  tanks  to  an  extremely  low  level. 
However,  if  conduction  is  permitted  to  occur  between  the  sheets,  either 
through  direct  sheet  contact  or  through  a  significant  amount  of  gas  being 
present  between  the  layers,  the  thermal  performance  of  the  insulation  system 
can  be  greatly  degraded.  These  factors  combine  to  make  this  basic  con¬ 
cept  difficult  to  apply  to  a  real  system  both  with  respect  to  fabrication  and  to 
make  space  insulation  compatible  with  ground-hold  and  boost  phase  operation 
which  occur  in  a  finite  pressure  environment  where  heat  transfer  occurs  by 
convection  rather  than  radiation. 

Within  the  past  few  years,  a  considerable  amount  of  analytical  and  ex¬ 
perimental  work  has  been  attempted  to  evolve  a  real  insulation  system  based 
on  the  multiple  reflector  concept.  Most  of  this  work  is  summarized  in  refer¬ 
ences  19  through  24.  Much  of  this  work  is  still  in  progress,  and  as  yet  no 
consensus  has  been  reached  as  to  the  optimum  approach  to  this  problem.  It 
is  now  clear,  however,  that  such  a  system  can  be  made  with  the  thermal, 
structural,  and  weight  characteristics  necessary  to  ensure  extended  duration 
space  storage  of  L^,  LF2,  and  LO^  propellants. 

The  work  conducted  and  under  way  in  this  area  has  been  reviewed 
in  detail.  During  June,  1965,  visits  were  made  to  NASA-LeRC, 

Arthur  D.  Little,  and  NASA-MSFC  to  obtain  the  latest  information  on  current 


Table  4-23 

COMPARISON  OF  OPEN-LOOP  AND  CLOSED-LOOP  PROPELLANT  UTILIZATION 
_  (90  pet.  Confidence  Level) 


CO 

CO 

ro 

CO 

CO 

CO 

CO 

CO 

CO 

CO 

en 

• 

00 

* 

CO 

• 

00 

• 

00 

• 

00 

• 

00 

• 

00 

• 

00 

« 

00 

* 

00 

• 

oo 

• 

00 

• 

00 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

00 

00 

00 

00 

00 

00 

00 

00 

00 

00 

00 

00 

oo 

CM 

N 

(M 

(M 

PJ 

CM 

(M 

eg 

eg 

eg 

eg 

eg 

eg 

O' 

O' 

O' 

O' 

<> 

O' 

O' 

O' 

O' 

O' 

• 

O 

• 

O' 

• 

o 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

o 

sO 

x> 

sO 

'O 

vO 

vO 

x> 

sO 

sO 

sO 

sO 

NO 

m 

in 

m 

m 

in 

m 

m 

in 

m 

in 

m 

in 

in 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

• 

O' 

• 

O' 

• 

O' 

O' 

O' 

O' 

O' 

O' 

(O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

e- 

x> 

p- 

P- 

o 

CO 

o 

■g' 

00 

CO 

00 

eg 

o 

CO 

co 

(M 

o 

g< 

CO 

CO 

o 

o 

eg 

© 

eg 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

o^ 

• 

O' 

• 

O' 

• 

O' 

• 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

NO 

vO 

o 

X> 

sO 

sO 

vO 

sO 

'O 

00 

M0 

sO 

m 

m 

in 

in 

m 

It) 

in 

in 

m 

in 

co 

m 

•g* 

oo 

00 

00 

oo 

00 

CO 

00 

00 

00 

00 

00 

• 

00 

• 

00 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

H 

p4 

H 

<— 4 

H 

H 

H 

*-H 

H 

H 

CO, 

-4 

r-4 

H 

H 

H 

H 

H 

H 

H 

O' 

H 

o 

"O' 

O' 

O' 

O' 

O' 

O' 

O' 

• 

O' 

• 

O' 

• 

O' 

• 

00 

• 

O' 

• 

o 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

H 

O' 

O' 

to 

CO 

co 

CO 

CO 

CO 

CO 

CO 

CO 

CO 

eg 

to 

eg 

o^ 

O' 

O' 

O' 

O' 

O' 

O' 

• 

O' 

• 

O' 

6 

O' 

* 

O' 

• 

O' 

• 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

o 

o 

vO 

(M 

o 

O' 

m 

oo 

#-4 

o 

e- 

CM 

o 

■g* 

•g< 

CO 

eg 

-g< 

CO 

CO 

CM 

eg 

fO 

eg 

CO 

O' 

O' 

O' 

o^ 

O' 

O' 

O' 

O' 

O' 

O' 

© 

O' 

• 

O' 

• 

O'* 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

CO 

CO 

CO 

CO 

CO 

O' 

O' 

O' 

H 

O' 

CO 

•—4 

o 

PJ 

eg 

C 

<M 

eg 

o 

o 

o 

r- 

O' 

CO 

O' 

00 

00 

00 

oo* 

00 

00 

00 

00 

00 

e- 

• 

00 

r- 

• 

n* 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

00 

00 

oo 

CO 

00 

■g* 

•g* 

o 

CO 

sO 

vO 

r- 

r- 

t-~ 

'O 

vO 

vO 

(M 

in 

O' 

■g* 

<*> 

00 

00 

00 

00 

oo* 

00 

00 

00 

oo 

00 

00 

00 

« 

00 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

C* 

O' 

vO 

sO 

x> 

'O 

'0 

CM 

eg 

eg 

■M4 

eg 

xP 

CO 

o 

o 

o 

o 

o 

O' 

O' 

O' 

in 

00 

CM 

t- 

sO 

O' 

O' 

O' 

O' 

O' 

00 

00* 

00 

00 

00 

• 

O' 

00 

• 

00 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

■g* 

g< 

CM 

o 

oo 

CO 

H 

m 

-o 

■g* 

o 

H 

H 

H 

•—4 

H 

H 

o 

H 

H 

H 

r-4 

H 

^■4 

O' 

O' 

o^ 

O' 

O' 

O' 

O' 

cp 

O' 

• 

O' 

O' 

• 

O' 

• 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

O' 

c  a  c  _  g  a  g 

u  h  **  2  w  h  M 

g  g  g  a  p  0 


X>  X>  X> 

in  o  •-« 


XJ  X>  X> 


P4  rj 

o’  •° 

00  O' 


* 

3  SS 

1  .2 

» 

.  to 

£  6 


n 

d 

tt 

r-4 

V 

G 

w 

I&? 


programs*  There  is  an  almost  endless  variety  of  detailed  approaches  that 
can  be  taken  to  envolve  the  required  insulation  system.  However,  when 
considering  fundamental  differences  and  not  detail  variations,  the  basic 
choices  are  relatively  few  for  the  type  of  vehicle  under  consideration.  This 
is  illustrated  by  figure  4-65.  This  figure  shows  that  two  choices  exist  for 
the  basic  space  insulation  material;  a  Mylar,  or  other  similar  non-metallic 
film,  or  a  metal  foil  such  as  aluminum.  If  the  mylar  film  is  selected,  a 
metallizing  process  must  be  applied  on  one  or  both  sides.  This  is  generally 
an  electrically  deposited  aluminum  (gold  and  silver  are  also  being  studied). 
The  metallized  Mylar  is  lighter,  stronger,  and  less  susceptible  to  tearing 
than  metal  foil.  Thus,  Mylar  is  presently  preferred. 

It  is  next  necessary  to  select  the  approach  for  separating  the  reflection 
layer.  There  would  seem  to  be  three  approaches  with  the  metallized  film; 

(1)  crinkling  of  the  film  which  provides  for  contact  only  over  a  limited  area; 

(2)  providing  a  controlled  permanent  set  in  the  material,  which  also  results 
in  a  limited  contact  area;  and  (3)  use  of  a  low-conductivity  separator  such  as 
a  continuous  paper  spacer,  netting  material,  glass  fiber  stripping,  and  so 
forth.  Approaches  (1)  and  (2)  are  similar  except  that  setting  is  more  rigid 
and  controlled  than  crinkling.  With  the  metal  foil,  an  insulator  separator 
must  be  used.  Crinkling  or  setting  should  provide  lower  heat  conduction  and 
less  weight,  but  the  insulator  tends  to  be  more  predictable  and  less  suscep¬ 
tible  to  thermal  degradation  by  crushing. 

The  next  decision  is  to  select  the  approach  for  adapting  the  space  insul¬ 
ation  system  to  atmospheric  operation.  The  greatest  departure  in  concepts 
is  noticeable  here;  the  following  four  basic  selections  are  available:  (a) 
a  purged  interstage  in  which  helium  is  used  to  saturate  the  insulation  with  a 
noncondensable  gas;  (b)  purged  substrate  in  which  a  layer  of  low  conductivity 
material,  such  as  fiberglass  mat,  is  placed  between  the  tank  wall  and  the 
space  insulation  and  is  purged  with  a  low  flow  of  helium;  (c)  a  low- 
conductivity  sealed  insulation  between  the  tank  wall  and  the  space  insulation; 
and  (d)  an  evacuated  bag  in  which  the  entire  insulation  system  is  encased  in 
a  flexible  bag  and  evacuated  prior  to  loading  the  propellant.  All  of  the  space 
insulation  systems  are  compatible  with  these  four  concepts  except  the 
crinkled  mylar  system  which  is  probably  not  applicable  to  the  evacuated  bag 
concept. 

Concept  (a)  is  the  simplest  and  lightest  in  weight,  but  the  problem  exists 
of  getting  purge  gas  initially  into  the  system  and  quickly  out  again  once  the 
vehicle  is  in  space.  It  is  also  somewhat  inefficient  as  an  insulation  system 
during  operation  in  the  atmosphere.  The  purged  substrate  (b)  is  more  com¬ 
plex,  generally  relatively  heavy,  and  the  problem  of  introducing  purge  gas 
still  exists.  Approach  (c)  is  a  good  ground-hold  insulation  system  but  is 
heavy  and  has  many  sealing  problems.  The  sealed  bag  (d)  also  has  serious 
sealing  problems  and  requires  a  basic  insulation  which  is  not  damaged  by 
the  crushing  external  pressure  of  1  atm.  Evacuating  the  bag  is  also  a 
problem. 

Work  is  underway  on  several  specific  systems.  The  Lockheed  effort 
for  LeRC  uses  a  IB 3b  system  (utilizing  the  notation  of  figure  4-65),  that  is, 
a  double  aluminized  mylar  with  a  paper  spacer  and  a  purged  fiber  glass  mat 
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substrate.  The  National  Aeronautics  and  Space  Administration,  George  C. 
Marshall  Space  Flight  Center  is  working  on  a  lA2c  system  and  a  IA2a  system. 
Douglas  IRADhas  primarily  concentrated  in  the  past  on  a  IA2a  system. 
Current  Arthur  D.  Little  thinking  is  toward  a  1^.  a  system. 

(1)  Review  and  Comparison  of  Candidate  HPI  Systems.  Table  4-24 
is  a  compilation  of  HPI  data,  These  data  are  not  complete' as  they  are  con¬ 
stantly  being  updated  —  both  from  IRAD  testing  at  Douglas  and  from  outside 
sources.  The  sources  of  the  data  presented  are:  (1)  aluminum  foil  with  a 
glass  fiber  space  —  Linde  Company;  (2)  Mylar  aluminized  on  both  sides  with 
dexiglas s  spacer  —  Lockheed  Missiles  and  Space;  (3)  Mylar  aluminized  on 
both  sides  with  a  nylon  netting  spacer  —  Arthur  D.  Little  Company;  (4)  Mylar 
aluminized  on  one  side  with  a  crinkling  technique  as  a  spacer  --  Arthur  D. 
Little  Company;  (5)  Mylar  aluminized  on  both  sides  with  a  dimpling  technique 
as  the  spacer  —  Douglas.  Because  of  the  difficulties  and  sensitivities 
involved  in  testing  HPI,  the  comparison  of  conductivities  of  the  different 
groups  should  be  viewed  with  caution.  The  conductivities  are  best  used  as 
an  intragroup  comparison. 

Three  basic  types  of  HPI  have  been  selected  for  consideration:  (i) 
aluminized  Mylar  separated  by  crinkling  (system  IA2);  (2)  aluminized  Mylar 
separated  by  a  very  low  conductivity  material  (system  IB 3);  and  (3)  alumi¬ 
nized  Mylar  separated  by  layers  of  aluminized  mylar  which  have  been  preset 
or  dimpled  to  maintain  gaseous  diffusion  paths  and  structural  integrity 
(system  LAI).  The  Linde  insulation  system  is  not  being  considered  because 
(a)  thermal  shorting  of  the  insulation  becomes  too  critical;  (b)  the  outer 
aluminum  layer  is  prone  to  vibration  damage:  (c)  outgassing  of  purge  gas  is 
difficult,  and  (d)  the  system  generally  tends  to  be  heavy  relative  to  the  other 
candidates,  as  indicated  by  table  4-24.  Using  test  results  from  the  various 
sources,  one  can  compare  the  insulating  effectiveness  for  typical  examples 
cf  each  of  the  three  systems. 

For  system  IA2,  test  results  at  Douglas  indicate  a  heat  flux,  q,  of  0,37 
B.t.  u.  p.  ft.  -hr.  for  a  50-layer  section  of  insulation  (1-in.  thick).  Assuming 
that  radiation  is  the  only  mode  of  heat  transfer,  we  have 


where  n  is  the  number  of  layers,  TH  is  the  hot-side  temperature  of  the 
insulation,  T  is  the  cold-side  temperature,  and  c  is  a  measure  of  the  heat 
transferred  p^r  unit  area  for  a  sheet.  Using  the  above  results,  which  were 
obtained  with  LN~  as  the  cryogen  and  a  AT  of  3^  °F  across  the  insulation,  it 
was  determined  fnat  c  was  equal  to  2.  26  x  10“  B.  t.  u.  p.  °R^. 

For  System  IB3,  results  from  a  test  performed  at  Lockheed  (sponsored 
by  NASA-Lewis)  indicate  0.  3  B.t.  u.  p.  ft«2  -hr.  over  30  pairs  (aluminized 
Mylar  and  Dexiglass)  of  insulation  layers.  The  test  was  performed  with  LI^ 
as  the*  cryogen  and  a  AT  of  360*  F  across  the  insulation.  It  is  determined  that 
c  for  this  system  is  1.  13  x  10“  B.t.  u.  p.  °R^. 


For  system  IA1,  IRAD  tests  at  Douglas  have  shown  that  the  heatjflow  for 
a  typical  configuration  of  36  sheets  of  insulation  is  0.26  B.t.u.  p.  ft.  -hr. 

The  test  usedLN2  as  the  crvogen  and  had  aAT  across  the  insulation  of  395 °F. 
This  gave  a  c  of  i.  14  x  10" 10  B.  t.  u.  p,  °R  .  If  one  also  considers  the  relative 
weights  of  the  systems,  the  following  results  are  obtained:  if  the  weight  of  a 
1 —ft*  square  section  of  1 /4-mill  aluminized  Mylar  equals  1,  the  weight  per 
sheet  of  system  IA2  is  1;  the  weight  per  sheet  of  system  IB3  is  3;  and  the 
weight  per  sheet  of  system  IA1  is  2. 

Taking  the  products  of  the  c  values  and  the  relative  weights,  we  can  get 
a  meaningful  measure  of  performance  of  the  insulation  on  a  weight  basis.  For 
system  IA?,,  we  get  2.  26  x  10" *0;  for  system  IB3  we  get  3.  39  x  10"  ,  and 

for  system  IA1  we  get  2.  28  x  10“  .  This  implies  that  the  system  using  an 

insulator  spacer  is  about  50  pet.  heavier  than  the  other  two  systems  which  are 
approximately  equal;  this  difference  in  performance  is  not  significant  because 
the  Lockheed  system  was  not  tested  in  the  same  apparatus  used  for  the 
Douglas  Dimplar  and  NRC-2  tests.  However,  system  IA1  uses  1/2  mill 
rather  than  1/4  mill  Mylar  sheets;  therefore,  it  may  be  that  1/4  mill  sheets 
can  be  used  with  little  .loss  in  performance. 

(2)  Insulation  Location.  The  normal  approach  to  installing 
multilayer  insulation  has  been  to  apply  the  insulation  directly  to  the  cryogenic 
tankage.  However,  early  in  the  program,  it  was  reasoned  that  this  was  not 
the  only  possible  location  and  that  an  insulation  system  located  around  the 
structural  shell  or  at  least  removed  some  distance  from  the  cryogenic  tanks 
may  have  certain  advantages.  The  pros  and  cons  for  shroud  versus  tank 
mounting  are  listed  in  table  4-25. 

Quantitative  descriptions  of  the  items  in  table  4-25  are  contained  in  the 
following  discussion.  The  presented  numerical  results  are  based  on  pre¬ 
liminary  models  which  may  differ  from  item  to  item.  Thus,  the  important 
result  is  the  relative  performance  of  the  two  systems,  S  (HPI  on  shroud)  and 
T  {HPI  on  tank),  rather  than  the  absolute  magnitude  of  the  separate  results. 

(a)  Supporting  Arguments. 

PI  --  Ease  of  Compression-Free  Application.  Most 
of  the  heat  transferred  through  a  blanket  of  jRPI  in  a  typical  installation 
results  from  solid  conduction.  To  illustrate  this,  consider  the  following 
examples: 


Dimplar  --  Calorimeter  Data.  Tests  in  Douglas 
materials  laboratories  were  conducted  under  a  current  IRAD  program  to 
evaluate  a  typical  installation  using  dimpled  Mylar  insulation.  A  typical 
result  was  the  following: 

,  TH  (hot  wall  temperature)  =  530°R 
T*1  (cold  wall  temperature)  =  140°R 
nc  (number  of  HPI  layers)  =  19 
t  (HPI  slab  thickness)  =  1  in.  ~ 

q  (heat  flux)  =  0.  57  B.  t.  u. /hr. -ft. 


Table  4-25 


EVALUATION  OF  PLACEMENT  OF  HIGH-PERFORMANCE 
INSULATION  ON  THE  SHROUD  INTERIOR 


PI.  Ease  of  compression-free 
application. 

P2.  Low  shorting  of  insulation  by- 
supporting  structure. 

P3.  Performance  gain  when  HPI 
does  not  touch  cold  tank  wall. 

P4.  Multitemperature  skin  insula¬ 
ted  optimumly. 

P5,  Potential  for  leak  detection. 

P6.  Little  insulation  required  on 
penetrations. 

P7.  Ease  of  tank  maintenance. 


Cl.  Increased  area  to  insulate. 

C2.  HPI  subjected  to  aerodynamic 
heating. 

C3.  Increased  ground  hold  and 
boost  boiloff. 

C4.  Untried  system. 


For  an  ideal  radiation  shield  of  the  same  material,  the  heat  flux  is 
given  by 

q  =£x(t  4  -t  4)=  °J215  (t  4  -  t  *)x  io-8 

nrn\^H  c/  n  \H  cl 
for  doubly  aluminized  Mylar  sheets  with  emissivity  =  0.04.  Thus 


q  =  0.  14 


B.  t.  u. 


ft.  hr. 


Comparing  this  value  to  above  measured  heat  flux  we  find  that  the  con¬ 
ductive  component  is 

q  =  0.57  -  0.  14  =  0.43 
^*c 

Therefore  the  conductive  component  amounts  to  approximately  80  pet. 
of  the  total  heat  flux. 


LMSC  Tests  of  HPI  System  with  Paper  Spacers.  Tests  at 
LMSC,  reported  in  references  21  and  22,  result  in  the  following  data  taken 
for  an  installation  on  a  tank  of  an  aluminum-coated  (double^  Mylar  HPI  using 
Dexiglass  spacers: 


=  530°R 
a  140  #R 


t  <=  1/2  in. 

2 

q  =  0.  30  B.  t.  u.  p. /hr. -ft. 

here  the  conductive  component  amounts  to  about  70  pet.  of  the  total  heat  flux. 

In  contrast  to  the  preceding  values,  the  conductive  component  to  the  heat 
flux  must  go  to  zero  for  a  contact  pressure  of  zero  between  the  sheets.  The 
following  is,  therefore,  apparent: 

•  Transmitted  flux  will  depend  strongly  on  the  insulation  compression, 

•  Current  typical  good  installations  are  highly  degraded  because  of 
contact  between  layers  of  insulation. 

A  certain  amount  of  compression  is  invariably  associated  with  wrapping 
insulation  around  a  real  tank  or  a  support.  Due  to  a  topologies’  incongruency, 
additional  compression  arises  when  a  planar  layer  of  HPI  is  t  -r  tod  to  a 
spherical  surface.  Both  problems  are  essentially  removed  when  insulating 
the  inside  of  the  shroud.  Such  a  system  should  not  build  up  tension  in  the 
insulation  (producing  compression)  because  of  the  significantly  different 
application  technique.  Furthermore,  the  shroud  surfaces  will  be  truncated 
cones  or  cylinders  which  present  no  topological  difficulties  such  as  arise 
with  a  spherical  surface. 

As  seen  by  the  calculations  in  the  above  examples,  a  compression-free 
installation  could  improve  the  insulating  properties  of  an  HPI  blanket  by 
about  a  factor  of  3  (thus  requiring  2/3  less  insulation  for  the  same  heat-leak). 
The  actual  performance  gain  would  be  a  strong  function  of  the  precise  HPI 
application  method. 

At  this  point  in  time,  the  Douglas  IRAD  calorimeter  tests  were  consis¬ 
tently  showing  Dimplar  to  be  about  twice  as  heavy  as  NRC-2  in  conventional 
installations.  However,  it  was  expected  that  the  spiral  wrapping  technique 
used  on  the  calorimeter  was  degrading  the  thermal  performance,  particularly 
for  Dimplar,  because  of  the  following: 

•  The  flat  reflectors  in  Dimplar  do  not  give,  resulting  in  a  possible 
high  state  of  compression. 

•  Lateral  conduction  effects  are  magnified  because  of  Dimplar’s 
greater  thickness  (conduction  cross-section)  and  fewer  shorts 
(conduction  length). 

Therefor^  -  special  calorimeter  test  was  made  to  demonstrate  the  per¬ 
formance  ca^  a  bib  ies  of  a  compression  free  installation  as  would  be  expected 
with  the  shrouc  mounted  technique.  This  test  involved  placing  spacers  at 
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either  end  of  the  calorimeter  so  that  the  insulation  would  be  set  off  the  cold 
wall.  Each  insulation  sheet  was  individually  installed  over  the  supports  and 
was  cut  to  form  a  single  butt  joint  running  the  full  length  of  the  cylinderical 
calorimeter.  Each  sheet  was  placed  so  that  the  joints  of  successive  sheets 
were  staggered  60  in.  apart.  No  attempt  was  made  to  separate  individual 
sheets  but  care  was  taken  not  to  compress  the  lay-up.  Each  sheet  was  sup¬ 
ported  by  looped  threads  hooked  to  rigid  spoke  supports.  The  results  of  the 
tension-free  Dimplar  test  are  given  in  table  4-26.  For  comparison.,  the 
results  of  the  previous  best  performing  NRC-2  and  Dimplar  ERAD  tests  are 
given.  The  Dimplar  used  was  0.  5 -mil  doubly  aluminized  Mylar  with  a  deep 
set.  As  can  be  seen,  the  tension-free  mounting  reduced  the  heat  flux  by 
more  than  a  factor  of  2. 

P2  --  Shorting  of  Insulation  by  Supporting  Structure.  It  has 
been  shown  in  reference  25  that  the  high  lateral  conductivity  in  an  HPl  slab 
helps  channel  heat  through  penetrations  in  the  insulation  (support  members 
or  pipes)  into  the  propellant  tanks.  The  effect  can  be  significant.  For  in¬ 
stallations  with  about  100  HPI  layers,  the  result  of  penetrations  through 
0.  01  pet.  of  the  insulated  area  is  a  factor  of  10  increase  in  the  heat  transfer 
to  the  tank  (reference  20).  The  model  used  for  this  computation  was  checked 
against  experimental  results  from  Arthur  D.  Little,  Inc.  (reference  26).  In 
the  ADL  tests,  an  insulated  tank  was  degraded  with  a  Cu  penetration  and  the 
temperature  profile  in  the  HPI  was  measured.  Using  the  experimental 
profiles,  the  heat  current  from  the  HPI  to  the  short  was  found;  reference  26 
reports  the  result  to  be  0.44  B.t.  u.  p.  /hr.  The  method  of  reference  25  was 
applied  to  this  example  and  the  predicted  result  was  0.  38  B.t.  u. p.  /hr. 

When  the  HPI  is  mounted  on  the  shroud,  the  situation  is  altered  in  two 
ways.  First,  many  penetrations  used  to  hold  the  HPI  in  place  no  longer  offer 
conduction  paths  to  the  tank  because  they  are  only  connected  to  the  shroud. 
The  effect  is  to  raise  the  temperature  of  the  cool  layers  of  HPI  in  the  vicinity 
of  the  short  and  to  radiate  some  additional  energy  to  the  tank.  This  process 
of  heat  transfer  is  far  less  efficient  than  direct  conduction.  Second,  pipes 
and  tank  supports  now  remain  cool  near  the  tank  (see  P6).  Conduction  of 
heat  through  these  penetrations  is  very  low  because  the  hot  areas  are  about 
ten  times  further  from  the  cryogen  than  for  the  configuration  with  HPI  on  the 
tank. 

Thus,  by  moving  the  insulation  to  the  shroud,  the  severe  degradation 
from  coupling  between  thermal  shorts  and  the  insulation  may  be  greatly 
decreased. 

P3  --  Performance  Gain  When  HPI  Does  Not  Touch  Cold 
Tank  Walls.  Whether  a  system  of' ideal  radiation  barriers  were  placed  near 
or  far  from  the  propellant  tank  would  not  affect  heat  transfer.  However, 
real  HPI  systems  have  substantial  conductive  components  (about  75  pet.). 
Because  of  the  nonlinearity  of  radiation  heat  transfer  coupled  with  a  conduc¬ 
tive  component,  a  performance  gain  can  be  obtained  by  moving  the  HPI  from 
the  tanks.  To  illustrate  this  effect,  assume  that  heat  transfer  through  HPI 
is  100  pet.  conductive  (this  assumption  simplifies  the  algebra).  The  systems 
to  be  looked  at  are  shown  in  figure  4-66.  Consider  the  LHj  tank  for  the 
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Table  4-26 


HIGH-PERFORMANCE  INSULATION 
CALORIMETER  TESTS  (IRAD) 


Insulation  system 

Number 

of 

layers 

Insulation 

thickness 

(in.) 

Boiloff 
(ft. 8 /min. ) 

Heat  flux 

2 

(B.  t.  u.  p. /hr. -ft.  ) 

Shroud  /  mounted 
Dimplar  (0.  5  mil) 

9  smooth 

8  dimpled 

0.9 +  0.  1 

0.00110 

0.249 

Dimplar  (0.  5  mil) 
Continuous  spiral 

10  smooth 
9  dimpled 

1.0 

0.0022 

0.506 

NRC-2  (02  5  mil) 
Continuous  spiral 

50 

1.0 

0. 00066 

0.  157 

NRC-2  (0.  25  mil) 
Continuous  spiral 

50 

1.0 

0.00072 

0.  166 

current  mission  with  T  =  36°R,  Tj.  =  355°R,  HPI  thickness  -1.6  in.  (40 
layers),  k  =  8  x  10“'>  Bft.  u.  /ft.  -°Ri-hr.  These  values  are  typical  based  on 
current  laboratory  data  and  preliminary  optimization  for  the  210-orbit 
mission  (14  days).  The  heat  flux  at  steady -state  condition  is: 


System  t 


or 


%  =  *'■’  (th4  -  t,4>  =TTT  (Tt  •  TC> 

0.  0035  (160  -  Tt4  x  10~8)  =  6  x  10"4  (Tt  -  36) 


(4-46) 


Solving  for  T^.  gives 


Tt  =  324°R,  qt  =  0.  173  B.  t.  u.  /ft.  -hr. 


(4-47) 


System  s 


q  =  0.0035  T  x  10~8  =  6  x  10"4  (355  -  T) 
s  s  s 


Solving  for  T  gives 
s 


T  =  220  R,  q  =  0.081  B.  t.  u.  /ft.“-hr. 
s  s 


Moving  the  insulation  to  the  shroud  has,  in  this  simple  example,  reduced 
the  net  heat  transfer  by  one-half.  Figure  4-67  displays  computer-produced 
data  for  the  case  where  the  radiative  component  of  the  HPI  is  included. 

Values  of  k  ,  the -conductive  contribution  to  the  effective  conductivity,  vary 
from  6  to  8Cx  10"  B.t.  u.  /ft.  -°R-hr.  for  current  good  Dimplar  installations. 
The  radiative  component  was  included  in  a  term  of  the  form 


The  percentage  reduction  in  required  insulation  weight  per  unit  area 
caused  by  simply  moving  the  HPI  from  contact  with  the  tank  is  proportional 
to  the  distance  between  the  two  curves  on  figure  4-67.  In  the  range 
of  k  values  of  interest,  the  savings  are  45  pet.  (for  the  LHg  tank)  and  25  pet. 
(forthe  LF^  tank).  This  performance  increase  is  about  the  same  as  found 
experimentally  (reference  27). 


P4  --  Multicomponent  Skin  Insulated  Optimumly.  The 
configuration  of  the  study  veHicle  witK  HPI  on  the  shroud  is  shown  schema¬ 
tically  in  figure  4-68.  The  insulation  would  be  cut  to  the  appropriate  shape 
to  fit  along  the  conical  sides  or  the  disk- shaped  (or  cone-shaped)  ends.  The 
application  method  that  would  be  used  would  allow  application  of  layers  of 
HPI  along  the  particular  surface  insulated  as  required.  For  instance,  the 
number  of  HPI  layers  along  the  top  cone  above  the  tank  need  not  be  the 
same  as  the  number  along  the  vehicle  sides.  Furthermore,  the  mean  tem¬ 
peratures  of  the  various  surfaces  are  quite  different;  thus,  the  optimum 
configuration  would  almost  certainly  involve  different  numbers  of  HPI  layers 
at  different  positions  arcund  the  vehicle. 


Figure  4-66.  Simple  Model  to  Evaluate  Effect  of  Insulation  Placement 


When  the  HPI  is  attached  to  the  tank,  it  is  impractical  to  insulate  certain 
portions  of  the  tank  surface  with  more  layers  than  others.  Furthermore,  an 
accurate  analytic  model  of  such  a  system  is  currently  impossible.  Because 
the  insulation  can  be  tailored  when  placed  on  the  shroud,  a  more  satisfactory 
performance  optimization  is  possible.  The  weight  savings  can  be  large.  A 
numerical  example  is  shown  later  in  this  section  where  the  net  effect  of  area 
increase  on  the  optimum  configuration  is  calculated. 

P5  --  Potentials  for  Leak  Detection.  With  HPI  on  a  tank, 
leaking  propellant  vapor  will  build  up  behind  the  insulation,  eventually  de¬ 
grading  the  thermal  performance  of  the  HPI  over  a  large  area  while  slowing 
down  the  leak  rate.  Thus,  the  discovery  of  the  leak  is  indirect,  that  is, 
through  a  slow  increase  in  boiloff.  A  leak  during  laboratory  testing  will 
cause  wasted  effort,  expense,  and  time  before  it  would  be  discovered.  Also, 
a  leak  existing  in  the  flight  hardware  would  most  likely  be  undetected  during 
ground  hold  and  could  result  in  mission  failure. 

On  the  other  hand,  with  the  insulation  on  the  shroud,  a  single  monitoring 
pressure  probe  in  each  shrouded  compartment  could  register  tank  leakage. 
Furthermore,  the  region  of  the  leak  could  be  found  by  inspection  of  the  bare 
tank  walls.  Also,  if  a  leak  occurred  during  ground  hold  of  the  flight  hard¬ 
ware,  a  mass  spectrograph  probe  could  detect  it. 

P6  —  Little  Insulation  Required  on  Penetrations.  When 
the  HPI  is  on  the  tank,  all  penetrations  must  themselves  be  insulated.  If 
they  were  not,  the  radiative  equilibrium  between  the  penetrations,  the 
shroud,  and  the  insulated  tank  would  cause  the  penetrating  pipe  or  support 
to  be  nearly  as  hot  as  the  shroud  to  within  a  few  inches  from  the  tank.  The 
heat  conducted  into  the  tank  through  the  support  under  these  conditions  would 
be  too  great  to  tolerate.  Thus,  the  radiant  heating  of  the  support  must  be 
eliminated  by  using  HPI. 

When  the  HPI  is  placed  on  the  shroud,  the  field  of  radiant  energy  sur¬ 
rounding  the  support  is  weak.  Thus  the  penetration  requires  no  insulation 
to  remain  cool.  Results  are  presented  in  section  4  (see  figure  4-68)  that 
show  typical  heating  to  the  tanks  from  uninsulated  supports.  This  heating  is 
unimportant  for  this  consideration  and  is  only  a  few  percent  of  the  total. 

Because  the  penetrations  need  not  be  insulated  for  the  case  of  HPI  on 
the  shroud,  the  weight  of  that  insulation  is  saved.  Furthermore,  the  attach¬ 
ment  of  the  tank  to  its  supports  and  plumbing  can  be  accomplished  more 
easily. 


P7  —  Ease  of  Tank  Maintenance.  Because  plumbing  and 
support  connections  ' to  the  tank  are  bare  when  the  HPI  is  on  the  shroud,  the 
tank  can  be  removed  from  the  shroud.  Movement  of  the  tanks  can  also  be 
accomplished  with  minimum  of  risk  of  damage  to  the  HPI,  because  most  of 
the  HPI  can  remain  in  place  on  the  shroud  walls. 
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(b)  Opposing  Arguments. 


Cl  --  Increased  Area  to  Insulate.  The  total  shroud  area 
plus  the  top,  middle,  and  bottom  disks  (figure  4-68)  have  a  total  surface  area 
of  603  ft.  .  The  total  surface  area  of  the  tanks,  the  pipes,  and  supports 
amounts  to  348  ft.  .  It  would,  therefore,  appear  that  almost  double  the  in¬ 
sulation  weight  on  the  shroud  would  be  necessary  to  give  the  same  system 
performance,  neglecting  items  PI,  P2,  and  P3  above,  as  that  obtained  with 
HPI  on  the  tank.  This  conjecture  is  correct  (ignoring  PI,  P2,  and  P3),  but 
the  doubled-weight  system  is  no  longer  optimum.  In  this  section,  item  P4 
and  the  area  increase  will  be  considered  to  estimate  the  net  weight  penalty 
associated  with  insulating  the  shroud.  Figure  4-68  identifies  the  insulation 
thicknesses  and  the  wall  areas  to  be  used  in  the  calculation.  The  surface 
areas  shown  are 


A  =  123  ft. 
a 


\  = 


=  185  ft. 


A  =  88  ft. 

c 


A,  =  207  ft. 
d 

A  =  207  ft. 
e 

Af  =  49  ft. 


For  these  calculations,  a  pure  radiation  transfer  equation  is  used  with 
a  view  factor  chosen  to  fit  the  existing  calorimeter  data  on  Dimplar,  viz. 
(with  T  in  100°R’s) 

-4 

__  8.55x10  ,rr  4  ^  4%  B.t.  u.  ,A 

q  -  —  — y - ( T-rr  -  T  )  ■  -  y- (4-49) 


ft.  **  orbit 


(an  orbit  is  96  min. ) 

Temperature  distributions  were  obtained  from  the  data  of  section  4. 
The  data  of  figure  4-57  can  be  represented  with  reasonable  accuracy  by  the 
relation 


T  (100  R)  =  3.  25  +  1.25  sin© 


(4-50) 


where 0  is  the  angular  distance  around  the  vehicle’s  cylindrical  surface. 
The  appropriate  mean  temperature  to  be  used  with  the  heat  transfer  law  of 
equation  4-49  is  found  by  averaging  over  the  surface  as  follows: 


y*  ?  7T 

■*/  ’• 


=  .*12.  J  (1  +  0.  89  sin  2e  +  0.  022  sin  4@)  d0 


(4-51) 


=  110  (1  +  0.445  +  0.0087)  =  160 
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or  T  =  3, 55  (1008R)  v 

System  t  •»-  Insulation  on  Tank.  Approximately  30  pet.  of 
the  *ax&  sees  the  "bottom  of  the  stage  .\yhile  about  20  pet.  of  the  LF^  tank  * 

sees  the  payload.  The  net  heat  transfer  t <S  the  two  tanks  from  equation  4-49 

is  (for  LF2  -nd  LH^,  respectively): 

q  =  25.5  B.t.  u.  q,  =  27.9  B.t.  u.  (4-52)  * 

a  orbit  'b  orbit 

The  boiloff  equivalent  for  the  most  severe  mission  (210  orbits)  is 

Wa  =  lb  Wb  =  lb  (4-53) 

Also  the  insulation  weight  is  given  by 

=  10a  lb.  W'  =  10b  lb.  (4-54) 

Selection  of  the  optimum  insulation  thickness  (by  minimizing  W  +  W,  + 

W'a  +  W' )  yields  a 

a  *  b  s  1.7  in:  Total  weight  =  70  lb.  (4-55)  * 

System  s  —  Insulation  on  Shroud.  The  HPI  layer  separating 
the  LH>  and  LF_  tank  compartments  does  not  enter  into  the  optimization  as 
heat  leaks  across  that  layer  result  in  zero  change  in  the  net  stored  heat  in  t 

the  vehicle.  That  layer  is  chosen  just  thick  enough  to  keep  the  LF^  from 
freezing  (only  a  few  sheets  is  sufficient). 

The  total  weight  penalty  (insulation  plus  boiloff)  for  this  case  is  given  by 
W  =  +|.+iLZ  +  4.  lc  +  9.  2d  +  2.  62f  +  9.  5e  (4-56) 

Minimization  of  yields  for  the  various  insulation  thicknesses  is: 

c  =  1.  0  in. ,  d  =  0.  9  in. ,  f  =  1.  9  in.  ,  e  =  1.  Q  in.  (4-57) 

and  the  total  weight  is  51.  8  lb. 

If  0.  25-mil  flat  sheets  were  used,  this  weight  is  further  reduced  to  44.  9 
lb.  This  compared  to  a  of  70  lb.  for  tank-mounted  Dimplar. 

4 

Similar  estimates  for  NRC-2  on  the  tank  using  an  optimistic  T  variation 
in  q  assumption,  give  a  W  of  48.4  lb.  Therefore  shroud-mounted  Dimplar 
and  tank-mounted  NRC-2  should  be  quite  comparable  on  an  overall  weight 
basis.  * 
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C2  --  HP1  Subjected  to  Aerodynamic  Heating.  During  boost 
the  shroud  skin  temperatures  could  reach  500 °I  “however,  Mylar  fails 
structurally  around  200 °F  Thus,  precautions  must  be  taken  to  avoid  melt- 
ing'of  the  insulation.  1,MSC  data  (reference  28)  indicates  that  Mylar  can 
withstand  temperatures  up  to  300°F  for  brief  periods.  Therefore,  if  the  HPI 
is  not  in  too  good  a  thermal  contact  with  the  sb'.oud,  it  may  resist  the  environ 
mental  heating.  An  alternate  possibility  is  to  use  an  aluminum -coated 
plastic  other  than  Mylar  for  the  first  sheet  of  HPI  that  can  resist  the  high 
temperature  experienced.  Such  a  material  is  not  currently  used  for  insula¬ 
tion.  The  boost  heating  calculation  reported  in  section  4  indicates  that 
shroud  temperatures  are,  in  fact,  below  the  level  at  which  this  becomes  a 
problem. 

C3  --  Increased  Ground  Hold  and  Boost  Boil  off.  With  a 
He-purged  shroud,  High  boiloff  rates  are  experienced  until  after  the  evacua- 
ting  ascent  into  orbit.  The  weight  penalties  have  been  calculated  in  section 
4  for  the  configuration  with  HPI  on  a  tank.  Figure  4-69  shows  that,  for  a 
typical  300-hr.  coast,  the  weight  penalty  associated  with  He  purging  varies 
nearly  linearly  from  0  to  40  pet.  of  the  total  weight  penalty  as  the  time  from 
tank  fill  to  He -evacuation  varies  from  0  to  30  min.  The  actual  time  to  He 
evacuation  is  probably  less  than  10  min.  ,  so  that  the  actual  weight  penalty  is 
less  than  10  pet.  (on  the  order  of  10  lb.  ). 


Figure  4-69.  Comparison  of  Pure  He  Purge  and  Foam  Substrate  with  Optimum  Space  Insulation 


1! 


The  heat  transfer  through  the  pr-'ged,  shrouded  volume  occurs  in  two 
modes  (1)  gaseous  conduction  inside  the  H P.I  ..aver  and  (2)  gaseous  convection 
outside  the  HPI  layer.  The  effect  of  moving  the  HPI  to  the  shroud  is  to  make 
the  conduction  region  cooler.  The  net  effect  is  to  increase  the  heat  transfer; 
supporting  calculations  are  below. 

A  hard-sphere  model  of  the  conducting  helium  is  sufficient  for  these 
computations.  Then,  thermal  conductivity  is  proportional  to  the  square  root 
of  the  temperature,  that  is: 


where  C1  is  a  constant. 

The  theory  of  free  convection  at  cryogenic  temperatures  is  not  well 
defined.  An  estimate  of  the  effect  of  temperature  variation  is  found  through 
correlations  of  room-temperature  data,  for  example: 

h  =  k  C_  (Gr)n  (Pr)n  (D/L)1/9/D  (4-59) 

c  £ 


where  h  =  heat-transfer  coefficient 

C2  =  constant 

Gr  =  Grash  of  number  (L3p^g  AT/ 

L.  =  ier  gth  of  gap 
P  -  density 

=  coefficient  of  expansion  (  K  ) 

n  ~  viscosity 

D  =  width  of  gas  filled  gap 

Pr  =  Prandtl  number  (C  /k  ) 

p  c 

C  =  specific  heat 
P  , 

n  ==  about  1/3 
(See  reference  29) 

The  temperature  dependence  of  h  as  presented  in  equation  4-59  is 

h  =  c3/wr  (4-60) 

With  the  insulation  on  the  tank,  the  mean  HPI  temperature  (T ,)  was 
about  iC0°R  and  tne  shroud  (T.  1  was  about  4C0°R. 

4-48  and  1-50  combine  to  gWe*" 

AT  (from  shroud  to  HPI)  =  Cl 
~AT  (in  HPI)  ^ 


At  steady  state,  equations 


4 


(4-61) 


Thus,  interchanging  and  by  moving  the  HPI  to  the  shroud  is  con¬ 
sistent  with  unchanged  temperature  differences  across  the  two  regions. 
Therefore,  the  net  increase  in  hea*  transfer  caused  by  insulating  the  shroud 
instead  of  the  tank  is  just  proportional  to  the  increase  in  the  mean  conducti¬ 
vity,  that  is: 


(4-62) 


or  the  net  ground  hold  and  ascent  weight  penalty  is  doubled. 


C4  --  Untried  System.  Although  attempts  have  been  made 
to  discover  and  evaluate  the  pros  and  cons  of  the  new  configuration,  the  sys¬ 
tem  is  untried.  The  considerations  of  the  previous  sections  may  have  over¬ 
looked  important  aspects  of  the  problem.  The  final  justification  or  censure 
of  placing  the  HPI  on  the  shroud  must  wait  until  the  method  is  attempted. 

(3)  Basic  High-Performance  Insulation  Thermal  Analysis.  To 
p*  operly  evaluate  and  compare  the  performance  of  various  multilayer  insu¬ 
lation  types,  it  was  necessary  to  develop  an  improved  analytical  approach 
for  predicting  basic  insulation  thermal  performance.  Such  an  analysis  must 
take  into  account  the  following  characteristic  parameters: 

0  Boundary  temperatures. 

0  Number  of  layers  of  insulation. 

0  Insulation  packing  density  flayers  per  in. ) 

0  Shield  emissivities. 

0  Ratio  of  contact  area  of  solid  conduction  to  solid  conduction 
cross-section  area. 

0  Ratio  of  contact  area  to  surface  area. 

0  Insulation  configuration  parameters  as  illustrated  in  figure  4-70. 


(a)  Governing  Equations.  Consider  the  section  of  HPI  shown 
below.  This  section  o£  insulation  is  characterized  by  the  fact  that  plain  flat 
reflecting  layers  are  separated  by  nonplanar  reflecting  layers. 
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The  separating  sheets  being  somewhat  regular  enables  (1)  the  engineer 
to  make  a  reasonably  good  estimate  of  the  surface  contact  between  adjacent 
sheets  and  (2)  a  uniform  heat  flux  ov~r  the  surface  to  be  established. 

The  problem  under  analysis  is  that  of  steady- state  heat  transfer  through 
a  sectior.  of  insulation  made  up  of  n  +  1  plain  sheets  separated  by  n  nonplanar 
sheets.  The  sketch  below  shows  three  adjacent  sheets  of  insulation. 


Expanded  View  of  Insulation 


Two  modes  of  heat  transfer  between  adjacent  sheets  illustrated  above 
are  radiation  and  conduction.  The  radiation  heat  transfer  between  the  sheets 
is: 


q  rad)  =  ( T 

x  1  2’x 


or  assuming 


(4-63) 


q 


7L 


rad). 


(4-64) 


where 


dT  -  _ 1 _ 

-  +  4  -  I)+X(I  -  1) 


T 


1 


X-l 

■  tt 


and  A  is  one-half  the  surface  area  of  the  indicated  sheet  of  insulation, 


The  solution  to  equation  4-65  is, 
T2,  i  =  Clx  +  C2 


(4-66) 


Applying  the  boundary  conditions,  equation  4-66  becomes, 
T2,i  '  T2,i<°>  -[X2,i  t°>  -  T2.i  <^>]  2 


(4-67) 


because  a  steady- state  heat  flow  condition  exists,  the  following  relationship 
holds. 


2  k  A* 


!hl[Tl,i  “  T2,i<°M=  A!h3[T2,i^)  -  "3,  i  j  =  ~~T~  ['r2,i<°>  -  T2,i^l 

J  L  (4-68) 


where  K  is  the  conductivity  of  the  spacing  material  and  Ax  is  the  conduction 
path  cross-section  area.  Equation  4-68  can  be  solved  for  T  __  and  T  _  * 
in  terms  of  .  and  ..  If  we  assume  A^h^  =  A^h^,  we  gef"  x  * 


,  :(0)  = 


(1  +  A!hl)  T,  .  +  T,  . 

2kA|  1,1  3,1 

2~+  iAfhl 


(4-69) 


T2,i(^  = 


(1  +  A!h3  )T  +  T 

TO|*  3’1  1'1 


2  +  l“l 

2T^f 


(4-70) 


An  effective  conductivity  is  used  when  necessary  to  consider  the  conduction 
through  both  the  sheet  material  and  any  metallic  coating  which  is  present. 
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Therefore,  the  steady- state  heat  transfer  between  the  top  and  bottom 

sheet  is: 


*  A, 

q  i 

TT  X~ 
i  1 


gr*  (T  ,4-t  4)  +  Rh. 

1,1  ~>t 1  1 


fTU  '  T3,il 

2  + 


(4-71) 


where  R  is  the  ratio  of  contact  area  to  total  area. 
At  steady- state  for  n  layers,  we  will  have 


T 1,  i  +  1  =  T2,  i'  1  =  l»  2’ 


and 


n 


(4".)+  l  Af+ 1  A*»  1  =  l>  2 . n 


(4-72) 


(4-73) 


Across  the  void  (between  the  insulation  and  the  hot  or  cold  wall),  we  have 
-•  A 

t IT 

3,  n 


3  — —  <T„  4  -  T 


*1  ^n+l 


\ 
n+1  ' 


(4-74) 


where  T  =  T,  ,,  or  T  .  , 

n+1  hot  wall  cold  wall 


Taking  stock  of  all  the  equations  and  the  unknowns,  we  have: 

•  From  equations  4-71,  4-73,  and  4-74  there  are  2n+l  unknowns  and 
n  equations. 

•  Equation  4-72  specifies  (n-1)  unknowns. 

Therefore,  we  have  (n-12)  unknowns  and  (n)  equations.  To  completely 
solve  a  problem,  two  unknowns  must  be  specified.  These  unknowns  will 
normally  be  Tj  and  the  hot  wall  and  cold  wall  temperatures. 

The  procedure  used  to  fully  solve  equations  4-71,  4-72,  4-73,  and  4-74 
is  to  repeatedly  guess  at  the  value  of  ql  (which  determines  the  insulation 

■^1 


temperature  profile)  in  equation  4-71  until  the  guess  is  consistent  with 
equation  4-74.  When  a  consistent  result  is  obtained,  the  correct  solution 
has  been  achieved. 


(b)  Experimental  Correlation.  Because  of  the  nature  of  multi¬ 
layer  high  performance  insulation,  it ' is  impossible  to  accurately  determine 
all  of  the  input  parameters  which  are  required  by  the  program.  Because  of 
this  fact,  one  of  the  experimental  parameters  (the  ratio  of  contact  area  of 
solid  conduction  to  the  solid  conduction  cross-section  area)  for  each  of  three 
candidate  insulation  systems  was  determined  by  making  the  program  output 
match  experimental  results. 

(c)  Sample  Results.  For  a  Dimplaj;  insulation  system,  a  heat 
flux  to  the  cryogenic” tank  wall  of  0.  26  B.  t.  u.  /ft.  -hr.  was  obtained  using  a 
calorimeter  for  the  following  insulation  system: 


Number  of  smooth  sheets  =  19 


Number  of  dimpled  sheets  =  18 


T 


hot  side 


535  °R 


T 


cold  side 


140  qR 


Insulation  placement  is  as  shown  in  figure  4-70  with  Power  =1,  r^  = 

2  in.  ,  -  2.  5  in.  ,  and  r^  =  3.  8  in. 

An  identical  heat  flux  was  obtained  with  the  same  insulation  system 
placed  directly  at  the  LN^  tank  wall;  that  is,  Power  =  1,  r ^  =  2  in. ,  r ^  = 

2  in.  ,  and  r^  =  3.  3  in. 

The  input  properties  which  could  be  determined  by  inspection  were  as 
follows: 

•  18  layers. 

•  Hot-side  temperature  of  535  R. 

•  Cold- side  temperature  of  140  °R. 

•  Effective  emmissivity  (i)  of  0.  04. 

•  Length  of  conduction  path  (£)  of  0.  01667  ft. 

•  Contact  conductance  (h)  of  100  B.t.  u.  /ft.  2  _  hr.  -°R. 

•  Ratio  of  c  nt.act  area  to  surface  area  of  0.  0009. 

•  Material  conductivity  a  function  of  temperature. 

•  Configuration  parameters  as  shown  in  figure  4-70. 

The  computer  program  was  then  used  to  obtain  the  heat  flux  at  the  LN^ 
tank  wall  as  a  function  of  the  ratio  of  solid  conduction  area  to  conduction 
cross-section  area.  The  results  from  that  program  indicate  that  the  ratio 
sought  was  166  (figure  4-71). 

Values  of  3,  100  for  NRC-2  and  436  for  the  Mylar-paper- spacer  system 
were  determined  for  the  other  systems  from  the  curves  of  figure  4-72,  and 
4-73. 
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STEADY-STATE  HEAT  FLUX  (BTU/FT2-  HR) 


STEADY-STATE  HEAT  FLUX  (DTU/FT2-HR)  <£•  |  STEADY-STATE  HEAT  TRANSFER  (BTU  FT2-HR) 


0.35 


Figure  4-73.  Ratio  of  contact  Area  to  Conduction  Cross-Section  Area 
for  Mylar  and  Paper  Spacer  Insulation 


(d)  Thermal  Performance  of  the  Three  Candidate  Insulation 
Systems.  Once  the  input  parameters  for  the  three  insulation  systems  have 
been  determined,  the  performance  of  various  amount  of  the  insulation  sub¬ 
jected  to  various  temperature  differences  remains  to  be  determined.  ”his 
has  been  done  for  the  study  vehicle  configuration. 

Figures  4-74  through  4-76  present  the  heat  flux  to  the  LH2  tank  (36°R) 
as  a  function  of  the  number  of  sheets  of  insulation  and  the  hot- side  tempera¬ 
ture  for  shroud  mounting  of  the  Dimplar,  NRC-2,  and  Mylar- paper- spacer 
systems,  respectively.  Figures  4-77  through  4-79  present  similar  data  for 
the  LF2  tank  (140°R).  It  should  be  noted  that  the  heat  flux  plotted  is  the  flux  into 
the  cryogenic  tank  and  not  through  the  insulation.  Thus,  the  curves  take  into 
account  the  geometry  shape  factors  for  the  study  vehicle  configuration. 

Figures  4-80  thrugh  4-85  show  similar  data  for  tank  mounting. 

(e)  Development  of  Insulation  Correlation  Equation.  Once  the 
parametric  data  for  insulation  performance  as  summarized  in  figures  4-74 
through  4-85  were  obtained,  the  next  task  was  to  reduce  these  results  into  a 
general  correlation  equation  which  could  be  used  to  facilitate  rapid  tradeoff 
and  optimization  system  studies  using  the  H109  computer  program. 

By  manipulating  the  insulation  performance  data,  it  was  found  that  the 
insulation  heat  flux  could  be  expressed  by  the  general  equation 


q  =  H21 


(4-75) 


n 


where  q  =  heat  flux  at  the  cryogen  tank  wall  in  B.  t.  u.  /ft.  2  -  hr. 

2 


/T  -  200 \“  /T  -  200> 

0  -  *  »f-V-i+c 


(4-76) 


a  = 


d  /th  '  2001 
— 53- 


+  e 


TH  -  200 

50" 


l+f 


(4-77) 


y  -  g  (a  constant) 
n  =  number  of  layers  of  insulation,  and 
TH  =  hot  wall  of  temperature  (°R). 


The  correlation  factors  for  the  three  candidate  insulation  systems  were 
evolved  through  analysis  of  basic  data  available  from  a  number  of  sources. 
Thu  factors  for  the  aluminized  Mylar-paper- spacer  system  were  evaluated 
from  Lockheed /NASA- LeRC  published  data.  NRC-2  and  Dimplar  data  being 
evolved  under  the  Douglas  IRAD  program  were  used  to  establish  the  factors 
for  these  systems. 


Figure  4-75.  Heat  Flux  for  NRC-2  Siirour!  Mounting  for  LH2  Tank 
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Table  4-27  contains  sets  of  coefficients  for  the  correlation  equation 
corresponding  to  the  insulation  system,  the  cryogen  tank  (LH^  or  LF^),  and 
the  insulation  location  (tank  or  shroud). 

Example:  Determine  the  heat  flux  at  the  LH^  tank  wall  for  21  layers  of 
Dimplar  with  1'  =  400  °R  and  shroud-mounted  insulation. 


Substituting  in  equations  4-75,  4-76,  and  4-77: 


q  = 


0.  1247(10) 


[-0.  0365  o. 


n  //400  -  200\  n  /400  -  200\  ,  A  ai  * 
.0.6^ w—  j  +  0.074^ ^r-j+  0.819 


(21) 


(4-78) 


_  0.1247(10) 


1.  08 


(21) 


twt 


0.0745  B.t.u. /ft.  -hr. 


Equation  4-75  was  coded  into  the  overall  system  optimization  program, 
H109,  and  the  coefficient  values  were  inserted  as  each  insulation  system  was 
studied. 

To  illustrate  the  overall  validity  of  correlation  equation  4-75,  with 
the  insulation  computer  program,  computations  were  made  using  each  ap¬ 
proach  for  shroud-mounted  Dimplar  on  the  LF2  tank  with  a  hot- side  temperature 
of  300*R.  The  number  of  insulation  sheets  was  varied  from  10  to  70;  the 
results  are  shown  in  figure  4-86.  The  agreement  is  excellent. 
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_ HEAT  FLUX  DETERMINED  BY  CORRELATION  EQUATION _ _ 

Figure  4-86.  Comparison  of  Correlation  Equation  and  Computer  Results 

(f)  Insulation  System  Weight  Factors.  Basic  weight 
information  for  the  candidate  systems  was  collected  and  is  summarized  in 
table  4-28.  Also  shown  are  the  design  factors  for  insulation  areas  as 
determined  from  the  study  vehicle  configuration,  an  estimated  factor  for 
insulation  overlap,  and  a  factor  for  insulation  attachment  weight.  This  last 
value  was  based  on  the  use  of  a  thread  and  button-type  attachment  system 
and  is  proportional  to  the  area  to  be  insulated.  It  was  assumed  that  the  re¬ 
quired  attachment  weight  per  sq.  ft.  of  area  to  be  insulated  was  the  same  for 
either  tank  or  shroud  mounting.  The  area  to  be  insulated  for  the  shroud- 
mounted  case  was  based  on  the  configuration  shown  in  figure  2-1.  This 
insulation  configuration  assumes  that  areas  are  provided  for  mounting  certain 
components  between  the  shroud  or  structural  shell  and  the  insulation  where 
the  environmental  temperature  is  not  severely  low. 

(4)  Ground-Hold  and  Boost  Heating  Provisions.  To  this  point, 
the  reported  work  has  concentrated  on  space  environmental  performance  of 
the  insulation  system.  However,  the  stage  must  be  capable  of  performing 
under  ground-hold  and  boost-phase  operation  and  this  can  have  a  profound 
effect  on  the  insulation  system  design. 
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Table  4-28 


INSULATION  WEIGHT  FACTORS 


Basic  material  weight 

1/4  MIL  singly-aluminized  Mylar  (NRC-2) 

1/4  MIL  double-aluminized  Mylar 
1/2  MIL  doubly- aluminized  Mylar 
1/2  MIL  doubly-aluminized  Mylar  dimpled 
paper  spacer 


0.0018  lb.  /ft.  2  -  layer 

0.0019 

0.0037 

0.00396 

0.0035 


Basic  system  weight 

NRC-2 

0.0018  lb.  /ft.  2  -  layer 

Aluminized  Mylar  with 

spacer 

0.0054  lb.  /ft.  2  -  pair 

Dimplar 

0.  0059  lb.  /ft.  2  -  pair 

Design  factors 

Installation  weight 

0.  03  lb.  /ft.  2 

Overlap  weight  factor 

12  pet. 

Design  areas 

Insulation  area  (uncorrected)  LH^ 

LF 

2 

Tank  mounted 

185  ft.2 

123  ft.2 

Shroud  oriented 

268.5 

203 

2 

Typical  calculation:  (20  pairs  Dimplar  -  500  ft.  ) 

WT  =  (0.0059)  (20)  (500)  (1.  12)  +  0.03  (500)  = 
66  +  15.0  =  81 
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During  ground-hold  operation,  the  cryogenic  tanks  can  bo  tapped  off  from 
the  ground.  For  the  purposes  of  this  study,  it  was  assumed  that  this  could  be 
continued  up  to  the  time  of  liftoff  so  that  actual  propellant  loss  because  of 
ground  heating  could  be  maintained  very  low.  However,  to  avoid  the  hazards 
of  air  liquification  within  the  stage,  purging  of  the  interstage  with  N£  and/or 
He  is  required.  He  alone  may  be  used  because  it  does  not  condense  at  either 
LF2  or  LH2  temperatures.  However,  purging  an  entire  interstage  may 
require  a  considerable  amount  of  He.  M2  may  be  used  for  primary  purging 
with  a  foam  substrate  which  is  either  evacuated  or  purged  with  He  to  limit 
the  foamed  area  to  a  temperature  no  lower  than  the  condensation  temperature 
of  N2  (140°R).  Such  a  purged  substrate  system  is  described  in  References  21 
and  22.  In  this  case,  the  less  expensive  and  more  plentiful  GN2  is  used  for 
primary  purging,  but  the  weight  of  the  substrate  and  its  associated  manifolding 
must  be  added  to  the  stage  inert  weight.  An  evacuated  and  sealed  substrate 
may  also  be  used,  but  at  the  present  state  of  technology  such  a  system  is  not 
near  reality.  Obtaining  a  reliable  sealed  bag  or  other  type  of  sealed  substrate 
bag  is  the  basic  problem. 
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As  part  of  this  contract,  a  technology  review  trip  was  made  to  industrial 
and  government  centers  working  on  problems  related  to  this  contract.  The 
above  conclusion  regarding  the  sealed  substrate  was  upheld--at  least  at  this 
point  in  time- -but  there  was  a  strong  divergence  of  opinion  regarding  the  type 
of  purge.  To  permit  a  more  rational  assessment  of  the  approach  to  be  taken 
with  respect  to  purging,  approximate  calculations  were  made  comparing  a 
good  cryopumped  substrate  using  N2  purge  to  a  pure  He  interstage  purge 
system.  Using  the  model  as  shown  in  figure  4-87, 
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Figure  4-87.  Model  for  Ground-Hold  Analyzer 
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the  steady- state  heat  flux,  q,  may  be  expressed  as; 


q  .?-tu 

Ft^hr 


(4-78) 


Values  for  the  three  insulating  elements,  the  foam,  the  high  performance 
insulation  (HPI),  and  the  interstage  space,  can  be  obtained  from: 


«foam  <140-38)112)  (4-79) 

%PI  =  Vl(T0-38)(1E)  (4.80) 

h 


nnt 


int  (540-T-)  (12) 

T 


(4-81) 


For  representative  conditions:  =  0.02 


kHPI  =  °*  06  (He)  =  °'  015  (GN2> 


int 

The  above  equations  then  become: 


k.  =0.4  (He  )  =  0,  11  (GN  }  (free  convection) 


% 


24.4 


oam 


(4-82) 


6 


qHPI  =  £l 21  (To“38)  He  =  0;  18  (%}-l-2) 


'N, 


(4-83) 


qint  =  =^540-To)N 

1  12  ,'4_ 


{4-84) 

These  can  be  put  in  terms  of  weights  (W*),  assuming  that  all  heat  goes 
into  boiloff  by  dividing  q  by  the  heat  of  vaporization,  192.  7  B.  t.  u.  lb. 


w» 


foam 


0.  127 
-0— 


* 

(4-85) 


WHPI  *  £lI£<To-W)  He  =  0. 18  (T„-.  53),, 


(4-86) 


4,  8  (2,  8-T0 )  1.  2(2.  8-T0 ) 

T~  He  =  ~T~ 


(4-87) 


where  T0  is  192.  7°R, 

For  steady-state  conditions  equations  4-85,  4-86,  and  4-87  are  equal. 
For  the  He  system,  equations  4-85  and  4-86  can  be  solved  for  TQ: 

_  _  18,  7h +  .  197L 


6.  67h  +  L 


and  from  equation  4-85, 


w,  .  72  (18.  7h  +  ,  197L)-  .197 

w  gh  "  “TT  (TSThTL - 


12.4  /  lb 


(ft  -  hr/ 


Coast  boiioff  weight  loss,  W'  is: 

c 


w>  -  H^evac(540-38) 

w  c  "  192.  7h 


The  conductivity  of  evacuated  HPI  is  in  the  order  of  8  X  10” 3  B.  t.  u.  ft. -hr.  °F. 


Thus: 


502  (8  X  10~5)  2.  5  X  10“3 


W»  =  192, 7h 
c 


The  HPI  weight  is  about  0.  09h  lb. 


If  tg  is  the  ground-hold  time  and  tc  is  the  coast  time,  the  total  weight 
penalty  for  the  pure  He  purge  system  is: 

12,4tg  .  2.  5X  10”3t__,  0.  09h(lb) 

W'he=  6767b  f  /  +  £  -2 

Using  a  similar  approach  for  the  purge  system: 


2.  73t 


2.  5  X  10  t  ,  0.  09h 


_c  +  7  +  p  9  +/  lb  \ 

h  M 


The  results  obtained  with  these  equations  are  shown  in  figure  4-69. 
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Computations  were  made  for  the  total  weight  penalty  versus  ground-hold 
time  where  the  weight  penalty  included  Loiloff  and  foam  insulation  weight.  In 
addition  to  the  conventional  foam  (p  =  0.  8,  k  -  0,  02),  a  ..hypothetical  foam  with 
improved  properties  of  p  =  0.  4  and  k  =  0,  01  was  also  evaluated.  Figure  4-69 
(A)  shows  that  with  no  coast  considered,  the  pure  He  purge  is  lighter  than 
either  foam  material  with  short  hold  times.  The  same  trend  is  even  more 
apparent  when  a  300-hr.  coast  is  considered.  Therefore,  on  this  basis,  a 
pure  He  purge  system  was  assumed  for  the  remainder  of  this  study,  although 
the  difference  in  boost  phase  boiloff  by  using  He  as  opposed  to  nitrogen  was 
evaluated. 

Early  in  the  Douglas  HPI  IRAD  program,  the  general  feasibility  of  a  He- 
purged  NRC-2  insulation  for  ground-hold  application  was  demonstrated  using 
a  300  gal.  LH£  test  tank  in  the  Douglas  Hydrogen  Research  Facility.  The 
test  apparatus  and  gross  boiloff  results  are  illustrated  in  figure  4-88.  The 
tank  was  equipped  with  a  cylindrical  annulus  into  which  an  NRC-2  insulation 
was  placed.  Provisions  were  also  incorporated  to  provide  a  dry  ambient 
temperature  He  purge  entering  at  the  top  and  exiting  through  a  bottom  mani¬ 
fold.  The  annulus  was  purged  until  less  than  a  2  pet.  Oo  content  was  sensed 
in  the  purge  exhaust  after  which  time  the  tank  was  filled* with  LH2.  Through 
temperature  and  liquid  level  seasons,  the  LH2  boiloff  was  estimated  as 
shown  in  the  curve  of  figure  4-88. 

The  data  was  also  interpreted  to  yield  mean  effection  thermal  conductiv¬ 
ity  values  with  the  following  results: 

•  With  a  He  flow  of  200  ft3/h.  and  no  HPI,  k  =  .  38 

i.p.n.  K. 

•  With  a  He  flow  of  200  ft3/h.  and  10  layers  of  NRC-2,  k  =  0.  27. 


With  a  He  flow  of  200  ft  /h.  and  30  layers  of  NRC-2,  k 


These  values  indicate  that  with  little  or  no  insulation,  the  heat  transfer 
is  slightly  less  than  would  be  anticipated  with  a  free  convection  analysis. 
With  the  insulation  filling  the  annulus,  as  would  be  the  case  with  30  layers, 
the  insulation  acts  to  break  up  convection,  and  the  process  is  close  to  a 
conduction  process  with  a  conductivity  very  near  that  of  He. 

The  recorded  temperature  differences  are  also  of  interest.  With  a  . 
wet  tank  wall  (37°R)  the  outer  annulus  jacket  temperature  varied  from 
-280°F  to  -170°F  for  a  AT  across  the  purge  of  from  125  to  225°.  If  one 
applies  directly,  the  results  of  figure  4-28  to  the  study  flight  vehicle,  the 
ground-hold  boiloff  can  be  estimated  in  the  following  manner: 

Maximum  slope  of  the  10  layer  curve  =  0,  20.IL, 

mm. 


lb, 

=  0.  88m{n. 


TIME  (MIN.) 


^  » 


Boiloff  per  effective  ft.  of  tank  area  = 


0.  88 
HTT 


0.019 


lb 


min.  -ft. 


The  study  vehicle  LH^  tank  area 
*  Boiloff  for  study  vehicle 


=  185  ft.  6 

=  0.  019,  x  185  =  3.  54  lb.  /min. 
=  212  lb.  /hr. 


This  value  is  more  accurately  computed  below. 

Heat  transfer  into  the  propellant  tanks  during  ground  hold  and  boost  has 
been  calculated  with  the  aid  of  the  Douglas  JD22  computer  program.  This 
was  accomplished  for  both  He-  and  ^-purged  systems.  Internal  heat  trans¬ 
fer  from  the  skin  to  the  tanks  was  included.  These  heat-transfer  coefficients 
were  obtained  by  modifying  the  coefficients  obtained  during  a  rapid  pump- 
down  of  the  Douglas  36-in.  sphere  HPI  test  apparatus  as  part  of  the  Douglas 
IRAD  effort. 

The  experimental  apparatus  from  which  the  heat-transfer  coefficients 
were  obtained  was  somewhat  different  than  the  present  system.  The  experi¬ 
mental  apparatus  has  (1)  a  smaller  thickness  of  insulation,  (2)  insulation  on 
the  tank,  and  (3)  a  slightly  slower  trajectory.  A  correction  for  insulation 
thickness  was  made  by  breaking  the  heat-transfer  coefficient  into  a  conduction 
and  a  convection  component  and  then  changing  the  conduction  component.  To 
be  sure  of  obtaining  conservative  results,  the  resistance  caused  by  conven¬ 
tion  from  the  skin  to  the  insulation  was  neglected.  An  increase  in  the  heat 
transfer  coefficient  by  a  factor  of  2  was  assumed  to  be  the  effect  of  moving 
the  insulation  from  the  tank  to  the  shroud.  The  faster  trajectory  of  the  case 
being  presently  analyzed  was  corrected  for  by  matching  the  coefficients  when 
the  free  molecular  flow  regime  became  important.  The  shape  of  the  time- 
heat -transfer  coefficient  curve  was  kept  the  same.  The  heat-transfer  co¬ 
efficients  used  are  shown  in  figure  4-89. 

Ground-hold  heat  transfer  was  calculated  using  the  coefficients  at  time 
zero.  The  heat-transfer  rates  were  then  converted  to  boiloff  rates  for  the 
Hj»  and  to  temperature-increase  rates  for  the  F2  since  the  LF  is  loaded  in  a 
subcooled  state.  These  results  are  summarized  in  table  4-29.  The  H£  being 
boiled  off  will  be  made  up  in  the  topping  operation.  The  F£  temperature 
increases  appear  large;  however,  it  is  loaded  at  a  temperature  of  about  80°F 
below  the  tank  pressure  saturation  temperature.  It  will  take  about  15  hours 
before  F2  evaporation  would  begin  with  a  He-  purged  system.  The  ground- 
hold  steady-state  skin  temperature  value  near  the  H2  tank  for  a  helium  purge 
is  -105°F.  This  corresponds  quite  well  to  a  value  of  -160°F  found  during 
the  Douglas  IRAD  ground-hold  testing.  This  latter  temperature  is  lower 
because  of  forced  convection  currents  set  up  between  the  insulation  and  the 
outer  skin  due  to  relatively  high  purge  gas  flow  rates. 
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INTERNAL  HEAT  TRANSFER  COEFFICIENT  (BTU  FT2-HR-°R) 


Figure  4-89.  internal  Heat  Transfer  Coefficients  During  Boost 


Table  4-29 


/ 

GROUND-HOLD  PROPELLANT  HEATING 


Propellant 

Purge  Gas 

Heating  Rate 
B.  t.  u.  /hr. 

Boiloff  rate 
lb.  /hr. 

Temperature 

°F/hr. 

LH2 

He 

37, 800 

197 

lh2 

N2 

9,  500 

49.  5 

-- 

LF2 

He 

21, 600 

0* 

5.  08 

LF2 

N2 

5,  500 

-- 

1.  29 

Boost  heating  was  analyzed  assuming  a  typical  Titan  IH-C  trajectory 
The  results  are  presented  in  figures  4-90  and  4-91.  Figure  4-90  gives  the 
skin  temperature  history  near  the  H^  tank,  and  the  F2  tank.  As  can  be  seen, 
the  highest  temperature  (56 °F),  that  near  the  F2  tank  for  a  N2  purge,  is  still 
considerably  below  the  danger  point  for  structural  failure  of  aluminized  Mylar. 
The  small  bumps  and  dips  are  caused  by  places  in  the  trajectory  when  the 
aerodynamic  heating  rate  falls  below  the  interior  heat-loss  rate.  An  addi¬ 
tional  computer  run  was  made  neglecting  internal  heat  transfer,  and  a  maxi¬ 
mum  temperature  of  140°F  was  reached  (still  quite  low).  Figure  4-91  shows 
the  total  heat  into  the  LH2.  These  final  heat  values  correspond  to  boiloffs  of 
9.  6  lb.  for  He  purge  and  3.  9  for  N2  purge. 

The  extra  weight  of  H2  boiloff  for  a  He  purge  (5.  7  lb. )  is  considerably 
less  than  the  weight  of  a  foam  substrate  required  for  a  N7  purge  system, 
thus  further  substantiating  the  earlier  selection  of  an  all-lie  interstage  purge 
for  ground-hold  and  boost  thermal  protection.  Figure  4-91  also  shows  LF^ 
total  heating.  These  correspond  to  temperature  increases  of  0.  246°F  and 
0.  1°F  for  He  and  N2  purges,  respectively. 

(5)  Multilayer  Insulation  Depressurization.  As  a  vehicle  rises 
through  the  atmosphere,  the  ambient  pressure  drops.  This  creates  two 
problems  with  typical  HPI  systems.  The  first  problem  is  simply  that  gas^s 
which  are  inside  the  insulation  blanket  must  escape;  otherwise,  the  blanket 
may  billow  or  balloon,  and  perhaps  tear  away  from  its  suppc  t.  Even  ignor¬ 
ing  physical  damage,  blankets  that  are  very  carefully  arranged  on  the  tank 
may  become  so  disarrayed  that  the  insulation  system  no  longer  functions 
efficiently.  The  insulation  system  must  be  designed  to  let  these  gases 
escape  rapidly.  The  term  depressurization  is  used  to  denote  this  process. 

The  second  problem  is  keyed  to  the  fact  that  multilaminar  HPI  systems 
must  be  evacuated  to  achieve  high  performance.  More  specifically,  the 
pressure  within  the  insulation  should  be  10"^  torr  or  less  to  achieve  the  full 
potential  of  the  HPI  system.  The  importance  of  maintaining  or  achieving  a 
low  pressure  within  the  insulation  is  shown  in  figure  4-92  where  the  effective 
thermal  conductivity  of  NRC-2  is  plotted  as  a  function  of  the  internal  gas 
pressure.  The  insulation  system  must  be  designed  to  achieve  a  pressure  of 
lO-'*  torr  or  less,  as  early  as  possible.  The  ideal,  but  probably  unobtain¬ 
able,  case  would  be  for  the  pressure  within  the  insulation  to  equal,  at  all 
times,  the  pressure  outside  the  insulation. 


Figure  4-90.  Skin  Temperature  Histories  During  Boost 
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The  combined  effects  of  degassing  and  depressurization  are  lumped  into 
the  term  decompression.  The  line  between  depressurization  and  degassing  is 
drawn  at  about  10"*  torr.  Depressurization  is  primarily  concerned  with 
forces  that  are  exerted  on  the  insulation  sheets  because  of  pressure  differ¬ 
ences.  And  10"*  torr  is  about  the  lowest  pressure  which  will  produce  a 
significant  force  on  the  insulation  blanket.  In  addition,  10"  *  torr  is  the 
beginning  of  the  low-pressure  region  where  the  thermal  conductivity  of 
HPI  becomes  dependent  on  ambient  pressure. 

For  most  insulations,  a  pressure  of  10"*  to  10-^  torr  means  that  the 
gases  in  the  insulation  are  in  free  molecular  flow.  The  mean  free  path  of 
the  molecules  is  longer  than  the  space  in  between  the  sheets.  The  gases  act 
not  as  a  uniform  fluid,  but  rather  as  a  collection  of  individual  molecules 
which  recochet  back  and  forth  between  the  insulation  layers.  As  a  result, 
the  movement  of  gases  within  the  insulation  is  essentially  a  diffusion  process 
rather  than  a  macroscopic  or  continuum  flow.  For  pressures  greater  than 
10"*,  the  gases  in  the  insulation  behave  as  a  continuous  medium.  They 
respond  to  pressure  differences  as  a  homogeneous  fluid  rather  than  is  char¬ 
acteristic  of  the  depressurization  problem,  while  free  molecular  flow  or 
diffusion  is  characteristic  of  degassing.  The  designer  must  consider  this 
fact  in  picking  an  insulation  system  design. 


Figure  4-92.  Effects  of  Pressure  on  NRC-2  High-Performance  Insulation  Thermal  Performance 


This  particular  problem  has  been  under  study  by  Douglas  in  its  IRAD  for 
HPI.  Experiments  have  been  underway  using  a  degassing/depressurization 
test  device  containing  a  representative  sample  of  an  insulation  blanket  (with 
a  joint)  which  is  subjected  to  a  controlled  decompression  schedule.  Figure 
4-93  illustrates  .the  configuration  of  this  device.  Figure  4-94  shows  a  typical 
test  result  for  a  50-layer  NRC-2  blanket  with  a  1.  5  in.  overlap  joint  design 
using  sets  of  5  layers  in  an  overlap. 
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Figure  4-93.  Decompression  Test  Apparatus 


Figure  4-94.  Pressure  History  During  High-Performance  Insulation  Rapid  Decompression  Test 


If  the  data  are  accepted  literally,  the  results  are  discouraging.  After 
several  hour3,  the  pressure  under  the  insulation  is  still  about  5  X  10“3  torr 
for  both  joint  configurations.  Yet  the  pressure  outside  the  insolation  reached 
10"4  torr  in  about  20  min.  An  insulation  pressure  this  high  corresponds  to  a 
thermal  conductivity  4  to  10  times  higher  than  desired. 

Three  considerations  tend  to  ease  this  situation.  First,  the  data  are  not 
yet  completely  above  question.  The  transient  response  of  both  ion  and  ther¬ 
mopile  gages  has  not  been  completely  defined  by  experiment,  although  this  is 
planned.  Gage  and  tubing  t  olume  may  be  influencing  transient  response. 
Outgassing  within  the  gage  and  tubing  could  also  introduce  errors. 

Second,  the  pressure  is  measured  underneath  the  insulation  blanket  and 
might  be  considerably  lower,  1  or  2  laminae  away  from  the  wall.  If  only  a 
few  sheets  are  degraded  by  high  gas  pressures,  the  situation  is  not  hopeless. 
Poor  performance  on  5  out  of  50  sheets  would  go  almost  unnoticed. 

Third,  the  joint  configuration  used  is  just  about  the  worst  one  imaginable 
from  a  decompression  standpoint.  It  seems  possible,  if  not  unavoidable,  to 
develop  a  joint  design  of  comparable  thermal  performance  and  much  better 
degassing  characteristics. 

Recent  tests  reported  by  Anderson  and  Merlet  (reference  25)  support  the 
idea  that,  for  one  or  more  of  the  above  reasons,  the  picture  of  insulation 
degassing  is  much  brighter  than  is  painted  from  the  data  presented  here.  The 
reference  tests  showed  that  a  reasonable  insulation  system  can  achieve 
vacuum  performance  in  about  2  hours  after  the  ambient  pressure  has  dropped 
below  10-4  torr.  While  this  may  fall  short  of  that  desired,  it  does  give 
promise  that  with  careful  design  the  goal  can  be  reached. 

An  analytical  treatment  of  the  insulation  outgassing  was  also  performed 
assuming  a  free  molecular  flow  diffusion  process  withint  the  insulation  blan¬ 
kets.  The  result  of  the  study  was  the  equation 

DP  «-*» 

where  P  is  pressure,  t  is  the  HPI  thickness,  r  is  time,  and  D  the  effective 
diffusion  coefficient.  This  equation  should  predict  the  transient  pressure 
within  HPI. 

Equation  4-90  is  compared  with  the  experimental  data  in  figure  4-9 4. 
Because  of  the  assumptions  involved  in  deriving  equation  4-90,  it  will  only 
be  valid  for  the  free  molecular  flow  portion  of  the  evacuation  which  begins  at 
about  10"*1  torr.  It  is,  therefore,  expected  that  the  equation  will  only  match 
the  measured  curve  in  its  slope^ijlLj.  The  steady- state  slopes  do  match  35  pet. 

It  was  determined  from  this  equation  that  the  process  of  diffusion  is  very 
alow  as  long  as  the  layers  of  HPI  overlap,  however,  it  was  also  determined 
that  the  rate  of  diffusion  is  greatly  increased  if  a  small  gap  (instead  cf  over¬ 
lap)  exists  between  the  HPI  sheets.  Table  4-30  presents  the  effect  on  evap- 
tion  time  of  various  overlap  and  gap  sizes  for  different  density  (sheets  per  in.) 
HPI  systems.  In  the  table,  a  negative  overlap  value  is  actually  a  gap.  The 
dimplar  shows  a  better  theoretical  venting  capability  because  of  its  more 
rigid  pre-set  crinkle  pattern  which  permits  the  gas  flow  passages  to  stay 
intact. 
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THEORETICAL  TIME  FOR  INSULATION  MODEL  TO  REACH  10  TORR  WITH 

VARIOUS  OVERLAPS  (L  =  48  In.  ) 


. 

I. 


An  analytical  investigation  was  made  into  determining  the  effect  of  per¬ 
forating  the  layers  of  insulation.  Perforating  the  layers  of  insulation  will 
Bomcwnit  impair  the  ideal  insulatinc  capability  of  the  HPI  section.  However. 

wit^  a  Pr<>per  choice  of  hole  size  and  spacing  the  increase  in 
diffusion  will  outweigh  the  loss  of  insulating  capability. 


Assuming  a  circular  perforation  of  radius  r,,  with  a  spacing  of  1  in.  on 
centers,  a  simple  sketch  will  show  that  with  a  1  in.  on  center  spacing  there 
are  four  holes  in  every  irin.  L  of  insulating  material  area.  The  ratio  of  per¬ 
forated  to  total  surface  area  is  given  by 


* 


perforated  area 
total  area 


jrr 


Ml) 


(4-91) 


a  r  ^\ere*ore»  1R  a  given  length,  L,  of  insulating  material  there  will  be 
4  L  rj  sq.  in.  of  open  (perforated)  area  per  in.  width.  Because  of  the 
linearity  of  the  equations  one  can  superimpose  the  diffusion  through  the  per¬ 
forations  on  the  diffusion  that  would  occur  without  the  perforations.  The 
calculation  of  the  diffusion  coefficient  resulting  from  the  perforations  follows: 


D  =  1/2  c*  *X 

Where  X*  =  effective  distance  travelled 

no.  of  collisions 


2a 


=  8  ar. 


4L  r, 


total  distance  travelled 
(velocity)  (no.  of  collisions) 


c*  = 


.*.  D  = 


ia 

xTrFT 

_  4a 

c 

h 4  ri2 

c 

X* 

T* 

1/2 

X*2 

or 


D  =  8  a  c  r^ 


(4-92) 
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Using  the  results  above,  calculations  have  been  made  to  determine 
the  effect  of  perforations  on  the  time  to  evacuation  for  a  section  of 
multilayer  insulation.  The  calculations  where  made  using  a  20 -sheet 
model  with  3  in.  of  overlap  as  a  base  and  then  assuming  perforations 
of  different  size  (perforation  spacing  is  1  in.  on  centers).  Table  4-31 
presents  the  results  of  the  calculations. 


Table  4-31 

EFFECT  OF  PERFORATIONS  ON  EVACUATION  TIME 


Diameter 

of 

Perforation 
(in. ) 

db 

Base  System 
(c.  p.  s.  2) 

Dp 

Perforations 
(c.  p.  s.  2) 

DB  +  Dp 
(c.  p.  s.  2) 

Time  to 
Evacuate 
Without 
Perforations 
(sec.  ) 

Time  to 
Evacuate 
With 

Perforations 
(sec. ) 

1 

TT 

1.  195xl0'4 

0.  707xl0“4 

1.912x10'^ 

34, 800 

21,800 

1 

1.  195xl0'4 

1. 13  x  10"3 

1.25  x  10'3 

34, 800 

3,320 

1 

TT 

1.  195xl0"4 

1.81  x  10"3 

1.82  x  10"2 

34,  800 

228 

1 

1.  195xl0‘4 

0.  29 

0.29 

34,  800 

15 

Perforations  and  gaps  in  the  insulation  will  tend  to  degrade  the  thermal 
performance.  This  then  is  an  area  where  outgassing  and  thermal  char¬ 
acteristics  may  have  to  be  traded  off. 

At  present,  this  problem  cannot  be  resolved  satisfactorally  until  more 
basic  testing,  such  as  is  now  under  way  within  the  Douglas  IRAJD  program, 
can  be  completed  and  evaluated  in  order  to  sort  out  the  instrumentation 
problems  from  the  actual  outgassing  phenomena,  and  to  clearly  establish 
the  trade  off  factors  between  outgassing  and  thermal  performance. 


(6)  Insulation  Attachment  and  Support.  Insulation  attachment 
and  support  concepts  have  been  evolved  and  identified  through  Douglas  multi¬ 
layer  insulation  IRAD  program  and  a  review  of  the  current  state  of  develop¬ 
ment  in  this  area.  Several  attachment  methods  and  materials  have  been 
selected  as  applicable  lor  use  with  the  three  candidate  insulation  systems 
being  considered  in  this  program.  These  are  also  applicable  in  general 
regardless  of  where  the  HPI  is  located.  The  proposed  fastening  methods  and 
materials  are. 

(a)  Glass  Fiber  Threads.  This  method  utilizes  a  fastening 
material  of  low  thermal  conductivity  and  high  strength.  When  an  insulation 
blanket  is  prefabricated,  strands  of  threads  are  passed  through  the  sublayers 
of  sheets  and  knotted  so  that  knots  remain  between  the  sublayers  to  aid  in 
preventing  compaction  of  the  blanket. 

(b)  Nylon  Studs  and  Buttons,  This  fastening  method  is  pro¬ 
bably  not  as  efficient  thermally  as  threads,  but  is  mechanically  positive  in 
that  it  supports  the  insulation  in  any  vehicle  attitude.  In  this  method,  the 
studs  are  bonded  to  the  tank  or  structural  wall.  The  insulation  is  pierced 
and  pushed  onto  the  studs.  The  buttons  are  then  secured  to  the  ends  of  the 
studs  to  retain  the  insulation. 

(c)  Adhesive  Tapes.  Scotch  850  (Mylar  with  adhesive); 
Mystic  7000  (single  faced  silicone);  and  Mystic  7100  (double-faced  silicone). 
These  tapes  are  comparatively  low  in  conductivity  and  are  easy  to  apply. 

Small  strips  may  be  used  at  splices  or  joints  to  attach  one  sheet  to  another 
or  to  the  mounting  surface. 

(d)  Netting.  A  net  type  material  that  encloses  the  entire 
insulation.  These  are  illustrated  in  figure  4-95. 

Information  on  the  practical  aspects  of  installing  multilayer  insulation  is 
not  generally  available  because  of  the  limited  usage  and  experience  with  this 
type  of  insulation.  Much  of  the  information  related  to  multilayer  insulation 
application  has  been  developed  and  accumulated  by  the  insulation  material 
suppliers  treated  as  proprietary  information.  Most  applications  co  date  have 
been  experimental  in  nature  and,  except  for  several  programs,  the  details  of 
insulation  attachment  and  support  are  not  available  in  the  published  literature. 
Of  the  attachment  methods  which  are  described  in  available  published  reports 
of  related  programs,  many  were  developed  to  suit  different  insulation  systems 
and  are  not  directly  applicable  or  cannot  be  used  with  confidence  in  this  pro¬ 
gram.  Therefore,  it  is  necessary  to  depend  primarily  on  information  from 
two  sources. 

•  Insulation  material  suppliers'  knowledge  and  recommendations, 
based  on  their  test  results  and  experience.  This  source  of  informa¬ 
tion  normally  is  not  available  until  a  firm  interest  is  expressed  in 
purchasing  their  material  and  services. 

•  The  Douglas  program  to  research  and  develop  multilayer  insula¬ 
tion  techniques.  This  work  has  been  reoriented  to  provide  specific 


information  for  the  contract  program  and  to  investigate  new  insula¬ 
tion  materials  such  as  dimplar. 

Insulation  attachment  configurations  are  being  investigated  under  the 
Douglas  multilayer  insulation  research  program.  The  glass  fiber  thread  and 
button  system  for  assembling  insulation  blankets  and  attaching  them  to  a 
mounting  surface  with  Velcro  fasteners  is  being  incorporated  on  panel  speci¬ 
mens  for  testing  in  the  4-in.  calorimeter.  The  basic  specimen  without 
attachments  was  tested  previously  to  determine  insulating  effectiveness  with 
a  single  seam  joint.  These  tests  have  not  been  completed,  however. 

Lacking  hard  experimental  data,  an  analysis  was  performed  to  predict 
the  heat  leak  through  the  insulation  resulting  from  penetrating  the  insulation 
as  in  the  case  of  a  support  stud  or  thread  used  to  attach  and  support  the 
insulation.  The  following  assumptions  were  made: 

•  All  the  heat  conducted  through  the  penetration  reaches  the  cryogenic 
tank. 

e  The  effect  of  the  penetration  will  be  damped  out  in  the  HPI  at  a  char¬ 
acteristic  distance  of  2  in. 

•  All  the  HPI  within  the  damping  distance  of  the  penetration  is  at  a 
constant  temperature,  T. 


The  heat  balance  for  the  problem  can  be  stated  as. 


®  ^conducted  ^radiated 

q  j  „  j  =  k(TH  "  1')  ^conduction 
conducted  ■—  1  1  a  . . —  1  - . 


(4-93) 


(4-94) 


Aq  ,•  v  ^  =  (<*T'4  -tff  T  4)  A  ,.  .. 
‘radiated  e  radiation 


(4-95) 
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conduction 


A 

(T1  *  - 


"radiation 


(4-96) 


i  is  the  length  of  the  short  and  T  is  the  temperature  of  the  inner  cold  face 
of  the  insulation. 


Equation  4-96  expresses  that  all  the  energy  coming  through  the  penetra¬ 
tion  is  radiated  away  by  the  HPI  within  the  characteristic  damping  distance. 
Equation  4-96  can  be  solved  for  T'  and  the  resulting  heat  input  to  the  cryogen 
tank  can  then  be  calculated  from  either  equation  4-94  or  4-95. 


(7)  Application  of  Analysis  to  a  Teflon  Stud.  The  following 
values  were  used  in  equation  4-^6  to  determine  the  value  of  T'  for  a  teflon 
stud  to  support  the  insulation: 


* 


p 


f 


200 


Th  =  400°R. 

T  =  230°R . 
e 

l  -  1.  25  in. 


(  =0.03 


teflon 


=  0.  1714  x  108  B.  t.  u.  p.  hr.  2-hr. -°R.  4 
=  0.  14  B.  t.  u.  p.  hr.  -ft.  -°R . 


The  teflon  stud  is  1/4  in.  in  diameter.  Therefore, 

A  ,  tt(1/8)2  ft2 

conduction  =  — \-rr- — 


Aradiation  "  iSQ —  ft2 


(4-97) 


Equation  4-95  becomes. 
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T'  =  322°R . 


The  heat  leak  to  the  cryogen  tank  is 


(4-98) 


(4-99) 


.  .  O.U,(400.-Jjf2)  .(l/r  -  0.  036  B.  t.  u.  /hr.  / stud  (4-100) 

1.25/12  144 


(8)  Application  of  Analysis  to  a  Nylon-Threaded  Button.  The 
only  quantities  which  change  from  the  teflon  stud  applications  are. 


k  .  =  0.  145  B.  t.  u.  p.  hr. -ft.  -  °R 

nylon 

and  with  the  radius  of  the  thread  0.  02  in. 

A  -  ?r2  _  7r(0.  01)2 

conduction  ~  ''l"44~  l44 

Equation  4-95  becomes,  ^ 

0.  0068  (4  -  =  (-jJjj)  -  28 


(4-101) 


(4-102) 


(4-103) 


and  T'  =  230°R. 


The  heat  leak  to  the  cryogen  tank  is  ^ 

0.  145  (400  -  230)  7r(0-— ^ 

q  =  _ ~  0.0067  B..t.  u.  /hr.  /button. 

1.25 


(4-104) 


Therefore,  the  heat  leak  per  attachment  point  for  the  stud  is  0,  036/0.  0062  = 
5.  8  or  nearly  six  times  the  value  for  the  thread  and  button.  The  total  heat 
leak  attributed  to  the  attachments  can  be  expressed  as: 


where  n in is  the  attachment  placement  density,  (attachment/ft.  ),  A.  is  the 
insulation  area,  9  is  the  fractional  increase  in  basic  insulation  hear  leak, 
and  qi  is  the  heat  leak  througn  the  insulation  without  attachments.  Unfortun¬ 
ately  there  is  no  completely  rational  method  for  determining  qja or  9,  They 
will,  of  course,  vary  with  the  type  of  insulation  and  its  placement.  Thread 
and  button  attachments  with  a  spacing  of  about  one  attachment  per  ft.  2  Qf 
surface  have  been  successfully  used  with  a  tank-mounted  Mylar  paper  spacer 
system  (reference  23).  With  this  system,  9  would  probably  be  very  small 
and  possibly  even  negligible.  With  NRC-2,  where  compression -is  of  major 
concern,  9  could  be  quite  significant.  For  shroud -mounted  NRC-2  or 
Dimplar,  the  stud  represents  a  much  more  positive  support  since  it  will 
not  sag  as  would  a  thread.  Thus  a  lower  value  of  >i  could  be  used  and  the 
degree  of  compression  could  be  greatly  reduced  resulting  is  low  values  or  9. 

For  a  tank-mounted  insulation  assuming  a  thread  and  button  system 
and  no  compression  effects,  the  value  of  q  ia  for  the  LHg  tank  would  be: 

0.0062(1)  (185)+0  =  1.  14  b.  t.  u.  /hr. 

For  a  stud  attachment  with  shroud  mounting  with  rj  value  of  0.  5,  qia 
would  be: 

0.  036(0.  5)  (268.  5)+0  =  4.  8  b.  t.  u.  /hr. 

These  two  values  would  probably  be  closer  for  NRC-2  or  Dimplar  since 
0  would  have  a  higher  finite  value  for  the  thread  and  button  than  for  the  stud. 
Also  Douglas  experience  indicates  that  a  lower  stud  spacing  than  0.  5  is 
probably  adequate.  However,  with  the  knowledge  now  on  hand,  it  is  not 
possible  to  make  rational  selection  as  to  insulation  attachment. 

An  assessment  of  taping  and  netting  techniques  for  insulation  attach¬ 
ment  is  even  more  nebulous.  However,  as  a  primary  insulation  and  support 
technique,  these  approaches  seem  to  be  less  positive  than  either  the  thread 
and  button  or  stud  approach  which  actually  provides  a  mechanical  attachment 
at  discrete  points  and  does  not  rely  totally  on  bond  or  glue  strengths.  Taping 
would  be  quite  useful  however  for  localized  support  and  where  patching  is 
required. 

b.  Tank  Support  Study.  For  the  class  of  vehicle  under  study,  the 
cryogenic  propellant  tanks  must  be  supported  within  the  relatively  warm 
structural  shell  in  such  a  manner  as  to  carry  efficiently  all  anticipated  loads 
on  the  tanks  and  transfer  as  little  heat  as  possible  from  the  structural  shell 
to  the  tankage.  This  latter  consideration  is  extemely  important  since  heat 
shorting  through  the  support  system  can  greatly  nullify  the  heat-transfer 
redxiction  potentials  of  the  high  performance  insulation. 
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A  brief,  but  intensive,  survey  of  related  programs  covering  the  design, 
analysis,  and  testing  of  cryogenic  tank  supports  was  conducted  (reference  27 
through  30),  Examination  of  these  systems,  together  with  knowledge  gained 
from  Douglas  independent  research,  indicated  that  they  did  not  appear  to 
comply  sufficiently  with  a  number  of  features  which  are  desirable  in  a  ther¬ 
mal/structural  design  of  this  type  including: 

•  Use  of  a  structural  material  whether  metallic  or  non -metallic,  to 
obtain  the  lowest  feasible  thermal  conductivity -to -strength  ratio. 

•  Elimination  of  support  member  loading  because  of  thermal  con¬ 
traction  or  pressurization  of  the  tank. 

These  tank  support  features,  of  course,  are  supplementary  to  the  basic 
structural  and  thermal  functions  of  providing  adequate  structural  support 
with  minimum  weight  and  low -heat  leak. 

To  satisfy  these  design  requirements,  it  was  deemed  appropriate  to 
investigate  a  broad  spectrum  of  possible  tank  support  concepts  and  configura¬ 
tions.  The  previously  mentioned  survey  of  the  present  state  of  development 
of  space  vehicle  cryogenic  storage  tanks  revealed  that,  although  several 
promising  concepts  are  currently  being  considered,  there  is  no  generally 
accepted  and  proven  configuration  for  a  tank  support  system  that  is  directly 
applicable  to  the  study  vehicle.  Therefore,  an  independent  design  analysis 
was  initiated  to  evolve  a  tank  support  concept  that  would  potentially  satisfy 
all  the  requirements  of  the  system  under  consideration.  This  was  ten  com¬ 
pared  with  respect  to  weight  and  thermal  performance  with  other  tank  sup¬ 
port  concepts  which  were  identified  as  promising  from  the  noted  survey. 

Weight  analysis  of  the  LH^  tank  shown  that  the  total  weight  to  be  sup¬ 
ported  varies  significantly  with  tank  internal  pressure  as  indicated  below. 


Pressure,  p.  s.i.  a. 

250 

200 

150 

60 


Total  Weight,  Lb. 

2,  005 
1,919 
1,  834 
1,  716 


The  above  weights  take  into  account  the  basic  tank,  the  propellant, 
internal  pressurant  and  their  support,  pressurant  gas,  and  tank-mounted 
components.  Similar  numbers  for  the  LF2  tank  are  shown  below. 

Pressure,  p.  s.i.  a.  Total  Weight,  Lb. 

250  12,426 

200  12,381 

150  12,  334 

60  12,275 


t 


In  the  case  of  the  LF>  tank,  the  propellant  weight  constitutes  the  major 
portion  of  the  load,  therefore,  the  effects  of  tank  pressure  on  support  system 
loading  is  very  small.  Thus,  the  LF2  tank  support  system  was  studied  for 
only  the  maximum  pressure  (250  p,  s.  i.  a. ).  It  should  also  be  noted  that  the 
weight  to  be  supported  for  the  LF2  tank  is  about  six  times  greater  than  in  the 
case  of  the  LH2  tank.  Tank  weights  were  based  on  the  use  of  2014-T6  alum¬ 
inum  using  the  properties  of  the  corresponding  LH2  or  LF2  cryogenic 
temperatures. 

In  designing  the  support  system,  the  load  conditions  specified  in  table 
4-32  were  used.  In  addition  a  forward  acting  load  of  2g  was  assumed  for 
tank  springback  at  engine  cutoff.  These  result  in  the  actual  design  loads 
shown  in  table  4-32. 


Table  4-32 


TANKAGE  SYSTEM  DESIGN  SUPPORT  LOADS 
(250  p.  s.  i.  a.  pressure) 


LH2 

lf2 

Aft  load  (5g. ) 

10,  250  lb. 

62,  500  lb. 

Forward 

(springback) 

4,  100 

25,000 

Side  (1.  5g. ) 

3,070 

18,  700 

The  general  approach  taken  toward  structural  design  in  the  analysis 
phase  of  this  program  is  to  employ  limited  design  analysis  and  weight 
estimation  methods.  This  approach  facilitates  the  determination  of  the 
weight  and  heat  leak  values  for  a  range  of  design  variables,  which  are 
required  for  the  forthcoming  optimization  task.  Since  this  program  is  not 
directly  concerned  with  the  actual  detailed  structural  design  of  a  flight 
vehicle,  but  rather  with  such  aspects  as  the  effect  of  the  tank  support  heat 
leak  on  propellant  storability  and  vehicle  weight,  complete  detail  design 
and  weight  calculation  procedures  are  not  essential. 

(1)  Selection  of  Candidate  Support  Systems.  For  the  particular 
application  under  study,  two  possible  basic  approaches  may  be  taken  to  tank 
support  design:  continuous  and  point  support.  With  continuous  support  the 
tank  is  attached  to  a  conical  type  structure  around  a  full  360°  circumferential 
plane.  With  point  support  the  tank  is  supported  at  a  number  of  discrete 
points.  The  application  of  a  continuous  conical  support  system  for  a  similar 
application  has  been  given  detailed  study  (reference  22)  and  was  therefore 
selected  as  one  possible  canidate  system.  Under  a  recent  USAF / RPL 


contract,  AF04(6i  1 )- 1 0745,  a  six-point  support  system  using  glass  fiber 
columns  was  designed  in  some  detail  for  a  very  similar  vehicle  and  was 
therefore  selected  as  the  second  candidate  support  system.  These  basic 
design  approaches  were  adapted  as  necessary  to  this  particular  application, 
and  ake  pictured  in  figures  4-96  and  4-97. 

A  third  system  applying  the  point  support  concept  was  specifically  de¬ 
signed  for  this  application.  This  employs  a  nine -rod  tension  support  network 
terminating  at  three  points  on  the  tank. 

The  basic  relation  for  heat  transfer  by  conduction  through  a  constant 
area  during  a  unit  time  is  given  by  the  equation: 

q  =  -  T2) 

To  minimize  the  heat  conducted  through  the  tank  support,  it  is  advantageous 
to  minimize  the  cross-sectional  area,  A,  of  the  support  members,  and  use 
members  of  rather  long  length,  L..  This  suggests  the  use  of  tension  rather 
than  compression  members,  and  a  system  of  members  which  will  be  loaded 
in  tension  to  react  tank  inertia  loads  and  moments  in  any  direction.  With 
these  basic  guidelines  in  mind,  a  geometrical  arrangement  became  apparent 
which  required  the  least  number  of  structural  members.  Thus,  the  nine -red 
tank  support  configuration  indicated  by  the  sketch  in  figure  4-98  was  conceived 
as  a  tentative  design  for  the  study  vehicle. 

This  system  provides  for  attachment  to  the  tank  wall  at  a  minimum  of 
three  points,  located  slightly  below  the  tank  equator,  and  spaced  120°  apart. 
Three  rods  attach  at  each  point  and  are  oriented  approximately  as  indicated 
in  the  sketch.  The  three  upper  rods  serve  primarily  to  react  the  major 
loading  condition  of  5-g.  downward  due  to  axial  thrust  during  launch.  A 
re\*,r»-,e  or  upv/ard  axial  load  such  as  would  occur  at  boost  cutoff  is  not 
reacted  by  the  upper  rods,  but  by  the  six  lower  rods  which  are  angled  down 
for  this  purpose.  A  transverse  or  side  load  in  any  direction  is  reacted  by 
two  or  three  of  the  lower  rods  which  are  most  nearly  parallel  to  the  direction 
of  loading.  The  upper  rods  are  also  loaded  in  tension  by  a  side  load,  so  that 
they  work  in  combination  with  the  lower  rods  to  resist  translational  movement 
of  the  tank.  If  a  loading  condition  induces  a  moment,  or  torque,  in  the  tank, 
it  is  reacted  by  tension  in  two  or  more  of  the  nine  rods.  None  of  the  support 
members  are  required  to  react  a  load  in  compression  nor  will  they  be  ad¬ 
versely  affected  by  a  small  applied  deflection  tending  to  impose  a  compression 
load  in  them.  The  magnitude  of  moments  created  by  side  loads  can  be  mini¬ 
mized  by  locating  the  center  of  gravity  of  the  tank  (when  full)  close  to  the 
plane  of  the  tank  attachment  points.  This  can  be  controlled  on  the  LH2  tank 
by  judicious  placement  of  the  internal  pressurant  tanks  in  the  lower  part  of 
the  LH2  tank. 

The  geometry  of  the  nine -rod  support  »yc  °m  was  also  established  to 
accommodate  overall  inward  and  outward  d*.  ^  ,ction  of  the  tank  wall  caused 
by  temperature  variations  and  internal  pressure  changes.  The  three  mem¬ 
bers  at  each  tank  attach  point  are  oriented  so  that  they  are  approximately 
tangential  to  the  tank  surface.  As  the  tank  attach  points  move  radially  inward 
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or  outward,  normal  to  the  axis  of  the  rods,  the  amount  of  deflection  in  the 
axial  direction  which  would  tend  to  change  the  length  of  the  rod  and  induce  a 
load  is  very  small.  By  making  slight  adjustments  to  the  initial  geometry  to 
suit  the  amount  of  radial  deflection,  it  should  be  possible  to  effectively  eli¬ 
minate  the  problem  of  tank  support  loading  caused  by  thermal  contraction  or 
tank  pressurization. 

The  cross-sectional  area  required  for  the  tank  support  for  a  given 
material  tends  to  be  reduced  by  utilizing  a  system  of  tension  members.  The 
tension  member  can  be  designed  to  withstand  the  maximum  load  at  a  con¬ 
siderably  higher  stress  level  than  a  compression  member,  which  must  be 
limited  to  a  lower  working  stress  to  preclude  failure  by  column  buckling  or 
local  crippling.  Compression  members  are  frequently  designed  as  tubes  in 
order  to  obtain  a  high  stiffness -to -weight  ratio.  The  stiffness  required  to 
prevent  instability  failure  leads  to  larger  diameter  tubes  with  thinner  walls 
and,  in  the  extreme  case,  the  design  wall  thickness  can  become  less  than 
the  minimum  possible  gage  for  certain  materials  and  fabrication  processes. 
Additional  material  and  weight  results  from  the  use  of  such  members.  An¬ 
other  characteristic  of  hollow  supports  is  that  internal  radiation  can  occur 
along  the  length  of  the  member.  It  is  not  desirable  to  use  tubular  members 
to  support  cryogenic  storage  tanks  if  their  design  incurs  extraneous  cross- 
sectional  area  and  weight,  and  unless  the  additional  heat  which  is  transmitted 
by  radiation  inside  the  hollow  member  can  be  effectively  blocked.  Tension 
members,  on  the  other  hand,  can  be  solid  throughout  with  a  rectangular  or 
circular  cross -sectional  shape  of  minimum  area. 

One  apparent  disadvantage  of  a  tank  support  design  having  a  small  number 
of  attachment  points  on  the  tank  is  the  effect  of  the  large  concentrated  loads 
imposed  in  the  tank  wall.  The  tank  wall  must  be  reinforced  with  pads  or 
stiffeners  to  distribute  the  loads  through  the  tank  structure.  It  appears  that 
very  little  analysis  has  been  done  in  this  area  (important  to  considerations 
of  support  structures  and  vehicle  weight).  Analysis  of  this  problem  is  being 
undertaken  in  separate  Douglas  programs.  The  tank  wall  reinforcement 
weight  is  presently  being  accounted  for  by  use  of  weight  factor  estimates. 

The  nine -rod  tension  support  system  is  considered  to  utilize  either 
titanium  or  glass  fiber  material  for  the  rod  members.  Fabricating  the  rods 
from  glass  fibers  or  tape  appears  to  be  a  method  for  obtaining  a  thermal 
conductivity-to-strength  ratio  so  low  as  to  make  glass  fiber  a  more  attrac¬ 
tive  material  for  this  application  than  titanium  or  stainless  steel.  The 
selection  of  the  materials  is  also  dependent  to  some  degree  on  whether  the 
insulation  is  located  on  the  inside  of  the  shroud  or  directly  on  the  tanks. 

Weight  analysis  of  the  L,H£  tank  shows  that  the  total  weight  to  be  supported 
varies  with  tank  internal  pressure  as  indicated  previously. 

The  support  member  design  ultimate  tension  member  system,  and  the 
required  cross-sectional  areas  for  four  materials  of  interest  are  listed  in 
Table  4-33.  The  cross-section  shape  can  be  rectangular,  square,  or 
circular.  The  support  member  overall  lengths  are  34.  5  in.  for  the  upper 
members  and  48  in.  for  the  lower  members.  The  tank  support  working 
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stress  was  established  as  20  pet.  of  the  material  ultimate  tensile 
strength  to  allow  a  reserve  of  strength  for  initial  preloading,  support 
member  thermal  contraction,  and  launch  vibration  loading. 

The  weights  of  the  three  candidate  support  systems  are  shown  in 
table  4-34,  and  plotted  as  a  function  of  tank  pressure  for  the  LH^  tank 
in  figure  4-99.  The  system  weights  are  not  plotted  since  they  are 

such  a  weak  function  of  tank  pressure  as  discussed  previously.  From 
figure  4-99,  it  can  be  seen  that  the  weight  superiority  of  the  nine -rod 
tension  system  is  directly  dependent  upon  the  use  of  glass  fiber  mater¬ 
ials.  Under  these  conditions  it  is  lighter  than  the  other  two  approaches. 

(2)  Tank  Support  Heat  Transfer  Analysis,.  A  thermal  analysis  of 
the  various  tank  support  concepts  was  next  undertaken.  For  the  nine-rod 
system,  four  different  materials  were  considered  including  glass  fiber,  steel, 
titanium  and  aluminum.  The  insulation  was  assumed  to  be  on  the  shroud  and 
all  heat  conducted  past  the  insulation  was  assumed  to  find  its  way  into  the  Hj* 
tank.  A  2 -in.  glass  fiber  block  was  assumed  attached  between  the  shroud  and 
all  metallic  supports.  Surface  emissivity  of  the  support  rods  was  varied. 

The  results  are  presented  in  figure  4-100.  These  curves  show  that  the 
higher  conductivity  materials  will  allow  more  heat  input  to  the  propel¬ 
lant  even  for  low-surface  emissivities.  It  is  also  observed  that  the 
effect  of  surface  emissivity  is  not  significant  except  for  low  values  and 
the  effect  decreases  with  increasing  support  conductivity.  From  the 
figure,  it  is  seen  that  an  insulated,  solid  glass  fiber  support  will  give 
the  least  heat  transfer.  This  support  system  gives  a  minimum  heat 
flux  of  0.0113  b.  t.  u.  /hr.  per  upper  support  or  a  total  of  0,  082  b.  t.  u. 
hr.  through  all  nine  supports.  However,  for  uninsulated,  uncoated  glass 
fiber,  the  heat  input  is  about  six  times  higher,  and  the  total  heat  input 
during  the  330 -hr.  mission  would  be  about  162  b.  t.  u.  The  net  LH2 
boiloff  is  slightly  below  1  lb.  ,  which  is  almost  negligible.  If  desired, 
thir.  pound  could  be  saved  by  coating  the  glass  fiber  with  aluminum  or 
gold.  With  even  a  moderately  good  emissivity  coating,  the  total  heat 
flux'  could  be  held  to  0.  36  b.  t.  u.  / hr.  to  the  L1H2  tank. 

The  continuous  conical  support  for  the  LH2  tank  was  next  analyzed 
assuming  a  perfectly  insulated  titanium  structure.  This  resulted  in  a  heat 
transfer  of  7.  6  b.  t.  u.  /hr.  Preliminary  computations  were  aiso  made  on  a 
glass  fiber  conical  structure  which  yielded  a  heat  transfer  of  1.  0  b.  t.  u.  /hr. 

The  six-point  tubular  glass  fiber  column  system  illustrated  in  figure  4-97 
was  next  analyzed.  This  configuration  was  estimated  to  result  in  a  heat  leak 
of  0.  62  b.  t.  u.  /hr.  which  included  radiation  down  the  center  of  the  hollow 
tubes.  If  this  radiation  were  neglected  or  could  be  entirely  blocked,  the 
heat  transmission  could  be  reduced  to  0.  2  b.  t.  u.  /hr.  Blocking  of  the  tube 
radiation  could  possibly  be  reduced  by  stuffing  the  tube  with  NRC-2  insulation. 

(3)  Tank  Support  Comparison.  Table  4-35  compares  the  weight 
and  heat-transfer  characteristics  for  the  three  candidate  support  systems 
for  the  LH2  tank.  From  this  it  can  be  seen  that  the  nine  rod  glass  fiber 
tension  system  has  an  edge  both  with  respect  to  weight  and  heat  flow  resist¬ 
ance.  Therefore,  on  this  basis,  the  nine -rod  system  was  selected  for  use 
in  the  remainder  of  the  study. 
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Figure  4-100.  Heat  Transfer  Through  LH2  Tension  Support  Rods  (Equal  Strength) 


It  was  also  reasoned  that  this  would  be  the  preferred  support  system  for 
the  LF 7  tank.  For  the  same  criteria  this  results  in  a  heat  flux  of  0.  352 
b.  t,  u.  /hr.  nominal. 

Early  in  the  course  of  this  study,  other  more  unconventional  tank  support 
ideas  were  given  brief  consideration.  One  of  these  was  the  idea  of  using  a 
stacked  washer  structural  concept.  In  this  approach  the  tank  support  struc¬ 
ture  would  be  made  up  of  a  large  number  of  washer  or  wafer  type  elements 
which  would  carry  in  compression  the  high  loads  during  boost  operation. 
During  the  low-g.  environment  in  coast,  the  load  would  be  relieved  and 
thermal  contact  resistance  between  the  wafers  would  demonstrate  very  low 
heat  transmission.  However,  the  available  thermal  performance  data  on 
such  a  concept  is  meager  and  scattered  and  did  not  permit  a  realistic 
analysis.  Designing  a  real  system  utilizing  such  a  principle  also  involves 
practical  problems. 


The  idea  of  a  support  which  physically  disengaged  during  orbit  was  also 
considered  but  discarded  because  of  the  design  and  reliability  problems 
posed  by  having  to  couple  and  uncouple  with  a  large  number  of  burns  where 
fast  response  of  the  stage  is  important.  However,  as  seen  from  the  above 
finding,  the  heating  penalties  attributable  to  the  tank  support  system  using 
rather  conventional  approaches  are  not  large  relative  to  the  other  sources 
of  heat  transfer. 

c.  Insulation  System  Optimization.  Having  all  the  basic  insulation  data 
now  accumulated,  the  insulation  was  optimized  for  the  overall  system.  This 
was  accomplished  by  running  the  HI 09  computer  program  (see  appendix  A) 
according  to  the  approach  outlined  in  appendix  C.  The  required  number  of 
reflectors  or  layers  was  optimized  for  a  specific  mission,  tank  pressure, 
insulation  type  and  insulation  location  using  the  resulting  usable  propellant 
weight  as  the  criteria  for  system  performance.  The  general  approach  is 
illustrated  below:  The  insulation  optimization  was  performed  assuming  a 
nine  glass  fiber  rod  tension  support  system,  insulated  steel  feed  and  vent 
lines,  and  a  heated  helium  pressurization  system  with  an  inlet  gas  tempera¬ 
ture  of  400°R.  All  other  conditions  are  as  defined  in  appendix  C.  Since 
preliminary  analyses  indicated  that  the  two -burn  (80/20)  mission  was  the  , 
most  critical  from  a  heating  standpoint,  this  was  used  throughout. 

The  optimum  number  of  sheets  for  both  the  LH^  and  LF^  tanks  were 
determined.  This  involved  generating  parametric  curves  of  usable  propel¬ 
lant  weight  versus  insulation  layers  for  the  LH2  tank  with  layers  of  insulation 
for  the  LF^  tank  as  an  independent  parameter.  Typical  examples  are  shown 
in  figure  4-101.  Such  curves  were  generated  for  each  set  of  conditions. 

From  such  curves  the  optimum  L.Hj>  tank  insulation  for  a  given  number  of 
insulation  layers  on  the  tank  could  be  determined.  Using  these  values, 
additional  runs  were  made  with  the  H109  program  to  generate  the  usable 
propellant  weight  as  a  function  of  number  of  insulation  layers  for  the  LF^ 
tank  as  shown  in  figure  4-102.  This  figure  then  defines  the  optimums  for 
both  tanks. 

The  overall  optimization  results,  in  term  of  usable  propellant  and  the 
number  of  layers,  are  presented  in  tables  4-36  and  4-37,  respectively. 


215 


TOTAL  PROPELLANT  WEIGHT  BURNED  (1,000  LB) 


INSULATION  OPTIMIZATION  RESULTS 
(OPTIMUM  USABLE  PROPELLANT  WEIGHTS) 


Fairly  complete  spectrums  were  run  for  NRG-2  and  Dimplar,  but  the 
Mylar-paper- spacer  system  was  evaluated  only  for  tank  mounting.  Optimiza¬ 
tions  were  also  run  for  selected  conditions  using  an  optimum  booster  pump. 

The  results  shown  in  table  4-36  are  enlightening.  As  would  be  expected, 
usable  propellant  increases  as  tank  pressure  and  mission  time  decrease.  In 
comparing  the  insulation  systems  capabilities  for  the  same  conditions,  it  can 
be  seen  that  all  are  surprisingly  close  -  -particularly  the  Dimplar  and  NRC-2. 
The  difference  in  usable  propellant  between  Dimplar  and  the  MPS  system  is 
about  27  and  390  lb.  for  a  1-  and  14-day  mission,  respectively,  with  Dimplar 
showing  the  best  performance.  The  same  differences  between  shroud- 
mounted  Dimplar  and  NRC-2  are  about  2  and  14  lb.  with  Dimplar  again  show¬ 
ing  the  best  performance.  The  differences  between  tank  and  shroud  mounting 
are  also  slight,  ranging  from  about  7  to  20  lb.,  with  shroud  mounting  being 
superior  with  Dimplar,  and  tank  mounting  being  superior  with  NRC-2. 
Differences  of  10  lb.  or  less  are  probably  less  than  the  accuracy  band  of  the 
computer  program.  The  following  conclusions  can  thus  be  drawn: 

•  In  terms  of  usable  propellant  weight,  Dimplar  and  NRC-2  are 
comparable  and  both  of  these  are  significantly  superior  to  the  MPS 
system. 

•  In  terms  of  usable  propellant  weight,  shroud  and  tank  mounting  are 
comparable  with  shroud  installation  having  a  slight  advantage  with 
Dimplar  and  tank  mounting  having  a  slight  advantage  with  NRC-2. 

Table  4-37  shows  that  the  number  of  reflector  sheets  increases  as  one 
goes  from  Dimplar  to  NRC-2  to  the  MPS  system  and  as  one  goes  from  shroud 
to  tank  mounting.  The  greater  the  number  of  required  sheets,  the  higher  the 
cost  to  fabricate  and  the  more  severe  the  degassing  problem;  therefore,  on 
this  basis  a  shroud-oriented  Dimplar  system  should  be  preferred.  Thus, 
from  the  results  shown  and  the  previously  documented  discussions  of  pros 
and  cons,  the  shroud-oriented  Dimplar  would  seem  to  have  maximum  poten¬ 
tial  as  the  insulation  system  for  this  particular  application. 
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7.  Phase  VII- -Pressurization  System.  The  pressurization  subsystem  is  an 
important  part  of  any  propulsion  system,  whether  the  basic  feed  system  is  of 
the  all-pressure  type  or  the  pump- fed  type.  The  required  pressurant,  the 
gas  storage  and  distribution  facilities,  and  heating  and  control  provision,  as 
a  whole,  generally  represent  a  significant  portion  of  the  stage  weight.  Inter¬ 
mittent  multiburn  duty  cycles  are  generally  required  for  the  missions  under 
investigation  in  this  program.  These  cycles  make  tivg^piressurization  more 
complex  than  with  simple  single- burn  velocity  stages.  Multiburn  implies 
in  orbit,  starting  with  partially  empty  tanks.  If  this  burn  occurs  at  a  time 
between  tank  pressure  collapse  and  tank  pressure  buildup  as  a  result  of 
orbital  heating,  pressurant  for  pre-pressurization  of  the  tank  prior  to  burn 
must  be  supplied  over  and  above  that  normally  required  for  expulsion.  The 
engine  is  not  operating  during  this  prepressurization  period  and,  therefore, 
if  heating  of  the  pressurant  is  required,  it  must  come  from  some  independent 
source. 

For  long  duration  space  missions  with  a  cryogenic  LF2/LH2  propulsion 
system,  the  heat  load  to  the  propellants  must  be  minimized.  In  a  multiburn 
mission,  nearly  all  of  the  heat  added  to  the  pressurization  gas  will  ultimately 
end  up  in  the  propellant,  for  all  burns  except  the  very  last.  When  using 
highly  insulated  tankage,  this  heat  can  be  significant,  relative  to  the  total 
propellant  heat  load.  Therefore,  optimization  of  the  pressurant  inlet  gas 
temperatures  in  this  type  of  vehicle  must  be  conducted  with  respect  to  over¬ 
all  stage  performance. 

This  phase  of  the  program  was  conducted  in  the  following  steps: 

•  Pressurization  System  Screening  Study- -A  list  of  possible  candidate 
pressurization  systems  was  prepared  and  a  weight  analysis  was 
conducted  on  each  for  an  assumed  inlet  gas  temperature  and  tank 
pressure,  using  a  simplified  analytical  method.  These  were  then 
compared  on  the  basis  of  total  pressurization  system  weight  as  a 
function  of  the  level  of  work  required  from  the  system.  The  most 
promising  subsystems  could  be  identified  from  this  comparison. 

•  Pressurant  Requirements  Analysis  Program--A  new  computerized 
analysis  was  developed  to  predict  the  pressurant  requirements  for 
repressurization  and  expulsion  pressurization  considering  heat  and 
mass  transfer  to  and  from  the  village,  and  as  a  function  of  the 
critical  variables  of  the  system. 

•  Determination  ol'  Pressurant  Requirement- -Using  the  analysis 
developed  in  the  second  step  and  the  general  systems  selected  in 
the  first  step,  the  pressurant  requirements  were  evaluated  for  each 
duty  cycle  and  ground- rule  tank  pressure.  This  was  done  for  a 
spectrum  of  inlet  gas  temperatures  and  for  both  He  and  GH2 
pressurants, 

•  Pressurant  Gas  and  Inlet  Gas  Temperature  Optimization--Using  the 
accumulated  information,  the  optimum  pressurants  and  gas  inlet 
temperatures  were  evaluated  in  terms  of  maximum  overall  stage 
performance. 
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a.  Pressurization  System  Preliminary  Weight  Screening  Study.  Hun¬ 
dreds  of  different  pressurization  systems  could  be  proposed  for  any  given 
class  of  systems.  However,  after  reviewing  many  possibilities,  12  individ¬ 
ual  systems  were  selected  for  study.  These  encompass  primarily  different 
types  and  combinations  of  heat  sources  and  He  or  GH2  pressurants.  These 
are  listed  in  table  4-38,  and  the  schematic  diagrams  are  shown  in  fig¬ 
ure  4-103. 

Configuration  1  illustrates  a  typical  cryogenic  pressurization  system 
providing  the  maximum  simplicity  consistent  with  acceptable  performance. 
Heated  He  is  employed  to  maintain  tank  pressure  during  propellant  expulsion. 
The  helium  is  stored  in  high-pressure  bottles  submerged  in  the  hydrogen 
tank  to  fake  advantage  of  the  high-density  storage  and  increased  bottle 
strength  at  cryogenic  temperatures.  The  increase  in  specific  volume 
required  for  efficient  pressurization  is  accomplished  by  passing  the  cold 
helium  through  a  heat  exchanger  attached  to  the  nozzle  skirt.  A  constant 
pressurant  temperature  is  maintained  through  a  temperature  switch/ solenoid- 
valve  combination,  which  allows  the  proper  amount  of  cold  helium  to  bypass 
the  heat  exchanger.  Repressurization  of  both  propellant  tanks  with  ambient 
stored  helium,  however,  is  an  inherently  inefficient  way  to  repressurize 
because  of  the  high-weight  penalties  associated  with  warm,  low-density  gas 
storage.  Therefore,  several  approaches  for  reducing  the  weight  of  the 
repressurization  system  were  selected  for  evaluation.  All  of  these 
approaches  use  heated  gas  for  repressurization.  These  schemes  are  dis¬ 
cussed  in  the  following  paragraphs. 

The  use  of  heated  gas  for  repressurization  introduces  the  need  for 
an  auxiliary  energy  source  since  engine  heat  is  generally  not  available. 
Configuration  2  illustrates  one  energy  source  which  is  independent  of  engine 
operation. 

The  He  used  for  repressurizing  the  H2  tank  is  stored  in  the  LH2 
tank  and  raised  to  the  desired  temperature  in  the  auxiliary  combustion 
chamber  heat  exchanger.  The  energy  for  heating  the  He  is  provided  by  the 
hypergolic  ignition  of  gaseous  Fg  and  H2  in  the  chamber.  These  gases  are 
combusted  stoichiometrically  and  diluted  with  He,  which  is  stored  in  the  F2 
gas  bottle.  The  resultant  combustion  products  (He  +  HF)  are  used  to  repres¬ 
surize  the  oxidizer  tank.  The  He  reduces  the  combustion  temperature  to  a 
tolerable  level,  in  addition  to  providing  the  bulk  of  the  low-density  gas  neces¬ 
sary  for  efficient  pressurization.  The  HF  will  usually  condense  and  freeze 
after  contact  with  LF2;  however,  HF  is  present  only  in  small  quantities  and 
may  not  be  a  problem.  Following  repressurization  and  engine  ignition,  the 
cold  He  flow  is  diverted  to  the  engine -mounted  heat  exchanger,  where  the 
temperature  is  raised  to  the  desired  level  for  expulsion  of  both  propellant 
tanks . 


Storage  of  the  helium  and  the  reactive  gases  in  the  low-density 
ambient  condition  is,  as  previously  mentioned,  inherently  inefficient.  An 
approach  to  increasing  the  storage  density  of  the  repressurization  gases  is 
shown  in  configuration  3,  In  this  system,  both  of  the  propellant  tanks  are 
repressurized  with  cold-stored  He  by  a  gas  generator,  which  is  independent 
of  the  main  engine.  The  required  energy  for  heating  the  repressurization 
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Figure  4-103.  Candidate  Pressurization  Systems 
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helium  is  obtained  from  the  combustion  of  LF£  and  LH2  in  the  gas  generator. 
The  gas  generator  propellants  are  supplied  by  the  main  tank  propellants, 
which  are  fed  to  the  gas  generator  by  the  propellant  tank  head.  While  this 
gas  generator  feed  system  is  relatively  simple,  there  are  several  potential 
problems  which  should  be  investigated  during  development.  The  nature  of  a 
tank  head  feed  system  requires  gas  generator  operation  under  varying  pro¬ 
pellant  inlet  conditions.  The  fuel  and  oxidizer  inlet  pressures  increase,  at 
different  rates,  as  the  main  propellant  tanks  are  repressurized,  resulting  in 
gas  generator  propellant  flow  rate  and  mixture  ratio  variations.  Therefore, 
the  resulting  heat  transfer  to  the  helium  changes  as  the  tanks  are  being 
repressurized. 


The  absence  of  the  inert  He  in  the  combustion  chamber  imposes  a 
limitation  on  the  combustion  temperature,  thus  requiring  a  fuel-rich  mixture. 
The  nature  of  the  combustion  products  may  represent  a  problem  area.  Con¬ 
ceivably,  the  resultant  thrust  can  be  utilized  for  propellant  settling  during 
repressurization.  Cnee  the  engine  is  operating,  an  engine -mounted  heat 
exchanger  is  used  to  heat  the  He  for  propellant  expulsion. 

An  alternate  approach  to  configuration  3  is  illustrated  in  configura¬ 
tion  4.  In  this  system,  the  LH2/LF2  gas  generator  supplies  the  heat  for  both 
the  repressurization  and  expulsion  functions.  By  combining  the  heat  source 
for  these  functions,  the  need  for  an  engine -mounted  heat  exchanger  is  elimi¬ 
nated,  as  well  as  the  additional  complexity  of  switching  between  heat  sources. 

It  may  be  postulated  that  if  a  gas  generator  can  be  opeiated  on 
existing  tank  head,  then  the  same  function  could  be  designed  into  the  main 
combustion  chamber  for  less  weight  penalty.  This  idea  is  presented  in  con¬ 
figuration  5.  Pressurization  of  both  propellant  tanks  during  expulsion  is 
accomplished  by  heating  cold- stored  He  in  the  engine-mo".iced  heat  exchanger 
as  described  for  configurations  i,  2,  and  3.  If  the  main  thrust  chamber  is  to 
assume  the  functions  of  the  gas  generator  of  configuration  4,  it  will  be 
required  to  ignite  at  low  tank  pressures  and  sustain  combustion  under  the 
same  adverse  inlet  conditions  described  for  the  gas  generator.  During  the 
period  of  reduced  thrust  operation,  while  repressurization  is  being  per¬ 
formed,  it  is  unlikely  that  sufficient  heat  would  be  available  at  the  nozzle 
exit  for  heating  the  cold  He.  Both  the  heat-transfer  problem  and  the  prob¬ 
lems  associated  with  low-pressure  operation  could  be  overcome  by  employing 
a  pre-chamber  with  its  own  propellant  valves  and  injector.  The  pre-chamber 
would  house  the  repressuri, nation  heat  exchanger  and  would  provide  for  low- 
level  combustion.  Propellant  flow  would  be  switched  to  the  main  injector 
upon  reaching  the  required  main  engine  operating  pressure  in  the  propellant 
tanks. 


Although  cold- stored  heated  He  is  a  relatively  efficient  way  to 
pressurize,  the  use  of  vaporized  LH2  results  in  a  lighter  system  for  fuel 
tank  pressurization  because  of  its  low  molecular  weight.  The  following 
paragraphs  concentrate  on  systems  utilizing  vaporized  H2  for  pressurization 
of  the  fuel  tank. 
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Pump-fed,  regeneratively  cooled  engines  offer  a  convenient  source 
of  high-pressure  gaseous  H2.  The  hot  gas  can  be  bled  from  the  regenerative 
section,  upstream  of  the  injector,  at  varying  temperatures,  depending  on  the 
location  of  the  port.  Thus,  separate  pressurant  storage  tanks,  gas  genera¬ 
tor,  and  heat  exchanger  are  eliminated  from  the  fuel  pressurization  system. 
Configuration  6  illustrates  such  a  system.  Engine  bleed  H2  is  used  to  pres¬ 
surize  the  fuel  tank  during  expulsion,  while  the  oxidizer  tank  is  pressurized 
with  He,  stored  cold  and  heated  in  the  nozzle  heat  exchanger.  For  repres¬ 
surization,  a  gas  generator,  which  operates  on  the  main  propellants 
(LH2/LF2),  provides  the  energy  required  to  heat  the  cold- stored  He.  As  in 
configurations  3  and  4,  the  gas  generator  must  operate  fuel -rich  to  reduce 
combustion  temperatures  and  must  be  capable  of  sustained  combustion  under 
the  variable  conditions  experienced  during  repressurization. 

The  application  of  an  energy  source,  suggested  by  Rocketdyne, 
which  would  circumvent  these  generator  problems,  is  illustrated  in  configu¬ 
ration  7.  This  system  (Tridyne)  depends  upon  the  stoichiometric  combustion 
of  gaseous  H2  and  O2  in  a  catalytic  reactor.  The  two  reactant  gases  are 
stored  along  with  the  He  pressurant,  in  a  single  bottle.  When  released  from 
the  bottle,  the  gas  mixture  flows  through  the  regulator  and  into  the  catalyst 
bed,  where  the  H2  and  O2  are  reacted  to  form  H2O.  The  heat  of  reaction  is 
absorbed  by  the  He  in  the  H2/O2  mixture.  The  reactor  efflux  (H2O  +  He)  is 
passed  over  a  heat  exchanger  coil,  which  is  conducting  He  stored  in  the  LH2 
tank.  The  LH2  stored  cold  helium  is  raised  to  the  desired  temperature  for 
repressurization  of  the  fuel  tank  and  the  Tridyne  exhaust  products  are  cooled 
for  repressurizing  the  oxidizer  tank.  The  water  vapor  in  the  reactor  efflux 
may  react  with  the  LF2  upon  entering  the  oxidizer  tank  forming  HF  and  O2. 
However,  only  a  small  amount  of  water  vapor  enters  the  LH2  tank,  and  it  is 
hoped  that  this  should  not  pose  problems.  The  HF  and  O2  formed  by  the 
reaction  may  condense  and  freeze  in  the  LF2  environment  resulting  in  basic 
problems  during  ca-g  in-operation.  Heated  He  rather  than  Tridyne  is  used 
to  repressurize  the  LF2  tank  during  thrusting  to  avoid  possible  clogging  of 
the  tank  outlet.  The  system  shown  is  pump -fed,  thus  engine  bleed  GH2  is 
available  for  pressurization  of  the  fuel  tank  during  expulsion.  The  cold- 
stored  He  is  heated  in  the  nozzle  heat  exchanger  for  expulsion -pressurization 
of  the  oxidizer  tank. 

Pressure-fed  engine  systems  cannot  provide  a  source  of  high- 
pressure  GH2  for  fuel  tank  pressurization.  If  gaseous  H2  i?  to  be  used,  it 
becomes  necessary  to  provide  a  LH2  vaporization  system.  Configuration  8 
describes  such  a  concept.  Since  LH2  at  tank  pressure  cannot  be  vaporized 
to  maintain  its  own  pressure,  an  auxiliary  tank  i3  submerged  in  the  LH2  tank 
and  is  pressurized  with  cold  He.  The  use  of  warm  pressurant  is  precluded 
by  the  rapid  pressure  collapse,  which  would  occur  under  the  conditions. 
During  expulsion  the  auxiliary  LH2  is  passed  through  the  nozzle  heat 
exchanger  where  it  is  vaporized  for  fuel  tank  pressurization.  Temperature 
control  is  maintained  through  a  solenoid  valve,  coupled  to  a  temperature 
sensor,  which  allows  ths  required  amount  of  liquid  to  bypass  the  heat 
exchanger. 


Pressurization  of  the  oxidizer  tank  is  accomplished  with  cold- 
stored  He,  heated  in  a  nozzle  heat  exchanger  as  described  for  prior  configu¬ 
rations.  The  repressurizing  medium  for  both  main  tanks  is  He,  which  is 
stored  cold  and  ..eated  in  the  gas  generator/heat  exchanger.  The  gas  gener¬ 
ator  operates  on  the  main  tank  propellants  and  is  exhausted  overboard. 

It  is  conceivable  that,  under  certain  conditions,  the  weight  of  the 
auxiliary  LH2  sysvem  may  be  reduced  through  the  uea  of  a  cylindrical  tank, 
as  shown  in  configuration  9.  The  mounting  of  spherical  pressure  bottles 
within  propellant  tanks  results  in  increased  system  weight.  In  addition  to  the 
weight  of  mounting  brackets,  allowances  must  be  made  in  bottle  and  tank 
thickness  to  withstand  the  additional  stresses  introduced  by  the  mounting.  If 
a  cylindrical  tank,  fabricated  from  high-strength  seamless  tubing,  were 
installed  to  take  advantage  of  the  existing  dollar  plates  at  the  tank  poles,  a 
significant  weight  saving  may  be  realized.  The  major  factor,  which  may 
make  this  design  highly  competitive,  is  the  ability  to  use  warm  gas  to  pres¬ 
surize  the  cylindrical  tank.  If  properly  sized,  the  propellant  level  in  the 
auxiliary  tank  would  regress  at  about  the  same  rate  as  the  level  in  the  main 
tank.  Since  the  ullage  of  the  auxiliary  tank  is  now  surrounded  by  a  warm  gas 
environment,  there  is  no  temperature  gradient  to  cool  the  ullage  gases  as 
would  be  the  case  if  the  auxiliary  tank  was  submerged  in  LH2.  It  should  be 
noted  that  these  weight  savings  may  be  partially  offset  by  the  structurally 
inefficient  nature  of  the  cylindrical  pressure  vessel-  Future  tradeoff  studies 
should  be  made  to  evaluate  the  merits  of  this  approach.  The  expulsion- 
pressurization  techniques  employed  in  configuration  9  are  similar  to  those  of 
configuration  8  in  that  nozzle -heated  H2  and  He  are  used  to  pressurize  the 
fuel  and  oxidizer  tanks,  respectively.  The  auxiliary  LH2  tank,  however,  is 
now  pressurized  and  repressurized  with  ambient  He.  Ambient  He  i3  also 
used  to  repressurize  the  main  fuel  and  oxidizer  tanks.  With  only  minor  sys¬ 
tem  changes,  heated  He  could  be  used  to  expel  the  auxiliary  LH2  f°r  more 
efficiency. 

Configuration  10  represents  an  advanced  version  of  configuration  9, 
which  incorporates  heated  gas  repres3urization.  Cold- stored  He  is  heated 
for  both  repressurization  and  expulsion-pressurization  of  the  oxidizer  tank 
and  the  auxiliary  fuel  tank.  The  main  fuel  tank  is  pressurized  and  repres¬ 
surized  with  vaporized  H2  from  the  auxiliary  LH2  tank.  In  this  design,  the 
energy  for  all  pressurant  heating,  during  both  expulsion  and  repressurization, 
is  supplied  by  a  LF2/LH2  gas  generator  operating  fuel  rich  and  exhausting 
overboard. 

A  design  which  could  potentially  improve  the  efficiency  of  the 
bipropellant  gas  generator  approach  is  presented  in  configuration  11.  Auxil¬ 
iary  propellant  tanks,  operating  at  a  pressure  higher  than  the  maximum  main 
tank  pressure  supply  the  fuel  and  oxidizer  to  the  gas  generator.  The  auxiliary 
tanks  are  required  as  the  gas  generator  exhaust  is  to  be  used  to  pressurize 
and  repressurize  the  main  oxidizer  tank  and  thereby  must  b”  available  at  a 
higher  pressure.  Use  of  the  exhaust  products  in  the  oxidizer  tank  is  made 
possible  by  stoichiometric  combustion  of  the  fuel  and  oxidizer  and  dilution 
with  cold  He.  The  He  serves  to  reduce  the  operating  temperature  of  the  com¬ 
bustion  chamber/heat  exchanger,  and  subsequently  provides  the  bulk  of  the 
low-density  gas  necessary  for  efficient  pressurization.  A  portion  of  the 


energy  released  is  used  to  heat  the  cold- stored  He  passing  through  the  heat 
exchanger.  The  heated  He  is  used  to  repressurize  and  expel  both  of  the  aux¬ 
iliary  propellants  and  the  main  fuel  supply.  Initially,  the  repressurizing  He 
will  enter  the  auxiliary  tanks  cold  because  of  the  thermal  lag  in  the  heat 
exchange  system,  the  bulk  of  the  gas  will  be  heated,  however.  Many  potential 
weight  saving  techniques  are  incorporated  into  this  design  including:  high- 
density  pressurant  storage,  heated  g\s  expulsion  and  repressurization, 
stoichiometric  gas  generator  combustion  and  recovery  of  the  exhaust  products 
for  use  as  a  pressurant.  This  high  degree  of  sophistication,  however,  is 
accompanied  by  a  number  of  design  difficulties.  Sequencing,  for  example, 
becomes  a  problem  with  the  closed  circuit  gas  generator.  It  is  unlikely  that 
the  system  could  be  sized  to  provide  simultaneous  repressurization  of  both 
tanks.  Since  the  gas  generator  must  be  shut  down  upon  reaching  operation 
pressure  in  the  oxidizer  tank,  any  remaining  pressurization  must  be  accom¬ 
plished,  inefficiently,  with  cold  He.  It  is  possible  that  the  time  lag  can  be 
predetermined  and  the  He  outlet  temperature  adjusted  to  provide  the  desired 
ultimate  ullage  gas  temperature.  A  similar  problem  exists  during  expulsion. 
The  use  of  pressure  switch/solenoid  valve  pressure  control  is  considered  to 
be  more  reliable  than  a  pressure  regulator,  particularly  in  a  F2  environment. 
The  pulsing  nature  of  this  system  could  establish  undesirable  pressure  oscil¬ 
lations  in  the  gas  generator.  However,  the  problem  can  be  alleviated  by 
providing  continuous  flow  through  an  orifice  at  a  rate  somewhat  less  them  that 
required  to  maintain  tank  pressure.  The  amount  of  flow  now  controlled  by 
the  solenoid  valve  would  be  just  adequate  to  maintain  the  tank  pressure  within 
an  established  band,  but  not  sufficient  to  induce  severe  pressure  oscillations 
in  the  gas  generator.  Another  problem  which  may  have  to  be  solved  is  the 
possibility  of  mixture  ratio  variation  from  stoichiometric  during  the  transient 
repressurization  period.  Should  the  system  analysis  indicate  a  significant 
weight  saving,  further  investigation  of  these  areas  will  be  necessary. 

Configuration  11a  is  adapted  to  a  pump-fed  system.  Since  engine- 
bleed  H2  is  available,  it  is  used  to  pressurize  both  main  and  auxiliary  fuel 
tanks  during  expulsion.  In  all  other  respects,  including  the  design  problems, 
the  system  is  identical  to  configuration  11. 

It  should  be  noted  that,  of  the  12  systems,  6,  7,  and  11a  apply  to 
systems  using  pump-fed  engines.  The  remaining  nine  apply  to  all  pressure- 
fed  systems. 

The  system  weight  for  the  candidate  systems  were  computed,  using 
the  techniques  as  outlined  in  the  following  paragraphs. 

(1)  Pressurant  Requirements  For  Expulsion.  Calculation  of  the 
pressurant  required  for  propellant  expulsion  was  based  on  the  following  equa¬ 
tion  for  a  constant  tank  inlet  temperature: 


where 
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CF  = 


usable  pressurant  weight  (lb. ) 
operating  tank  pressure  (p,  s.  i.  a. ) 
propellant  expelled  (lb. ) 
propellant  density  (lb.  p.  ft.  ) 
pressurant  gas  constant  (ft.  p. 0  R. ) 
tank  inlet  gas  temperature  (“R. ) 
correction  factor 


With  the  exception  of  the  correction  factor,  each  term  is  self- 
explanatory.  The  correction  factor  is  defined  as  the  ratio  of  ga  ,  weight 
accounting  for  energy  exchange  between  the  ttnk  walls  and  propellant  during 
expulsion  to  gas  weight  neglecting  any  energy  exchange.  For  the  initial  sys¬ 
tem  comparison,  a  tank  pressure  of  250  p.  s.i.a.  and  an  inlet  temperature 
of  520° R.  was  selected  for  both  tanks  in  the  pressure-fed  systems.  The 
pump-fed  system  comparison  was  based  on  a  tank  pressure  of  25  p.  s.  i.  a. 
and  35  p.  s.  i.  a.  for  the  LH2  and  LF2  tanks.  A  520°R.  gas  inlet  temperature 
was  used  for  both  tanks. 


Certain  systems  used  gas,  which  was  stored  in  high-pressure 
containers.  The  initial  storage  pressure  was  taken  as  3,  000  p.  s.  i.  a.  and 
the  gas  in  the  container  was  allowed  to  expand  to  300  p.  s.  i.  a.  by  the  end  of 
propellant  expulsion.  The  following  equation  was  used  to  calculate  the  total 
gas  weight  required  including  the  residual  gas  remaining  in  the  containers. 
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where 


W 


=  total  initial  ga3  weight  in  the  container  (lb. ) 

OX 

=  initial  gas  compressibility  factor 
Zj  =  final  gas  compressibility  factor 

=  initial  gas  storage  pressure  (p.  s.i.a.) 
a  final  gas  storage  pressure  (p.  s.i.a.) 

Y  =  ratio  of  gas  specific  heats 
B  =  ciorage  bottle  condition 


(4-106) 
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A  summary  o £  the  gas  requirements  for  propellant  expulsion  is 
shown  in  table  4-39  for  the  12  systems  considered.  The  expulsion  gas 
weights  are  based  on  complete  expulsion  of  the  propellant  tanks.  Analysis 
has  shown  that  the  expulsion  gas  required  is  relatively  independent  of  the 
number  of  intermediate  engine  firings,  provided  that  the  tank  pressure  at  the 
beginning  of  each  firing  is  the  same.  That  is,  the  same  amount  of  gas  is 
needed  to  expel  100  pet.  of  the  propellant  in  one  engine  firing  or  10  engine 
firings.  Consequently,  the  weight  for  that  portion  of  the  pressurant  supply 
system  used  for  propellant  expulsion  is  independent  of  duty  cycle. 

(2)  Repressurization  Gas  Requirements.  The  repressurization 
systems  shown  for  the  12  candidate  systems  consisted  of  either  adiabatic 
blowdown  or  constant  inlet  gas  temperature  systems.  The  pressurant 
requirements  for  these  two  basic  approaches  were  based  on  the  following 
equations. 

(a)  Constant  Gas  Inlet  Temperature. 
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(b)  Adiabatic  Blowdown. 
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where 


W  =  usable  pressurant  weight  (lb. ). 
8U 

DT.  =  initial  tank  pressure  (p.  s.  i.  a. ). 

DTf  =  final  tank  pressure  (p.  s.  i.  a. ). 

=  ullage  volume  (ft.  ^), 

R  s  gas  constant  (*R,  p.  ft. ). 

To  -  ir.it:al  bottle  temperature  (°R,). 
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Table  4-39 

PRESSURIZATION  SYSTEM  WEIGHT  SUMMARY 


V  s  ratio  of  specific  heats. 

Z^  =  initial  gas  compressibility  factor. 

Zj  =  final  gas  compressibility  factor. 

P.  =  initial  bottle  storage  pressure  (p.  s.i.a. ). 

Pf  =  final  bottle  storage  pressure  (p.  s.  i.  a. ). 

B  =  storage  bottle  conditions. 

Equations  4-107  and  4-108  are  based  on  no  energy 
exchange  between  the  incoming  gas  and  tank  walls  and  propellant.  Because 
short  repressurization  times  are  anticipated,  this  assumption  should  provide 
realistic  gas  requirements.  (Subsequent  analysis  using  the  H225  program 
have  shown  this  to  be  the  case).  It  should  be  noted  that  equation  (4-108)  has 
been  slightly  simplified  from  the  equation  which  is  used  in  the  HI 09  optimi¬ 
zation  computer  program.  This  was  oone  to  simplify  hand  calculations  for 
the  preliminary  pressurization  screening  study.  The  total  gas  weight  for 
repressurization  systems  using  gas  stored  in  high-pressure  vessels  is  cal¬ 
culated  using  equation  (4-106). 

Equations  4-107  and  4-108  show  that  the  repressurant 
gas  weight,  hence  system  weight,  is  proportional  to  the  product 
(PTf  -  Ptj)  Vu.  Therefore,  the  total  system  weight  for  a  multistart  mission 

requiring  tank  repressurization  prior  to  each  start  is  a  function  of  the  sum 
of  (Pt£  -  PTj)  Vu  required  for  each  tank  prior  to  each  burn.  To  solve  for 

the  system  weight  requires  an  analysis  of  the  pressure  history  in  each  tank 
for  all  of  the  mission  duty  cycles.  This  analysis  is  included  in  the  H109 
computer  program.  However,  the  intent  of  this  preliminary  screening  was 
to  select  one  or  two  systems  which  will  be  analyzed  in  more  detail  using  the 
H109  computer  program  in  later  computations.  Therefore,  to  facilitate  hand 
computation,  the  product  of  (PTf  ~  Ptj)  Vu  was  selected  as  the  independent 

variable  for  system  comparison.  The  system  weight  can  be  shown  independ¬ 
ent  of  an  actual  mission  duty  cycle.  The  sum  of  the  product  can  be  shown  to 
be  (Px  -  Pt.)  V  which  includes  both  the  fuel  tank  and  oxidizer  tank.  The 

repressurization  gas  requirements  should  be  investigated  separately  for  each 
tank.  Again,  because  of  the  complex  nature  of  the  analysis,  a  simplifying 
assumption  was  made.  The  product  of  (PTf  *  PTj)  ^u  ^or  oxidizer  tank 

was  arbitrarily  selected  as  one-half  the  same  product  for  the  fuel  tank  for 
any  repressurization  cycle.  The  actual  values  for  each  tank  will  be  deter¬ 
mined  as  part  of  the  subsequent  pressurization  system  optimization  study 
using  the  H109  computer  program. 

(3)  Hardware  Weights.  The  major  hardware  items  include,  where 
applicable,  the  heat  exchangers,  auxiliary  gas  generator,  auxiliary  propel¬ 
lant  tank(s),  pressurant  containers,  and  control  components.  Parametric 


weights  which  were  used  for  these  items  are  shown  in  figures  4-104  through 
4-109.  Weights  for  thrust  chamber  and  gas  generator  heat  exchangers  are 
shown  in  figure  4-104  and  4-105.  The  thrust  chamber  heat  exchanger  weights 
are  based  on  data  obtained  from  engine  manufacturers.  The  gas  generator 
heat  exchanger  weights  of  figure  4-105  are  based  on  extrapolated  data  from 
the  Rocketdyne /Douglas  MANSAT  study  (AF04{61 1)- 10745). 

Spherical  and  cylindrical  auxiliary  tank  weights  are  shown  in 
figure  4-106.  These  weights  are  based  on  using  6061-T6  aluminum,  with  a 
safety  factor  of  2.  2  on  the  ultimate  tensile  strength.  A  minimum  gauge  of 
0.02  in.  was  assumed.  The  assumed  operating  pressure  of  the  auxiliary  tank 
was  300  p.  s.  i.  a.  for  the  pressure-fed  engine  system  and  100  p.  s.i.a.  for  the 
pump-fed  engine  system. 

The  curves  in  figure  4-106,  show  that  a  spherical  tank  is  lighter 
than  the  cylindrical  auxiliary  tank.  However,  a  cylindrical  tank  offers  the 
advantage  of  being  able  to  use  hot  gas  for  auxiliary  tank  pressurization 
because  the  surface  level  of  the  propellant  in  the  auxiliary  tank  would  regress 
at  about  the  same  rate  as  the  main  propellant.  There  is  essentially  no  tem¬ 
perature  gradient  between  the  hot  ullage  gases  in  the  main  and  auxiliary 
tanks.  On  the  other  hand,  the  spherical  tank  should  be  buried  within  the  main 
propellant  tank  to  prevent  heating  of  the  auxiliary  propellants  by  the  hot  ullage 
gases  during  engine  operation.  Consequently,  cold  gas  would  be  required  to 
pressurize  the  spherical  auxiliary  tank  during  operation  to  prevent  excessive 
local  heating  of  the  main  propellant.  From  a  total  system  viewpoint,  the 
auxiliary  tank  weight,  plus  pressurant  weight,  may  indicate  that  a  cylindrical 
tank  would  result  in  the  lighter  overall  system  weights.  In  addition,  installa¬ 
tion  considerations  may  favor  the  use  of  a  cylindrical  tank.  Unfortunately, 
there  was  not  sufficient  time  to  evaluate  these  details. 

The  gas  generator  weights  of  figure  4-107  are  based  on  data 
obtained  from  engire  manufacturers.  Pending  a  more  complete  analysis,  a 
gas  generator  propellant  flow- rate  of  0.  5  lb.  /sec.  was  used  for  open-loop 
operation  (overboard  dump);  a  propellant  flowrate  of  0.  75  lb.  p.  sec.  was  used 
for  closed-loop  operation  (Lt  %  tank  dump).  For  the  open-loop  system,  the 
gas  generator  operating  mixture  ratio  used  was  1.  2  {F2/H2)  resulting  in  a 
combustion  temperature  of  approximately  1, 950  °R.  The  propellant  weight 
penalty  for  gas  generator  operation  was  based  on  the  gas  generator  delivering 
an  ISp  equal  to  one-half  of  the  mam-engine  system.  (Note;  If  the  gas  gener¬ 
ator  delivered  the  same  ISp  as  the  main  engine,  there  would  be  essentially  no 
weight  penalty  attributed  to  the  additional  gas  generator  propellants  -  provided 
that  the  vehicle  was  properly  oriented  during  all  gas  generator  sequences). 

The  stoichiometric  F2/H2  mixture  ratio  was  used  for  closed-loop  gas  gener¬ 
ator  operation  to  preclude  any  H2  from  entering  the  LF2  tank.  He  was  used 
as  a  diluent  to  reduce  the  inlet  gas  temperature  to  the  LF 2  tank  to  520° R. 

Component  weights  were  based  on  an  arbitrary  nominal  line 
size  of  3/8  in.  These  weights  were  taken  from  figure  4-108.  Line  lengths 
were  approximated  for  each  system  and  corresponding  weights  were  calcu¬ 
lated  based  on  aluminum  line  weighing  0.03  lb,  p.  ft.  These  are  summarized 
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Figure  4-106.  Auxiliary  LH2  Tank  Weight 
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for  each  system  in  table  4-40.  Pressurant  storage  bottle  weight,  which  is  a 
function  of  required  gas  weight,  is  shown  in  figure  4-109.  This  assumes 
3,  000  p.  s.  i.  a.  spherical  titanium  bottles  with  a  safety  factor  of  2.  22. 

(4)  Weight  Comparison.  The  final  results  of  this  evaluation  are 
shown  in  figures  4-110  and  4-111  for  the  pres  sure -fed  and  pump-fed  engine 
systems.  The  purpose  of  this  study  was  to  perform  a  preliminary  screening 
of  the  12  candidate  systems  and  establish  a  weight  spectrum.  Total  pressur¬ 
ization  system  weight  for  both  propellant  expulsion  and  tank  repressurization 
was  used  as  the  basis  for  system  comparison.  Included  in  the  total  system 
weight  are  the  pressurant,  pressurant  container,  auxiliary  propellant  tank, 
control  components,  auxiliary  combustion  devices,  heat  exchanger,  and  lines. 

By  noting  the  results  for  the  pres  sure- fed  system  shown  in 
figure  4-110,  it  can  be  seen  that  the  system  of  configuration  9  results  in  the 
lowest  overall  pressurization  weight.  Configuration  9  uses  ambiently  stored 
He  for  adiabatic  repressurization  of  both  the  LH2  and  LF2  tanks.  As  expected, 
however,  the  ambient  repressurization  system  weight  increases  rapidly  as  the 
repressurization  requirements  increase.  A  more  favorable  system  for  many 
duty  cycles,  requiring  increased  repressurization,  is  found  in  configura¬ 
tion  10.  Since  the  most  difficult  duty  cycle  would  be  used  to  select  size  and 
design,  the  pressurization  system,  system  10,  was  selected  for  derailed 
study  tor  the  pres  sure -fed  cases. 

Reference  to  figure  4-111  indicates  that  the  choice  between 
configurations  6  and  7  is  not  governed  by  system  weight  consideration, 
because  they  are  relatively  close.  From  an  ease  of  development  viewpoint, 
the  system  shown  in  configuration  6  appears  to  be  the  most  desirable.  The 
only  item  requiring  development  is  the  F2/H2  gas  generator /heat  exchanger 
system.  Such  a  device  is  under  development  by  Douglas  in  an  IRAD  program. 
Because  of  the  open-loop  operation  of  the  gas  generator  where  combustion 
products  are  dumped  overboard,  the  system  control  is  similar  to  that  used 
on  current  vehicles  (such  as  Saturn  S-IV  and  S-IVB),  and  does  not  need 
further  development.  Figure  4-112  shows  the  F2/H2  gas  generator  hardware 
being  developed  under  the  Douglas  IRAD  program.  The  generator  part  of  this 
system  has  been  successfully  demonstrated,  ^he  system  shown  in  configura¬ 
tion  7  has  several  items  requiring  feasibility  demonstration  and  development. 
The  catalytic  reactor  system  would  require  extensive  development.  Also, 
temperature  control  of  the  combustion  products  entering  the  LF2  tank  is 
complicated  because  the  combustion  products  are  also  used  to  heat  He  for 
LH2  tank  repressurization.  Any  change  in  He  flow  to  the  LH2  tank  would 
affect  the  temperature  of  the  combustion  gases  entering  the  LF2  tank. 

Another  area  requiring  investigation  is  the  effects  of  small  amounts  of  water 
vapor  entering  the  LF2  tank.  Because  of  these  system  development  prob¬ 
lems,  configuration  7  is  dropped  from  further  conside ratio n.  For  large 
repressurization  requirements,  configuration  11a  results  in  substantial 
weight  savings.  However,  because  of  the  lower  tank  pressures  required  for 
pump-fed  engine  operation,  high  values  of  VAP,  at  which  the ‘cross-over 
occurs,  are  not  anticipated.  Therefore,  configuration  6  will  be  used  for  the 
pump-fed  pressurization  system  optim'  ''on  study. 
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b.  Pressurant  Requirement  Analysis.  As  discussed  previously,  the 
total  pressurant  requirements  for  multiburn  missions  can  be  considerably 
higher  than  in  the  case  of  conventional  single  burn  systems.  Also  the  pro¬ 
pellant  heat  input,  contributed  by  the  pressurant,  can  be  significant  relative 
to  the  total  propellant  heat  input  for  highly  insulated  propellant  tankage. 
Because  of  this  importance,  a  careful,  accurate  pressurant  gas  analysis  is 
mandatory.  To  accomplish  this,  a  computerized  pressurant  gas  analysis 
was  developed  as  part  of-this  program  which  would  account  for  such  factors 
as  heat  transfer  to  tank  walls  from  the  ullage  gas,  and  heat  and  mass  transfer 
across  the  liquid  gas  interface  with  independent  variables  such  as  inlet  gas 
temperature,  initial  tank  contents,  expulsion  rate  and  inlet  gas  composition. 

Prior  to  describing  the  details  of  this  analysis,  it  is  appropriate  to 
review  the  overall  propellant  tank  fluid  dynamic  history  for  the  missions  of 
interest,  because  these  define  the  initial  conditions  for  pressurization. 

(1)  Propellant  Thermodynamic  History.  Heat  transfer  to  the  stored 
liquid  propellant,  and  the  resulting  temperature  distributions  and  tank  pres¬ 
sure  variations,  occur  under  many  different  operating  modes.  These  would 
include  the  following: 

•  Ground-hold  at  1-g.  and  a  quiescent  fluid  state. 

•  Boost  at  g  levels  from  1  to  5  and  some  degree  of  fluid  motion 
relative  to  the  tank. 

•  Orbit  at  approximately  1x10  ^  g. 

•  Powered  operation  at  approximately  1-g.  with  some  degree  of  fluid 
motion  relative  to  the  tank. 

Modes  3  and  4  occur  alternately  with  restarting  of  the  stage. 
During  the  ground-hold  period  as  well  as  boost,  the  propellant  is  held  at  the 
bottom  of  the  tank  and  heat  flow  into  the  liquid  is  primarily  controlled  by  free 
convection.  The  free  convection  results  in  propellant  temperature  stratifi¬ 
cation.  That  is,  the  heat  is  deposited  at  the  top  of  the  tank  and  a  temperature 
gradient  is  established.  Sloshing  also  will  be  present  during  boost.  For 
example,  in  the  Saturn  S-IV,  waves  of  3  in.  in  height  are  experienced  during 
boost  (reference  6).  As  the  stage  goes  into  orbit  and  booster  power  is  ter¬ 
minated,  the  transition  from  very  high  to  very  low-g.  disperses  liquid 
around  the  spherical  tank  wall.  The  factors  responsible  for  this  are  (1)  an 
order  of  magnitude  increase  in  slosh  wave  height;  (2)  a  structural  spring 
back  of  the  tank,  and  (3)  the  normal  tendency  of  wetting  fluids,  such  as  LH2 
and  LF2,  to  climb  container  walls.  These  transient  actions  also  mix  the 
fluid,  thereby  destroying  the  temperature  gradients  establisheo  during  high-g. 
flight.  Tank  pressure  will  also  drop  to  some  low  equilibrium  value.  Once  in 
0-g.  ,  the  propellants  maintain  the  wall  distributed  minimum  energy  configu¬ 
ration,  unless  some  type  of  settling  device  is  employed. 

At  this  point,  the  detailed  understanding  of  the  fluidynamic  and 
heat-transfer  processes  occurring  in  stored  cryogenic  fluids  in  a  low-g. 
environment  is  not  ae  fully  developed  as  would  be  desired  to  accurately  design 


flight  vehicle  propellant  storage  and  feed  systems.  Difficulties  in  simulating 
low-g.  operation  to  facilitate  appropriate  research  is  primarily  responsible 
for  this  technological  deficiency.  The  most  complete  work  carried  out  in 
this  area  has  been  by  NASA-LeRC,  involving  suborbital  experiments  using  a 
small  (9  in.)  radiant-heated  sphere  containing  LH2.  Four  flights  have  been 
run,  which  have  been  documented  in  references  31  through  36.  The  conclu¬ 
sion  reached  from  these  tests  can  be  summarized  as  follows: 

•  LH2  wets  the  spherical  tank  wall,  when  going  into  nearly  zero-g. 

•  Nucleate  boiling  and  localized  wall  drying  occurs. 

•  Temperature  stratification  results. 

•  The  tank  pressure  rise  is  slightly  greater  than  that  predicted  by  a 
homogeneous  heating  model,  although  it  is  below  that  corresponding 
to  an  all -vaporization  or  all-gas  phase  heating  model,  and  always 
less  than  that  corresponding  to  a  1-g.  quiescent  heating  model. 

•  Temperature  distributions  are  not  easily  destroyed  by  system 
oscillations. 

•  Vapor  flashing  and  pressure  increases  occur  when  liquid  is  sloshed 
back  over  dry  walls. 

The  lowest  heat  flux  established  in  these  low-g.  tests  was  about 
23  B.  t.  u.  p.  ft.  2-hr. ,  which  is  nearly  two  orders  of  magnitude  greater  than 
that  anticipated  for  a  tank  using  a  high-performance  insulation  system.  The 
general  consensus  of  Douglas  engineers  agree  that  for  the  low  anticipated 
heat  leak  it  would  be  appropriate  to  employ  a  homogeneous  heating  model  to 
predict  temperature  and  pressure  rises  during  orbit.  To  bracket  the  prob¬ 
lem,  it  would  also  be  desJrable  to  spot  check  results,  using  a  1-g.  quiescent 
heating  model  for  possible  effects  on  the  overall  results.  The  homogeneous 
heating  model  is  an  integral  part  of  the  Douglas  HI 09  propulsion  system 
sizing  computer  program,  which  is  the  basic  tool  to  be  employed  for  the 
optimization  stage  of  this  study.  A  1-g.  quiescent  model  is  being  formulated 
under  a  Douglas  IRAD  program. 

At,  or  just  before  engine  startup,  the  propellants  are  settled. 
This  causes  limited  mixing  so  that  most  of  the  temperature  gradients  are 
eliminated.  Behavior  during  powered- stage  operation  is  similar  to  that 
experienced  during  boost,  and  stratification  will  take  place.  However,  out¬ 
flow  from  the  tank  takes  place.  Computations  have  been  run  to  assess  the 
degree  of  stratification,  assuming  a  single  200  sec.  burn  at  1-g.  and 
1  B.  t.  u.  p.  ft.  ^-hr.  heat  input,  that  would  empty  the  tank.  These  involved  a 
boundary-layer  analysis  and  indicated  a  LH2  temperature  rise  at  the  surface 
of  0.  2°R,  just  before  propellant  depletion.  This  should  have  a  negligible 
effect  on  the  overall  system  behavior.  Therefore,  on  the  basis  of  these  cal¬ 
culations,  radiant  heating  and  stratification  during  tank  outflow  will  be 
neglected  in  the  study. 
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Following  the  first  burn,  propellant  will  once  again  be  distrib¬ 
uted  around  the  tank  wa’l.  However,  the  tank  wall  will  be  heated  during 
expulsion  by  the  warm  pressurizing  gases  and  this  stored  heat  must  be 
absorbed  by  the  propellant  as  it  flows  back  over  the  walls.  The  quantity  of 
heat  stored  in  the  wall  is  determined  by  the  developed  pressurant  gas  analy¬ 
sis  program. 


An  unresolved  point  is  how  this  heat  is  distributed  in  the  pro¬ 
pellant  (direct  vaporization,  bulk  heating  or  a  combination/.  The  most  con¬ 
servative  approach  would  be  to  assume  that  all  this  heat  vent  into  flashing 
off  propellant.  After  zero-g.  stabilization,  a  new  equilibrium  is  established 
and  the  process  is  repeated. 

Equations  in  the  Douglas  program  for  propulsion  system  opti¬ 
mization  predict  pressure  histories  for  multiburn  duty  cycles,  including  the 
tank  pressure  collapse  after  engine  shutdown,  as  well  as  the  pressure  buildup 
during  orbit  coast  (assuming  the  uniform  mixed  heating  model).  Program 
equations  also  predict  pressurant  requirements  based  on  a  simple  model, 
assuming  no  heat  transfer.  An  improved  model  for  predicting  the  pressurant 
requirements  to  augment  the  H109  capabilities  is  required. 

(2)  Analytical  Model  Development.  The  required  model  and  com¬ 
putational  procedure  must  be  general  enough  to  handle  the  wi-de  range  of 
conditions  to  be  encountered,  and  be  rapid  enough  to  permit  many  repetitive 
calculations  to  be  performed  in  parametric  surveys  and  system  optimization. 

While  significant  work  has  been  done  in  this  field,  no  existing 
analysis  fully  met  the  needs  of  this  study.  The  most  promising  area  for 
improvement  is  in  the  numerical  solution  of  the  system  of  equation.  The 
computer  program  must  provide  an  efficient  balance  between  computational 
speed  and  accuracy.  The  nature  of  the  study  objectives  permits  some  simpli¬ 
fications  in  the  analysis,  but  the  developed  technique  is  still  general. 

To  predict  pressurant  requirements  for  propellant  tanks  during 
pressurization  and  expulsion  requires  primarily  an  analysis  of  the  heat  and 
mass  transfer  processes  occurring  within  the  tank.  These  phenomena  can 
be  complex,  and  an  exact  mathematical  description  is  extremely  difficult  to 
achieve.  A  simplified  mathematical  model  must  be  used  to  ensure  that  the 
resulting  equations  can  be  solved  practically.  Attempts  to  obtain  a  closed- 
form  solution  require  such  highly  simplified  models  that  actual  cases  cannot 
be  simulated  accurately.  More  realistic  models  produce  equations  of  such 
complexity  that  numerical  solutions  are  required.  Recent  work  has  pro¬ 
gressed  to  the  point  where  non- viscous,  one-dimensional  models  are  being 
treated,  which  permit  fluid  properties  and  the  initial  and  boundary  conditions 
to  be  varied  arbitrarily.  The  solution  to  the  system  of  partial  differential 
equations  is  approximated  numerically  by  a  digital  computer  program. 

The  current  technology  in  ullage  gas  analysis  is  characterized 
by  several  basic  assumptions.  One  such  assumption  is  that  all  fluid  flow  is 
non- viscous,  ignoring  both  kinetic  energy  and  momentum,  and  the  ullage 
pressure  does  not  vary  spatially.  The  most  important  simplification  is  the 
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elimination  of  radial  and  circumferential  variation,  making  the  system  one¬ 
dimensional.  The  resulting  partial  differential  equations  are  in  two  inde¬ 
pendent  variables,  time  and  axial  distance.  Heat  transferred  at  the  fluid 
boundaries  is,  therefore,  distributed  uniformly  and  instantaneously  through¬ 
out  the  fluid  volume  at  that  axial  location.  An  absence  of  significant  radial 
temperature  gradients  has  been  observed  experimentally,  but  the  general 
validity  of  this  assumption  has  not  been  fully  established.  The  heat-transfer 
mechanism  responsible  for  this  behavior  is  not  understood,  but  apparently 
the  one-dimensional  model  is  realistic  in  most  cases.  This  is  fortuitous, 
for  a  two  or  three-dimensional  model  would  require  a  prohibitive  amount 
of  machine  time  for  solution  and  would  not  be  practical  in  the  proposed 
program. 

Two  analyses  of  a  non-viscous,  one -dimensional,  ullage  gas 
model  have  appeared  in  the  literature.  The  simpler,  by  Roudebush  of  NASA- 
LcRC  (reference  37),  includes  heat  transfer  between  a  cylindrical  tank  wall 
and  a  one-component  ullage,  but  ignores  axial  transfer  processes.  The 
finite -difference  equations  are  in  Eulerian  form,  using  a  fixed,  evenly  spaced 
net  point  system.  The  equations  are  obtained  from  an  implicit  type  of  deri¬ 
vation,  but  only  single  differences  between  two  adjacent  net  points  are 
involved.  The  resulting  equations  are  explicit,  giving  the  variable  values  at 
successive  axial  locations,  starting  from  the  current-time  boundary  condi¬ 
tions  at  the  inlet  plane.  The  computer  program  is  straightforward  and  fast. 
Results  have  agreed  with  experiments  despite  the  relative  simplicity  of  the 
model.  A  more  complete  analysis  has  been  developed  by  Epstein,  Georgius, 
and  Anderson  of  NAA  (reference  38).  The  model  includes  an  arbitrary  tank 
geometry,  two-component  ullage,  axial  conduction  and  diffusion,  and  inter¬ 
face  transfer.  Because  the  ullage  interacts  with  the  propellant  interface, 
the  liquid  temperature  profile  must  also  be  calculated.  In  addition  to  the 
more  complete  ullage  gas  model,  heat  transfer  through  the  wall  and  insulation 
is  treated  in  detail  and  coupled  equations  for  the  pressurant  supply  system 
are  included.  The  effects  of  mixing  because  of  the  nonuniform  flow  may  be 
simulated  by  using  effective  transfer  coefficients  which  are  estimated  from 
empirical  data.  The  finite-difference  equations  are  in  explicit,  Lagrangean 
form  with  the  gas  and  liquid  nodes  changing  volume  and  position  relative  to 
the  tank.  The  computer  program  has  been  reported  to  be  accurate,  but  it  also 
requires  more  computation  time,  as  would  be  expected  with  the  more  compli¬ 
cated  equation  system.  By  using  empirical  data,  the  program  computations 
can  be  made  to  agree  more  closely  with  experimental  results.  It  is  diffucult 
to  determine  these  inputs,  however,  and  often  they  are  not  available  at  all. 

The  model  developed  for  the  present  analysis  shares  some 
features  with  that  of  both  Roudebush  and  Epstein.  It  is  as  general  as  that  of 
Epstein,  but  does  not  include  the  heat  transfer  through  the  tank  insulation  or 
the  pressurant  system  characteristics.  These  factors  would  not  be  of 
immediate  importance  in  this  study. 

The  model  has  the  following  major  features.  An  arbitrary  tank 
geometry  may  be  specified  by  giving  the  axial  variation  of  the  cross-sectional 
area  of  the  ullage  space  and  of  the  heat-transfer  circumference  for  the  tank 
wall  and  for  the  internal  hardware.  Heat  transfer  occurs  between  the  ullage 
and  both  the  tank  wall  and  internal  hardware.  Axial  conduction  in  the  wall 
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and  hardware  is  neglected.  Axial  conductions  in  the  gas  and  heat  and  mass 
transfer  at  the  interface  is  included.  Anticipating  relatively  short  outflow 
times  and  well  insulated  walls,  the  heat  flow  in  the  liquid  is  described  by  a 
simple  conduction  equation  without  wall  heating.  The  ullage  may  be  a  binary 
mixture  of  condensable  propellant  vapor  and  non- condensable  gas.  The  com¬ 
position  profile  is  governed  by  axial  diffusion  and  evaporation/condensation 
at  the  interface.  The  ullage  is  an  ideal  mixture  of  real  gases  for  which  com¬ 
pressibility  factors  are  functions  of  temperature  and  pressure.  Specific 
heats  are  functions  of  temperature.  Transport  coefficients  are  assumed 
constant  in  deriving  the  equations  but  may  be  evaluated  locally  in  their 
application. 

For  the  pro  .lem  solution,  the  gas  composition  and  all  tempera¬ 
ture  profiles  must  be  given  as  initial  conditions.  The  tank  pressure,  propel¬ 
lant  outflow  rate,  and  inlet  gas  temperature  and  composition  may  be  varied 
aroitrarily  with  time.  Heat  addition  externally  to  the  wall  and  internally  to 
the  hardware  is  provided.  At  the  interface,  boundary  conditions  are  the  gas, 
wall  and  hardware  temperatures,  gas  composition  and  velocity.  The  latter 
conditions  are  not  set  at  problem  initiation,  but  are  determined  throughout 
the  solution  from  interaction  of  the  gas  and  liquid  at  the  interface. 

c.  The  Temperature  and  Velocity  Equations.  It  has  been  convenient  to 
derive  the  equation  system  in  the  same  general  pattern  as  Roudebush.  The 
present  model  is  more  extensive,  but  the  development  of  some  of  the  terms 
may  be  taken  directly  from  reference  37. 

The  first  law  of  thermodynamics  for  a  fluid  particle  may  be  written 
as  (reference  39  pg  189). 


=Q  (4-109i 


where  e  is  the  energy  and  Q  is  the  rate  of  heat  addition  to  the  fluid  particle 
per  unit  mass.  The  concept  refers  to  a  one-dimensional  coordinate  system 
in  which  the  Eulerian  derivative  is  defined  as 


Df  _  df  +  df. 
Dt  dt  U  dx 


where  f(x,  t)  is  a  fluid  property.  The  total  heat  addition  to  a  fluid  particle  is 
made  up  of  heat  transfer  from  the  tank  wall  and  the  internal  hardware,  and 
conduction  from  the  adjacent  fluid  (reference  39  pg  337): 
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(4-113) 


Subscripts  W  and  I  denote  wall  and  internal  hardware  properties,  respec¬ 
tively.  C  is  the  heat-transfer  circumference,  A  the  ullage  cross-section 
area,  and  h  the  heat-transfer  coefficient.  The  conductivity  k  is  assumed 
constant  in  the  derivation. 

The  left-hand  side  of  equation  4-109  is  developed  in  the  same 
manner  as  in  reference  37  obtaining 


Cp  dI  -  J  [dT  0] 


2?  =  Q 

Dt  w 


(4-114) 


The  equation  of  state  for  a  real  gas  mixture  is  written  as 


MP  =  ZRTf 


(4-115) 


in  which  the  average  molecular  weight  M  and  compressibility  factor  Z  for 
the  mixture  are  defined  as 


M  -  (My  -  Mj,q)  + 


Z  =  a(  Zy  -  Zp^)  +  ZpQ 


(4-116) 

(4-117) 


Properties  of  the  vapor  and  the  foreign  gas  species  are  indicated  by  the  sub¬ 
scripts  V  and  FG,  respectively,  and  a  is  the  mole  fraction  of  propellant 
vapor. 
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From  equation  4-115  is  derived  the  term 


[“t  o>L  °  “p 

in  which 
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(4-118) 


(4-119) 


Substituting  equation  4-118  into  equation  4-119  produces 


DT  RTZi  op 
p  Dt  "  JMP  Dt 


(4-120) 


which  is  expanded  to  give 
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'**  This  is  the  energy  equation  from  which  the  gas  temperature  is  determined. 
It  may  also  be  obtained  by  simplifying  the  complete  energy  equation  given  in 
reference  40  pg  318. 


The  tank  wall  temperature  is  determined  in  the  same  manner  as  in 
reference 


dT 


dt 


W  _ 


*W  PW  CW 


hW  <T 


TW>  +  » 


w 


(4-122) 


where  1^  is  the  wall  thickness  and  Cyj  the  wall  specific  heat. 

A  similar  equation  is  written  for  the  internal  hardware  temperature 
as  follows: 


The  terms  lj  in  equation  4-123  and  Cl  from  equation  4-112  are 
defined  as  the  wall  thickness  and  heat-transfer  circumference  for  the 
internal  hardware  in  the  same  general  manner  as  for  the  external  tank  wall. 

If  the  hardware  consists  of  pressure  bottles,  these  terms  are  simple  to  use. 

If  supports,  baffles,  and  other  hardware  are  to  be  included,  a  more  careful 
definition  of  these  parameters  is  necessary.  All  hardware  across  the  width 
of  the  tank  at  each  axial  location  is  lumped  together  in  the  one -dimensional 
model.  The  proper  effective  values  of  Li  and  Cj  must  be  chosen  to  accurately 
represent  their  situation  in  the  simple  model.  The  values  qw  and  qj  are  heat 
source  terms  for  the  wall  and  internal  hardware.  In  reference  x,  qw  is 
determined  by  an  analysis  of  heat  conduction  from  the  ambient  through  the 
tank  insulation,  and  qj  is  determined  by  the  processes  occurring  within 
internally  stored  pressurant  bottles.  Here  they  are  left  as  arbitrary 
boundary  conditions. 

The  continuity  equation  for  quasi-one-dimensional  flow  in  a  system 
of  variable  cross-section  area  is 


Aft  {puA>  =  0  (4-124) 

which  yields 
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The  second  term  can  be  written 
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in  which 
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Substituting  equation  4-126  into  equation  4-125  gives 


4 


for  the  gas  velocity. 

d.  The  Diffusion  Equation.  The  Roudebush  analysis  does  not  include  a 
two- component  ullage  and  the  diffusion  equation  given  by  Epstein  is 
incorrect.  Therefore,  the  derivation  used  in  this  analysis  will  be  presented 
in  detail.  This  development  refers  to  basic  equations  in  reference  40  pg  16, 

The  species  continuity  equation  for  the  condensable  vapor  in  quasi- 
one -dimensional  form  is 
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(4-130) 


where  the  total  molar  concentration  is  given  by  c  ~  P/M.  The  molar  flux 
of  condensable  vapor  Nv,  relative  to  stationary  coordinates,  is  given  by 


N  =  o(N  +N„,,)  -  c  D 
v  v  FG 


❖  da 
dx 


(4-131) 


which  is  the  sum  of  bulk  flow  and  diffusion  terms.  The  total  molar  flux  is 


N  i-  =  c  u* 
v  FG 


(4-132) 


Combining  equations  4-130,  4-131,  and  4-132  results  in 
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as  the  basic  diffusion  equation.  It  is  noted  that  u*  is  the  molar  average 
velocity  and  not  the  mass  average  velocity  u  which  appears  in  the  previous 

equations. 

The  molar  average  velocity  is  defined  as 


u*  =  auy  +  (1  -  °)  uj 


(4-134) 


and  the  mass  average  velocity  as 


U  =  WU  +  (1  -  W)  UpQ 


(4-135) 


where  \l,  and  upQ  are  the  velocities  of  the  individual  vapor  and  foreign  gas 
species  and  w  is  the  mass  fraction  of  condensable  vapor  in  the  gas, 
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(4-136) 


An  expression  relating  uy  and  Up^  is  taken  from  reference  40  pg  502 


uv'u: 
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(4-137) 


and  substituted  into  equation  4-135  to  give 
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(4-138) 


Using  equation  4-136  and  solving  for  uy  gives 


FG  T-.#  do 


Equations  4-  134,  4-137,  and  4-139  combine  and  simplify  to 


(4-140) 


which  is  the  molar  average  velocity  in  terms  of  the  mass  average  velocity, 
molecular  weights  and  the  mole  fraction  gradient.  If  the  molecular  weights 
are  identical,  or  if  there  is  no  gradient,  the  two  velocities  are  equal.  If, 
for  example,  there  is  a  negative  gradient  in  the  vapor  mole  fraction,  then 
uv  >  UFG*  Further,  if  the  vapor  molecular  weight  is  greater  than  that  of 
the  foreign  gas,  then  u  >  u*,  because  Uy  is  weighted  more  heavily  in  u  than 
in  u*.  Equations  4-133  and  4-140  give 
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for  the  diffusion  equation. 

The  basic  diffusion  equation  will  now  be  expanded  into  simple  terms, 
Equation  4-141  is  rewritten 


(4-142) 


The  left-hand  terms  become 


in  which  the  expression  in  square  brackets  is  the  continuity  equation  and 
equal  to  zero  from  equation  4-124.  The  remaining  terms  combine  to  give 
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Expanding  the  right-hand  term  through  the  following  steps 
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we  arrive  at  the  final  form  of  the  diffusion  equation 


da  ,  da  _  D*  do  /. 

dT  +  ud7-XST  A 


6a\ 

dx  ]  dx  L 


1_  dT  ,  /^1  ,  Mv~MFG 
ZT  dx  \  Z  M 


)*] 


(4-144) 


e.  The  Liquid  Equations.  To  establish  the  interface  conditions,  it  is 
necessary  to  calculate  the  heat  flow  into  the  propellant.  Only  axial  con¬ 
duction  is  considered  in  the  energy  equation.  The  equivalent  of  equa¬ 
tion  4-121  for  the  liquid  temperature  equation,  assuming  constant  density, 
is 
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The  subscript  L  denotes  liquid  properties.  The  liquid  velocity  is 
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in  which  rii  is  the  propellant  mass  outflow  rate. 

f.  The  Interface  Equations.  The  gas-liquid  interface  provides  a 
boundary  value  for  both  the  liquid  and  gas  temperature  equations  and  for  the 
gas  composition  and  velocity  equations.  The  evaporation  rate  is  determined 
by  the  net  heat  supplied  to  the  interface  by  conduction  from  the  gas  and  into 
the  liquid.  When  the  ullage  is  composed  of  pure  propellant  vapor,  the  inter¬ 
face-temperature  is  the  saturation  temperature  at  tank  pressure.  With  a 
two-component  ullage,  the  heat  and  mass-transfer  rates  at  the  interface 
must  be  balanced  to  determine  the  interface  conditions.  The  liquid  and  gas 


temperatures  are  assumed  equal  at  the  interface  and  in  equilibrium  with  the 
vapor  partial  pressure.  The  vapor  pressure  Pv  is  a  temperature  dependent 
property  of  the  propellant,  therefore 

P  .  =  P  (T.  J  (4-147) 

v  mt  v  '  mt 


where  the  subscript  £nf  denotes  an  interface  condition.  The  interface  vapor 
mole  fraction  is 


where  uV2.ei  is  the  vapor  velocity  (downward)  relative  to  the  interface,  pv  is 
the  vapor  density,  and  lv  is  the  propellant  heat  of  vaporization.  In  a  pure 
vapor  system,  uvrei  =  urei  and  Pv  =  P,  giving 
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The  liquid  interface  velocity  is 
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Therefore,  the  pure  vapor  interface  gas  velocity  relative  to  the  fixed 
coordinate  system  is 
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(4-155] 


This  is  the  boundary  value  for  the  gas  velocity  equation. 

With  a  two-component  gas  at  the  interface,  the  vapor  velocity  is 
determined  by  the  diffusion  rate 
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(4-156 


as  obtained  from  equation  4-137  by  setting  =  0  at  the  interface. 

The  vapor  density  is 


P 


v 


(4-157 


For  upQ  rej  =  0,  the  relative  gas  velocity  is 


u  .  = - u  rel 


(4-158 
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or,  with  equations  4-156  and  4-157 
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(4-159) 


resulting  in  the  two-component,  interface,  gas  velocity 
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This  is  used  in  place  of  equation  4-155  for  two- component  ullage  problems. 

To  determine  the  interface  temperature  with  a  two-component 
ullage,  equations  (4-149)  through  (4-152)  are  combined  with  (4-156)  and 
(4-157)  to  obtain 
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which  is  the  balance  between  the  diffusion  and  evaporation  rates.  This 
equation,  together  with  conditions  given  by  equation  4-147  and  4-148,  must 
be  satisfied  at  the  interface. 

g.  Program  Solution.  Equations  4- 121,  4-122,  4-123,  4-129,  4-144, 
4-145,  and  4-146  are  the  final  expressions  for  the  gas  temperature,  tank 
wall  temperature,  hardware  temperature,  gas  velocity,  gas  composition, 
liquid  temperature,  and  liquid  velocity.  These  Euierian  form  equations 
were  converted  into  difference  equations  suitable  for  programming.  For 
example,  the  difference  form  of  equation  4-122  for  the  wall  temperature 
becomes 
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The  solution  of  the  equations  must  be  performed  in  a  specific  sequence.  The 
solution  proceeds  by  determining  the  temperature  and  composition  profiles 
and  then  the  velocity  profiles  at  each  time  step. 


The  equation  system  with  boundary  and  input  condition  was  pro¬ 
grammed  in  Fortran  IV  language  to  yield  Douglas  computer  code  H225. 

Figure  4-113  summarizes  the  function  and  capabilities  of  the  program.  It 
analyzes  the  internal  tank  thermodynamics  between  points  a  and  b  in  the 
pressure  time  history,  which  covers  pre -pressurization/ re-pressurization 
and  pressurization  during  expulsion.  Further  details  relative  to  the  H225 
program  are  contained  in  a  special  report  as  part  of  this  contractual  effort. 

h.  Typical  Results.  To  illustrate  the  capabilities  of  the  program  and 
certain  trends,  a  series  of  trial  runs  were  made  with  the  H225  program. 

An  example  of  the  output  generated  by  the  tank  pressurization 
program  is  illustrated  in  figures  4-114  and  4-115.  The  computations  are 
based  on  the  study  vehicle  configuration  liquid  hydrogen  tank  and  includes 
the  use  of  all  tabular  and  calculated  local  properties  and  transfer  coeffi¬ 
cients  provided  by  the  program.  Figure  4-114  shows  the  pressurant 
requirements  during  outflow  at  a  constant  pressure  and  flow  rate  for  three 
inlet  temperatures.  Also  shown  are  the  ideal  curves,  representing  the 
pressurant  mass  required  if  there  were  no  cooling  of  the  ullage  gas. 

Figure  4-115  shows  ullage  gas  temperature  profiles  at  three  times  during 
the  outflow  at  500°R,  inlet  temperature.  One  wall  temperature  profile  is 
included,  which  corresponds  to  the  longest  expulsion  time.  The  irregular 
shape  of  the  curves  is  caused  by  spherical  pressure  bottles  mounted  at  the 
mid- section.  The  depression  in  the  profiles  near  the  center  of  the  tank  is 
caused  by  the  additional  cooling  effect  of  these  pressure  bottles. 

Figure  4-116  illustrates  the  general  data  trends.  These  computa¬ 
tions  were  based  on  the  study  vehicle  LHg  tank  with  He  pressurant.  It  was 
assumed  that  the  tank  initially  contained  half  the  maximum  propellant 
volume  and  that  propellant  was  expelled  at  a  rate  of  4.  6  lb.p.  &ec.  Uniform 
equilibrium  initial  conditions  were  assumed.  The  conditions  were  the  tank 
pressure,  temperature  and  ullage  composition.  Choosing  any  two  determines 
the  third  value.  In  this  example,  the  initial  ullage  composition  was  assumed 
to  be  pure  propellant  vapor.  Choosing  the  initial  pressure  requires  the 
initial  temperature  to  be  the  corresponding  saturation  temperature. 

To  identify  the  degree  of  expulsion,  the  amount  expelled  is  compared 
to  the  maximum  total  propellant  volume,  not  the  initial  propellant  volume. 

In  this  case,  a  10  pet.  expulsion  indicates  that  one  fifth  of  the  initial  pro¬ 
pellant  has  been  expelled,  because  the  tank  was  initially  half  full.  Fifty  pet. 
expulsion  means  that  the  tank  has  been  emptied.  The  initial  conditions 
specify  the  propellant  volume,  but  the  outflow  rate  is  specified  in  mass  units. 
The  density  of  LHg  shows  a  pronounced  decrease  with  increasing  temperature 
resulting  in  higher  volumetric  outflow  rates  and  lower  expulsion  times  at  the 
higher  expulsion  pressures. 

Ideal  curves,  which  assume  there  is  no  heat  transfer  from  the  gas, 
are  shown  for  comparison.  As  the  gas  temperature  is  raised,  the  heat- 
transfer  rates  increase  and  the  computer  curves  show  a  greater  departure 


262 


INPUTS 


TIME  VARIANTS: 

PROPELLANT  OUTFLOW  RATE 
TANK  PRESSURE 
EXTERNAL  WALL  HEATING  RATE 
INTERNAL  HARDWARE  HEATING  RATE 

PROPERTY  TABLES: 

WALL  SPECIFIC  HEAT 
INTERNAL  HARDWARE  SPECIFIC  HEAT 
GAS  SPECIFIC  HEAT 
GAS  COMPRESSIBILITY 
PROPELLANT  VAPOR  PRESSURE 
PROPELLANT  HEAT  OF  VAPOR 

EFFECTIVE  COEFFICIENTS: 

HEAT-TRANSFER  COEFFICIENTS 
DIFFUSION  COEI  FICIENTS 
GAS  CONDUCTIVITY 
LIQUID  CONDUCT!  >ITY 
INTERFACE  AREA 

BOUNDARY  CONDITIONS: 

PRESSURANT  TEMPERATURE  AND  COMPOSITION 
INTERFACE  CALCULATIONS 


OUTPUTS 


TEMPERATURE  PROFILES: 

GAS 
LIQUID 
TANK  WALL 
INTERNAL  HARDWARE 

COMPOSITION  AND  VELOCITY  PROFILES  FOR  GAS 

TOTAL  MASS  OF  ULLAGE  GAS  HEAT  DISTRIBUTION: 
GAS 
LIQUID 
TANK  WALL 
INTERNAL  HARDWARE 


TOTAL  EVAPORATION  AND/OR  CONDENSATION 
COLLAPSE  FACTOR 


Figure  4-113.  Program  H225  Function 


Figure  4-114.  Pressurant  Requirements  During  Outflow 


.  Pressurant  Requirements  Di 


from  the  ideal.  At  a  given  inlet  temperature,  the  relative  departure  from 
ideal  decreases  with  increasing  pressure  because  the  heat  required  to  raise 
the  wall  temperature  becomes  a  smaller  fraction  of  the  total  heat  in  the  gas. 
In  all  cases,  however,  the  curves  are  monotomically  decreasing. 

The  influence  of  expulsion  pressure  is  shown  in  figure  4-117  for  an 
inlet  temperature  of  700°R,  Pressurant  requirement  curves  for  expulsion 
preceded  by  pressurization  have  been  added.  The  solid  curves  correspond 
to  an  initial  pressure  equal  to  the  expulsion  pressure  without  pressurization. 
Dashed  curves  extend  from  each  which  give  the  pressurant  requirements 
when  the  expulsion  process  is  proceeded  by  a  pressurization  from  initial 
pressures  of  20,  40,  and  90  p.  s.i.a.  The  curves  originating  from  the 
horizontal  axis  of  the  graph  give  the  pressurant  required  for  pressurization, 
alone,  before  expulsion  begins. 

i  Determination  of  Pressurant  Requirements.  The  evaluation  of  the 
pressurant  requirements  for  the  study  ground-rule  tank  pressures  and  duty 
cycles  required  the  generation  of  a  large  amount  of  parametric  data.  To 
accomplish  this  efficiently,  a  procedure  combining  the  H225  and  H109 
program  capabilities  was  used.  The  H109  program  normally  computes  the 
pressurant  requirements  assuming  no  heat  or  mass  transfer.  However, 
provisions  were  incorporated  into  the  program  to  permit  inclusion  of  a 
correction  factor  to  account  for  heat  transfer.  Therefore,  the  H225  program 
was  used  to  generate  required  parametric  correction  factors.  These  factors 
were  supplied  to  the  H109  program,  which  generated  the  pressurant  weights. 
At  the  same  time,  overall  performance  was  computed  for  the  pressurization 
system,  operating  conditions  optimization. 

Figures  4-118  and  4-119  show  typical  exam  s  of  the  parametric 
corrections  factors  generated  by  program  H225. 

Table  4-41  presents  the  overall  computed  pressurant  requirements. 
Also  shown  are  the  usable  propellant  weights  as  computed  by  the  H109 
program. 

j.  Discussion  of  Results  and  Optimization.  As  shown  in  table  4-41, 
detailed  computations  were  run  for-the  two  pressure  extremes  on  the 
pressure-fed  system  and  the  pump-fed  case  (no  booster  pump)  at  three 
inlet  gas  temperatures,  300,  800,  andl,200°R.  For  the  pump-fed  system, 
only  GH2  pressurization  of  the  JLH2  tank  using  pressurization  system  6 
(table  4-38)  was  considered.  Both  He- and  GH2  pressurization  of  the  LH2 
tank  was  considered  for  the  pressure-fed  systems  using  systems  4  and  10. 
This  method  was  followed  in  comparing  He  versus  GH2  as  a  LH2  tank 
pressurant.  For  some  cases,  using  GH2,  particularly  those  at  high- 
pressure  and  high-inlet  gas  temperature,  it  was  impossible  to  obtain  solu¬ 
tions  because  the  LH2  temperature  would  become  critical  at  some  point  in 
the  mission. 

Because  various  levels  of  venting  occur  in  certain  cases,  it  is  at 
times  misleading  to  compare  pressurant  weight.  However,  some  typical 
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values  were  extracted  from  table  4-41  and  summarized  in  table  4-42.  These 
apply  to  an  inlet  gas  temperature  of  300°R.  It  should  be  noted  that  duty 
cycles  I,  J,  K,  and  L  are  14-day  missions.  C  is  a  1-day  and  D  is  a  5-day 
mission.  The  gas  requirements  for  expulsion  are  relatively  constant,  while 
the  repressurization  gas  weight  depends  on  the  number  of  burns  and  the 
distribution  of  the  expulsions.  This  is  shown  by  comparing  the  two  2- burn 
cases,  J  and  K.  The  repressurization  gas  weights  for  a  10-  and  19-burn 
mission  do  not  greatly  differ,  while  the  differences  between  a  2-  and  5-burn 
and  5-  ar.d  10 -burn  are  large.  This  is  probably  a  result  of  the  different 
venting  for  the  various  cases.  Duty  cycle  L  required  significant  venting. 
Examination  of  table  4-41  shows  that  GH2  pressurization  of  the  LH2  tank 
nearly  always  results  in  lower  total  pressurant  requirements  as  well  as  high 
usable  propellant  weight  capabilities  (figure  4-120).  The  effects  of  inlet  gas 
temperature  on  required  weight  of  pressurant  are  also  evident.  Higher 
temperatures  result  in  lower  gas  weight,  although  the  reduction  in  weight 
diminishes  rapidly  with  increasing  temperature.  Of  greater  importance, 
however,  is  the  effect  on  overall  stage  usable  propellant.  This  is  shown  in 
figures  4-121  and  4-122  for  pressure-fed  and  pump-fed  systems.  Inmost 
cases,  there  is  relatively  little  performance  gain  in  going  to  high  inlet  gas 
temperatures;  in  fact,  there  may  be  a  performance  loss. 

For  example,  for  an  optimized  pump-fed  system  designed  for  the 
most  difficult  duty  cycle  (cycle  K,  in  this  instance),  the  optimum  inlet  gas 
temperature  would  be  approximately  300  to  400°R.  Similarly,  for  a 
100  p.  s.i.  a.  pressure-fed  system,  the  optimum  inlet  gas  temperature 
would  be  approximately  600°R.  ,  while  for  235  p.  s.i.  a.  the  optimum  might 
be  as  high  as  800°R» 

The  data  presented  in  figures  4-121  and  4-122  do  not  include  weight 
increases  that  would  be  needed  in  the  tank  structure.  The  tankage  is 
normally  designed  to  take  advantage  of  the  increased  material  strength  at 
cryogenic  temperatures.  Therefore,  the  higher  temperature  environment 
would  mean  an  increased  tank  wall  thickness  or  the  addition  of  internal  tank 
wall  insulation,  with  a  structural  weight  increase. 

Outputs  from  the  H225  computer  program  indicate  that  the  wall 
temperature  increases  significantly  during  expulsion,  particularly  in  the 
vicinity  of  the  upper  tank  dome.  Time  did  not  permit  a  detailed  study  of 
this  problem;  however,  it  appears  that  inlet  gas  temperatures  in  the  area 
of  300°R.  would,  in  general,  be  optimum  for  multiburn  long-duration 
cryogenic  stages. 
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Figure  4-122.  Effect  of  Pressurant  Inlet  Temperature 
on  Performance  of  Pump-Fed  System 


8.  Phase  VUI--Te8t  Apparatus  Design  and  Fabrication.  The  previous 
seven  study  phases  of  this  program  defined  many  design  features  and  param¬ 
eters  for  a  hypothetical  LF2/LH2  8Pace  propulsion  system.  This  was  accom¬ 
plished  by  performing  analytical  studies  based  on  theoretical  models  and  with 
limited  small-scale  experimental  data  from  various  unrelated  programs. 

The  validity  of  the  conclusions  reached  are,  therefore,  strongly  dependent 
upon  the  adequacy  of  the  mathematical  models  and  experimental  data  which 
were  used. 

A  test  apparatus  was  designed  and  fabricated  for  use  at  the  EAFB  space- 
simulation  facility,  which  would  provide  data  to  correlate  these  analytical 
models,  and  to  evaluate  the  concepts  recommended  to  the  extent  possible  in 
a  structurally  static  one-g.  space  simulation  facility.  The  problem  areas 
which  can  be  most  readily  evaluated  by  such  testing  include  principally  the 
steady  state  thermal  performance  of  the  propellant  thermal  protection  con¬ 
cept  and  the  thermodynamic  performance  of  the  tank  pressurization  system. 
Other  problems  such  as  liquid  free  zero-g.  venting,  tank  pressure  buildup 
during  low  gravity  coast,  and  propellant  tank  pressure  collapse  following 
engine  shutdown  in  zero-g.  canno'  be  reasonably  evaluated  in  a  ground  based 
test  facility.  The  study  of  such  problems  must  await  a  large-scale  cryogenic 
space  experiment.  Therefore,  the  test  apparatus  was  designed  primarily  to 
generate  information  on  the  steady- state  heat  transfer  characteristics  of 
the  propellant  storage  system  and  of  the  parametric  performance  of  the  tank 
pressurization  system. 

To  minimize  scaling  problems,  it  was  decided  at  the  beginning  of  the 
contract  to  design  a  full-scale,  but  nonflight  weight,  test  article.  This  was 
to  duplicate,  as  closely  as  possible,  all  the  basic  features  of  the  flight  type 
propellant  storage  and  feed  system  including  both  propellant  tanks,  the  struc¬ 
tural  shroud  or  shell,  tank  supporting  structure,  propellant  feed  and  vent 
plumbing,  pressurization  system  (using  He  and/or  GH2)  and  a  high  perform¬ 
ance  space  insulation  system.  Further,  the  system  was  designed  to  permit 
variations  in  propellant  flow  rate,  tank  pressure,  and  pressurant  inlet  gas 
temperature,  all  with  remote  setting  and  control  provisions.  Of  course, 
with  a  complex  test  article  of  this  type  it  became  necessary  to  make  design 
compromises  relative  to  simulating  a  flight  system.  These  compromises 
arose  from  primarily  four  sources:  (1)  limitations  imposed  by  safety 
requirements,  (2)  limitations  imposed  by  cost  restraints,  (3)  provisions  for 
instrumentation,  and  (3)  the  necessity  of  ease  of  servicing.  For  example, 
facility  limitations  resulted  in  very  heavy-walled  tankage  which  was  reflected 
throughout  the  entire  system.  Budgetary  restraints  were  imposed  primarily 
in  componentry  where  development  of  new  hardware  items  had  to  be  held  to 
a  minimum.  The  general  approach  taken  was  to  continually  strive  to  dupli¬ 
cate  a  real  system  but  to  make  those  compromises  that  were  essential,  and 
to  attempt  to  either  minimize  their  influence  on  the  system  behavior  or  to 
provide  instrumentation  which  would  account  for  their  influence  as  much  as 
possible. 

a.  Sizing  and  Structural  Design.  Design  of  the  test  apparatus  was  started 
at  the  beginning  of  the  contract  with  the  first  task  the  sizing  of  the  pressurant 
storage  bottles.  Pressurant  storage  bottle  volume  had  to  be  accounted  for 


in  sizing  the  LH^  tank  30  that  a  net  LH2  volume  of  214.  6  ft.'"’  would  be  main¬ 
tained.  Pressurant  requirements  were  evaluted  through  approximate  analy¬ 
sis  techniques  for  a  tank  pressure  of  250  p.s.i.a.  and  it  was  determined 
that  312  lb.  of  He  were  required  for  both  LH2  and  LN^  tank  pressurization 
and  that  33.5  lb.  of  LH2  were  needed  to  pressurize  the  LH2  tank.  A  3,000 
p.s.i.a.  pressure  and  a  -420°F.  temperature  produces  a  helium  volume  of 
26  ft.  ^  and  a  LH2  volume  of  7. 5  ft.  ^ .  It  was  therefore  decided  to  store  the 
He  in  two  3,000  p.s.i.a.  cylindrical  bottles  and  the  LH2  in  a  single  cylindri¬ 
cal  bottle.  Each  of  the  three  bottles  is  23  in.  in  diameter.  This  size  was 
selected  to  limit  the  manhole  size  in  the  tank,  and  because  of  the  need  for 
internal  clearance.  The  two  He  bottles  are  81  in.  long  and  the  auxiliary 
LH2  tank  is  51  in.  long.  Type  304  stainless  steel  was  used  as  the  material 
for  the  pressurant  bottles  because  of  good  strength  at  cryogenic  temperature, 
ease  in  forming  and  welding,  and  availability.  A  yield  factor  of  safety  of 
1.5  and  a.i  ultimate  factor  of  safety  of  3  on  the  limit  pressure  of  3,000  p.s.i. 
required  a  sheet  thickness  of  1 . 5  in.  The  fabrication  and  proof  testing  of 
these  tanks,  per  Douglas  drawings,  was  subcontracted  to  FanSteel  of 
Torrance,  Calif. 

The  He  and  auxiliary  LH2  bottles  were  positioned  vertically  inside 
the  LH2  tank.  Fittings  welded  to  the  steel  tanks  rested  on  a  beam  structure 
across  the  bottom  of  the  tank  which  had  one  end  fixed  and  the  other  end  float¬ 
ing  to  permit  expansion/contraction.  Steel  straps  with  turnbuckles  secured 
the  bottles  to  the  LH2  tank  wall. 

At  that  point  it  was  possible  to  size  and  design  the  propellant  tank¬ 
age.  To  reduce  cost,  it  was  decided  to  make  the  LN^  and  LH2  tank  bulkheads 
identical  in  both  size  and  configuration.  The  bulkheads  are  nearly  spherical. 
The  LN2  tank  has  a  diameter  of  74  in.  and  a  length  of  81  in.  and  the  LH2  tank 
has  a  diameter  of  74  in.  and  a  length  of  about  140  in.  Type  6061 -T6  alumi¬ 
num  alloy  was  chosen  for  the  propellant  tank  material  because  of  its  good 
cryogenic  strength,  because  it  can  be  easily  formed  and  welded,  and  because 
it  is  readily  available.  At  250  p.s.i.a.  the  required  wall  thickness  is  1.0  in. 
It  was  originally  planned  to  spin  the  tank  domes  in  one  piece,  but  it  was  found 
that  the  required  circular  blank  would  not  be  available  in  time.  It  was  there¬ 
fore  necessary  to  go  to  a  six  gore  dome  design  with  the  cylindrical  sections 
formed  from  one  piece  with  a  single  longitudinal  weld.  Manholes  of  31  in. 
and  18  in.  were  provided  in  the  LH2  and  LN2  tank.  These  are  sealed  with  a 
Creavey  0-ring  type  of  seal.  After  studying  the  fabrication  problems,  it  was 
decided  to  subcontract  fabrication  and  proof  testing  of  the  LN2  and  LH2  tanks, 
per  Douglas  drawings,  to  FanSteel. 

Douglas  fabricated  the  tank  penetration  (including  the  top  penetration 
cross  which  facilitates  venting,  pressurization  and  electrical  feed-throughs, 
the  outlet  elbows)  and  the  pressurization-line  penetration  section  into  the 
LH^  tank.  These  were  sent  to  FanSteel  where  they  were  installed  and  welded 
prior  to  proof-testing.  Figure  4-123  shows  the  details  of  the  LH,  tank 
assembly.  Figure  4-124  shows  a  photograph  of  the  completed  LN2  tank  with 
the  mounted  tank  shutoff  valve. 
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Prior  to  acceptance  by  Douglas,  the  tankage  was  tested  at  FanSteel. 
The  tests  included  {1)  radiographs  of  all  welds  according  to  MIL-STD-453 
with  inspection  to  Class  III  ABMA-PD-R-27 ,  (2)  hydrostatic  tests  to 
375  p.s.i.a.  on  the  aluminum  tanks  and  4,  500  p.  s.  i.  a.  on  the  steel  tanks , 
and  (3)  a  gross  leak-check  with  nitrogen  at  100  p.  s.i.a.  for  the  aluminum  and 
1,500  for  the  steel  tanks.  All  tests  were  passed. 

After  establishing  the  tankage  configuration,  design  was  begun  on 
the  simulated  vehicle  shell  and  tank  support  structure.  To  simplify  fabrica¬ 
tion,  it  was  established  that  the  shell  have  a  constant  diameter  of  10  ft.  and 
a  length  of  23  ft.  Essentially  it  is  a  welded  steel  structure  consisting  of  six 
circular  6  in.  TI-beams,  8  longerons  made  of  6  in.  channels  and  0.  10  in. 
steel  skin.  The  longerons  are  bolted  to  the  ring  frames  at  intersection  points 
and  the  skin  is  welded  to  the  beams  and  the  longerons.  Four  all-welded 
support  legs  attach  to  the  shell  sides  and  mate  to  the  vacuum  chamber  hard 
points  on  a  16  ft.  diam.  circle. 

Two  tank  support  systems  are  incorporated  in  the  hardware:  (1)  a 
transport  support  system  for  the  tanks  which  will  take  loadings  during  ship¬ 
ment,  movement,  and  placement  of  the  test  article,  and  (2)  a  low-heat  leak 
test  support  system  which  carries  the  static  tank  loads  into  the  vacuum  cham¬ 
ber  after  installation.  The  transport  support  system  is  essentially  a  truss 
work  of  pipes  running  between  the  tanks  and  the  H-beam  rings  around  the 
shell.  After  installation  in  the  vacuum  chamber,  these  supports  are  to  be 
removed. 


The  results  of  the  comparison  of  the  flight  vehicle  tank  support  sys¬ 
tem,  as  discussed  previously,  indicated  that  the  nine-rod  glass  fiber  tension 
support  system  had  maximum  performance  potential.  Therefore,  it  was 
decided  to  apply  this  approach  to  the  test  apparatus.  However,  since  the 
primary  objective  of  this  program  is  to  evaluate  thermal  rather  than 
structural/mechanical  characteristics,  only  the  thermal  properties  were 
simulated.  Each  tank  was  supported  by  four  identical  high-strength  glass 
fiber  support  rods  which  were  sized  to  yield  a  LH2  tank  support  heat  leak 
equivalent  to  that  anticipated  for  the  nine  glass  fiber  rod  system  in  the  flight 
vehicle.  Because  of  the  compensating  features  of  the  high-boost-g.  loading 
in  the  flight  vehicle  and  the  high  tankage  weight  in  this  test  apparatus,  the 
total  support  rod  cross-sectional  areas  for  the  two  cases  was  very  close. 

To  reduce  cost,  identical  glass  fiber  support  rods  were  used  for  the  LN2 
tank.  The  heat  leak  through  the  tank  supports  on  the  LN2  tank  is  lower  than 
would  be  anticipated  for  the  flight  vehicle,  but  this  difference  should  be 
predictable. 

Special  tooling  was  set  up  to  fabricate  the  support  rods  from  one 
continuous  length  of  glass  fiber  tape.  The  completed  rods  had  a  square 
cross-section  with  an  area  of  0.25  in.^.  These  were  cured  at  elevated  tem¬ 
peratures  to  increase  strength  and  to  remove  volatiles  that  might  evaporate 
under  the  vacuum  environment.  The  completed  support  rods  were  statically 
tested  under  tension  to  5,800  lb.  which  was  two  times  the  maximum  design 
load.  One  spare  rod  *;as  tested  to  failure  at  19,800  lb.  ,  nearly  seven  times 
the  design  load. 


In  the  test  apparatus,  the  tank  positions  were  reversed  relative  to 
the  flight  vehicle  to  gain  easier  access  to  the  interior  of  the  LH^,  tank  and  its 
internal  hardware.  This  was  a  fortuitous  decision  because  it  became  neces¬ 
sary  to  gain  access  into  the  LH2  tank  during  checkout  testing. 

Removable  aluminum  skin  and  stringer  type  end  closures  are  pro¬ 
vided  for  both  the  top  and  bottom  of  the  shell  or  shroud  structures.  These 
closures  were  designed  to  support  a  man  at  their  centers.  An  access  hatch 
about  half  way  up  the  shell  was  also  provided  to  gain  access  to  the  area 
between  the  two  propellant  tanks. 

Figure  4-125  shows  the  overall  test  apparatus  layout. 

b.  Insulation  System.  The  results  of  the  Phase  VI  insulation  study 
indicated  that  there  was  little  difference  in  overall  insulation  performance 
between  aluminized  Mylar,  the  NRC-2,  or  Dimplar  type,  and  direct  tank  or 
shroud  insulation  mounting.  Since  shroud  mounting  had  never  been  attempted 
on  a  large  scale  before,  and  since  it  has  a  number  of  interesting  features, 
such  as  accessibility,  it  was  mutually  decided  between  Douglas  and  RPL  to 
apply  shroud-mounted  Dimplar  insulation  to  the  test  hardware.  Further,  to 
focus  attention  on  the  long  duration  pump  fed  engine  case,  21  sheets  of  insu¬ 
lation  were  used  per  the  results  of  optimization.  Of  the  21  sheets,  11  are 
flat  1/2  mil,  while  the  other  10  are  1/2  mil,  dimpled  with  a  deep  set.  The 
greater  thickness  was  used  to  facilitate  rapid  fabrication. 

The  insulation  was  applied  to  the  shell  sidewalls  in  eight  22-ft.-long 
blankets.  Each  blanket  was  42  in.  wide  (standard  material  width),  which 
resulted  in  eight  longitudinal  gaps,  with  an  average  gap  width  of  about  1/2  in. 
Narrow  strips  of  flat  aluminized  Mylar  were  interwoven  and  taped  along  the 
longitudinal  gaps  to  form  a  continuous  flat  sheet  around  the  shell.  Fig¬ 
ure  4-126  illustrates  pertinent  details  of  the  insulation  installation.  Each 
blanket  uses  20  Teflon  studs  to  attach  the  insulation.  It  is  recognized  that 
probably  a  stud  insulation  attachment  system  would  not  be  used  for  the  flight 
vehicle.  Some  variation  of  a  thread  and  button  system  would  probably  be 
used  with  a  greater  attachment  density  (points  per  square  foot).  Rough  cal¬ 
culations  showed  that  the  heat  leak  with  20  studs  per  blanket  is  close  to  what 
would  be  expected  for  the  flight  type  insulation  attachment  system.  The 
insulation  was  placed  on  the  inside  faces  of  the  H-beam  rings  and  was  held 
in  place  by  1/4  in.  Teflon  studs  which  passed  through  circular  holes  punched 
in  the  insulation  blankets.  The  Teflon  studs  were  screwed  onto  steel  studs 
welded  to  the  H-beam  flange.  A  taped  washer  was  screwed  into  the  end  of 
the  Teflon  stud  to  retain,  but  not  compress  the  blanl  at.  Slack  was  provided 
in  the  blanket  between  studs  to  permit  contraction  and  expansion. 

The  junctures  between  the  shell  sidewall  and  the  top  and  bottom 
covers  posed  a  problem  because  it  was  desirable  to  have  the  end  closure 
remo  able  without  having  the  insulation  subject  to  damage.  After  consider¬ 
ing  various  alternatives,  molded  glass  fiber  collar  mating  surfaces,  were 
chosen  which  abut  against  the  nnd  of  the  insulation  blankets  at  a  45°  angle 
on  both  the  shell  sidewall  and  end  closure  (Figure  4-126).  One  collar  wet® 
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attached  to  the  end  closure  and  one  to  the  edge  of  the  shell  cylinder.  The 
collars  were  fabricated  and  installed  so  as  to  form  a  tight,  close  fit  to  min¬ 
imize  excessive  heat  leak  through  the  joint.  Glass  fiber  was  used  to  mini¬ 
mize  the  blanket  thermal  degradation. 

The  22-ft.  -long  insulation  blankets  were  prefabricated  in  a 
controlled-atmosphere  laboratory.  Prefabrication  included  lay-up,  thermo¬ 
couple  installation,  cutting  of  the  45°  mitred  edge,  and  stitching  where 
necessary.  The  blankets  were  then  draped  on  the  shroud  sidewall  with  the 
test  apparatus  in  its  normal  vertical  position,  and  all  internal  hardware  was 
installed,  except  for  the  LH2  and  LN2  vent  lines.  Figure  4-127  illustrates  the 
insulation  fabrication  and  installation.  Figure  4-128  shows  the  nearly  com¬ 
pleted  insulation,  as  viewed  from  the  top  of  the  test  apparatus,  with  the  top 
closure  removed.  To  preserve  the  insulation,  the  shell  was  kept  closed  as 
much  as  possible  and  desiccant  containers  were  installed  inside  the  shell. 

The  study  showed  that  the  use  of  insulation  on  the  lines  with  shroud- 
mounted  insulation  yielded  only  a  small  net  performance  gain.  Theory  also 
indicates  that  insulation  shorting  by  penetrations  with  shroud  mounting  should 
be  much  less  severe  than  is  normally  the  case  when  insulation  is  placed 
directly  on  the  cryogenic  surface.  Therefore,  it  was  decided  to  test  bare 
lines  with  simple  butt  joints  where  hardware  penetrates  the  insulation  blan¬ 
kets  (Figure  4-126). 

c.  Propellant  Feed  and  Pressurization  System  Design.  Design  of  the 
feed,  vent,  and  pressurization  system  involved  solutions  to  extensive  prob¬ 
lems  primarily  because  of  the  controlled  variability  required  for  the  system. 
Figure  4- 129.  shows  the  finalized  schematic  of  the  propulsion  system  for  the 
test  apparatus.  To  conform  with  the  phase  II  study  findings,  all  lines  were 
made  of  stainless  steel,  but  to  satisfy  safety  requirements,  basic  wall  size 
had  to  be  increased  (for  example,  to  0.32  in.  from  0.022  in.  for  the  feed 
lines).  Line  diameters  were  also  selected  to  represent  flight  vehicle  condi¬ 
tions:  2.5  in.  for  feed  lines,  3  in.  for  vent  lines,  and  3/4  or  1  in.  for 
pressurization  lines.  It  was  possible  to  reasonably  simulate  line  routing  for 
the  tank  vent  and  the  pressurization  system,  but  feed  line  routing  had  to  be 
compromiced  to  facilitate  flow  meter  instrumentation  requirements  and 
geometry  limitations.  Flex  hose  sections  were  welded  into  the  lines  to  pro¬ 
vide  for  contraction  and  expansion. 

As  indicated  in  the  schematic,  each  feed  line  consists  of  a  tank  shut¬ 
off  valve  (per  the  conclusions  reached  in  the  phase  II  study),  a  flow  meter,  a 
controllable  throttling  valve,  and  a  bypass  section  with  a  fill  valve.  The 
bypass  was  necessary  to  prevent  reverse  flow  through  the  flow  meter.  The 
throttle  valve  represents  the  engine  propellant  flow  control  valve.  Each  pro¬ 
pellant  tank  vent  system  consists  of  an  on/off  type  vent  valve  which  is  trig¬ 
gered  by  a  variable  signal  to  permit  venting  at  any  desired  pressure.  A 
vent  bypass  with  a  safety  burst  disc  is  also  included.  There  are  two  alter¬ 
nate  pressurization  systems:  (1)  both  tanks  are  pressurized  with  heated  He 
or  (2)  the  LN2  (simulated  LF2)  tank  is  pressurized  with  heated  He  and  the 
LH2  tank  is  pressurized  by  GH2.  Both  pressurants  are  stored  in  the 
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LH2  tank  at  an  initial  3,000  p.  s.i.  The  desired  pressurization  system  is 
selected  by  properly  positioning  the  pressurant  supply  solenoids.  Each  pro¬ 
pellant  tank  has  an  individual  pressuiant  heater  which  uses  externally- 
supplied  d.c.  electrical  power  as  the  heat  source.  Pressurant  flow  is 
controlled  by  variable  throttling  valves  tied  in  with  a  closed-loop  feedback  > 

control  system.  Pressurant  inlet  temperature  is  held  constant  at  a  desired 
level  by  a  second  feedback-type  control  which  modulates  the  heater  power 
input.  Manual  vent  values  and  safety  burst  discs  are  also  used  with  each 
pressurant  bottle.  * 

t 

The  major  problem  area  lay  in  component  selection.  The  system 
components  had  to  perform  normal  functions  at  cryogenic  temperatures,  pro¬ 
duce  negligible  external  leakage  into  the  vacuum  chamber,  and  be  capable  of 
functioning  under  variable  conditions  upon  command  from  the  control  console 
900  ft.  from  the  vacuum  chamber.  These  commands  included  10:1  throttling, 
variabling  tank  pressures  for  25  to  235  p.s.i.a.  (venting  and  expulsion),  and 
variabling  inlet  gas  temperatures.  Budgetary  limitations  restricted  any 
extensive  development  efforts,  and  therefore,  standard  ground  facilities 
componentry  had  to  be  used. 

After  considerable  study  and  extensive  discussions  with  component 
suppliers,  the  following  general  approach  was  adopted: 

•  Wherever  possible,  components  were  located  on  the  outside  of  the 
shroud  structure  where  the  environmental  temperature  is  higher  and 
the  mass  and  surface  area  of  the  components  would  not  greatly  inter¬ 
fere  with  the  internal  heat  transfer  to  the  tankage. 

•  Standard  industrial  components  were  used.  * 

•  Sealed-and-purged  cans  or  modules  were  provided  in  which  all  com¬ 
ponents  were  placed  which  were  limited  with  respect  to  low  pres¬ 
sure,  temperature,  or  leakage. 

The  most  critical  items  were  the  cryogenic  valve  pneumatic  actuators 
which  are  temperature  sensitive  and  leak  sensitive.  The  valves  normally 
use  long  stem  actuators  which  permit  free  convection  to  maintain  the  actua¬ 
tor  above  limiting  temperature  (which  in  a  vacuum  environment  would  not  be 
present).  Therefore,  the  conditioning  module  concept  was  applied  by  provid¬ 
ing  a  purged  cover  for  each  large  valve.  The  module  consists  of  a  flat 
machined  plate,  welded  to  the  cryogenic  valve  stem  about  midway  between  the 
valve  Y  and  the  actuator,  and  an  aluminum  cylindrical  cover,  which  is  sealed 
and  bolted  to  the  plate.  The  plate  contains  fittings  for  actuation  gas,  purge 
gas,  vent  gas,  and  conduit  for  electrical  wires  which  must  serve  the  valve 
actuator.  The  plate  and  cover  were  designed  and  fabricated  by  Douglas,  and 
the  plate  was  adapted  to  the  valve  by  the  valve  manufacturer,  ralmec.  Of  * 

the  smaller  3/4  in.  valves,  tv.o  could  be  mounted  into  one  module.  Addi¬ 
tional  space  remained  in  the  modules  for  placement  of  other  critical  items 
such  as  pilot  solenoids,  pressure  transmitters ,  positioners  crosswitches, 
etc.  The  purge  and  vent  lines  from  the  eight  modules  were  all  routed  to  a 

* 


common  manifold  where  they  could  be  supplied  with  ambient  or  warm  nitrogen 
from  one  inlet  line  into  the  vacuum  chamber.  Figure  4-130  shows  the  valve 
module  arrangement  schematically.  Figure  4-131  is  a  photograph  of  the 
LN2  valve  complex  with  the  cover  removed.  The  tl  ottle  valve  is  on  the 
left,  the  fill  valve  on  the  right,  and  the  vent  vaive  is  above. 

One  component  which  could  not  be  adopted  in  this  manner  was  the 
tank  shutoff  valve  which  had  to  be  inside  the  shroud  and  immediately  below 
the  propellant  tank.  In  this  case,  a  specially  designed  valve  with  dual  metal 
bellows  sealed  with  He  actuation  had  to  be  used.  This  is  shown  installed  on 
the  LH2  tank  in  figure  4-124. 

The  variable  pressure,  tank  pressure  regulation  system  had  to  be 
relatively  complex.  Attempts  to  locate  an  adjustable  dome-loaded  pressure 
regulator  which  could  control  He  at  -420°F.  were  unsuccessful.  Although 
regulators  have  been  designed  for  this  type  of  service,  they  have  been  fixed- 
pressure  regulators,  custom-made  for  flight  service  for  a  particular  applica¬ 
tion.  The  only  dome-loaded  regulator  which  carne  close  to  meeting  the 
temperature  requirements  was  limited  to  operation  at  -320°F.  minimum. 
When  tested  with  helium  at  lower  temperatures,  the  regulator  leaked. 

Although  the  low  cost  of  the  regulator  made  it  attractive,  there  was  no  evi¬ 
dence  that  it  could  be  made  to  work  without  further  costly  (in  dollars  and 
calendar  time)  development. 

The  elements  of  the  selected  regulator  system  are  as  follows: 

•  A  pressure  transducer  to  sense  tank  pressure  and  convert  it  to  an 
electrical  signal. 

«  A  power  supply  to  energize  the  pressure  transducer. 

•  An  automatic  control  station  to  accept  the  input  signal  from  the  pres¬ 
sure  transducer,  compare  it  with  a  preset  pressure  entered  at  the 
control  station  by  the  test  operator,  and  transmit  a  correcting  signal 
if  the  sensed  pressure  does  not  agree  with  the  set  pressure. 

•  An  electro-pneumatic  transducer  to  convert  the  electrical  correcting 
signal  from  the  automatic  control  station  into  a  pneumatic  signal. 

•  A  throttling  valve  to  control  the  flow  of  pressurizing  gas  from  the 
high  pressure  supply  tank  to  the  propellant  tanks. 

•  A  valve  positioner  to  position  the  valve  as  directed  by  the  pneumatic 
signal. 

In  operation,  the  test  operator  sets  the  desired  tank  pressure  with 
the  dial  on  the  automatic  control  station.  The  control  station  will  then  signal 
the  throttle  valve  to  open  and  permit  enough  gas  to  flow  into  the  propellant 
tank  to  pressurize  it  to  the  required  level.  As  the  pressure  sensor  at  the 
tank  signals  the  rising  pressure  to  the  automatic  controller,  the  controller  in 
turn  signals  the  valve  to  close  and  to  hold  the  set  pressure.  As  propellants 
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flow  from  the  tank,  the  automatic  controller  signals  the  pressurizing  gas 
valve  to  open  and  close  or  hold  in  proper  position  to  maintain  constant  tank 
pressure.  This  arrangement  is  shown  schematically  in  figure  4-132.  To 
shut  down,  the  set  point  is  reduced  to  zero.  This  closes  the  throttle  valve 
and  halts  the  flow  of  gas  to  the  tank.  The  tank  can  now  be  vented. 

The  1  to  5  ma,  signal  from  the  tank  pressure  transmitter  is  also 
used  to  control  venting.  The  signal  is  sent  to  the  vent  valve  pressure  set 
control  which  is  another  bridge  circuit  with  a  relay.  When  the  incoming  sig¬ 
nal  matches  that  set  into  the  control  by  the  test  operator,  a  relay  will  open 
terminating  28  v.d.c.  power  to  the  normally  open  vent  valve,  thus  venting 
the  tank  to  a  lower  pressure  which  will  signal  the  vent  valve  to  close.  The 
pressure  drop  during  venting  can  be  controlled  by  adjusting  the  vent  valve 
controller. 

Throttling  is  achieved  by  using  another  electro-pneumatic  transducer 
to  position  the  valve.  The  signal  to  the  transducer  is  supplied  from  a  man¬ 
ually  set  control  unit  which  puts  out  a  1  to  5  ma.  signal. 

The  control  units  described  above  also  have  real-time  readouts  of 
tank  pressure  and  valve  positions  as  well  as  a  set-point  indications. 

Other  control  features  include  resistance -type  high  and  low  liquid 
level  sensors  which  provide  light  indications  for  full,  and  for  near -empty 
tanks.  The  low  level  sensor  may  also  be  connected  so  that  the  tank  shutoff 
valves  are  closed  just  before  depletion,  to  prevent  turbine  flow  meter 
over spin. 

The  simplest  and  most  direct  method  of  heating  the  pressurant  is  to 
use  electrical  resistance  heating  of  the  flow  tubes  prior  to  entry  into  the  tank. 
Estimates  showed  that  about  67  kw.  of  power  would  be  needed  for  helium 
pressurization  of  the  LN2  tank,  97  kw.  for  helium  pressurization  of  the 
LH2  tank,  and  193  kw.  for  GH2  pressurization  of  the  LH2  tank.  If  it  is 
assumed  that  the  heaters  are  made  of  5/8  in.  0.016  in.  310  stainless  steel, 
and  are  powered  with  a  maximum  voltage  of  80  v.d,c.,  heater  lengths  of  about 
8  ft.  and  3  ft.  for  the  LNg  and  tanks,  respectively,  were  estimated  to 
be  required.  Figure  4-133  shows  the  estimated  temperature  capabilities  for 
the  heaters.  Note  that  under  certain  operating  conditions  it  is  possible  to  get 
gas  temperature  above  800°R.  which  is  about  the  limit  that  would  be  desired 
for  these  tests  (as  indicated  by  the  phase  VII  study  results).  Table  4-43 
lists  the  heater  operating  conditions. 

Electrical  power  and  control  requirements  for  the  heaters  were 
quite  severe.  After  reviewing  the  problems  with  various  electrical  equip¬ 
ment  suppliers,  it  was  recommended  that  a  bank  of  standard  arc  welders  be 
used  for  the  primary  power  supply  with  a  solid-state  power  manipulator  to 
A  rovide  control  with  the  use  of  platinum  temperature  elements  in  and  on  the 
heaters  to  provide  signals  for  gas  temperature  control  and  over -temperature 
shutdown.  This  would  permit  the  test  operator  to  set  a  desired  inlet  gas  tem¬ 
perature.  Also  a  recommendation  was  made  that  control  relays  be  used  that 
would  prevent  the  application  of  power  to  the  heater  unless  gas  were  flowing 
through  the  system.  Table  4-44  lists  the  feed  and  vent  system  components. 


VENT  MODULE 


PRESSURE 

TRANSDUCER 

i 

V 

TANK  PRESSURE 

REGULATOR  VALVE 
ACTUATOR  AND 
POSITIONER 


1 


VENT  VALVE 
■  PRESSURE 
SET  CONTROL 


I 

I 

I 


CONSOLE 

MOUNTING 


Figure  4-1??.  Tank  Pressure  Control  System 


Table  4-43 


PRESSURANT  HEATER  OPERATING  CHARACTERISTICS 


Characteristcs 

LN2  Tank  Heater 

LH2  Tank  Heater 

Tube  length  (in. ) 

64 

33 

Approximate  resistance  (ohms) 

0.0935 

0.0352 

Nominal  voltage  (v.) 

80 

80 

Nominal  current  (a. ) 

1,250 

2,500 

Nominal  power  (kw. ) 

100 

200 

d.  Instrumentation  System.  The  test  apparatus  instrumentation  system 
must  provide  data  to  satisfy  the  following  functions:  (1)  determine  total  heat¬ 
ing  rate  into  the  LH2  and  LN2,  (2)  determine  the  approximate  distribution  of 
the  total  heat  load  among  the  various  heat  leak  paths,  (3)  evaluate  the  behav¬ 
ior  and  performance  of  the  pressurization  system,  (4)  monitor  propellant 
expulsion  behavior,  (5)  control  normal  operation  of  the  test  apparatus,  and 
(6)  provide  safety  override  capabilities.  Table  4-45  lists  the  various  selected 
test  data  instrumentation  items.  These  consist  primarily  of  170  Douglas- 
fabricated  copper -constantin  thermocouples  (c-cTc),  46  Thermal  Systems, 
Inc.,  platinum  resistance  temperature  sensors,  7  Hastings  thermocouple 
vacuum  gages,  6  Statham  pressure  transducers,  and  2  Potter  turbine  flow¬ 
meters.  The  copper -constantin  thermocouples  were  selected  to  survey  tem¬ 
perature  distributions  (1)  around  the  structural  shell,  (2)  around  the  outside 
of  the  LH2  and  L.N?  tanks,  (3)  along  all  plumbing  lines  passing  between  the 
shell  and  "the  propellant  tanks,  {4)  along  the  support  legs  and  the  tank  support 
rods,  (5)  through  the  insulation  blankets,  (10  stations),  and  (6)  in  the  pres- 
surant  gas  stream. 

The  platinum  elements  were  selected  to  sense  liquid  and  gas  temper¬ 
ature  inside  the  cryogenic  tanks.  These  were  chosen  over  thermocouples  to 
gain  the  greater  accuracy  inherent  in  platinum  elements  and  to  avoid  the  use 
of  copper-constantine  feed-throughs  to  accommodate  passage  of  the  internal 
tank  instrumentation  wires  through  the  tank  wall.  All  the  internal  instrumen¬ 
tation  wires  passed  through  plugs  located  in  the  tank  upper- tee  penetration. 
Platinum  temperature  sensors  were  also  used  on  the  pressurant  gas  heaters. 

The  strain  gauge  pressure  transducers  are  used  to  record  all  tank 
and  feed  line  pressures.  The  thermocouple  vacuum  gauges  are  used  to 
measure  the  vacuum  level  within  the  insulation  and  the  interstage. 

Figure  4-134  shows  the  primary  instrumentation  locations  for  the 
system.  There  are  four  longitudinal  planes  (1P1  through  1P5)  and  seven 
horizontal  planes  (1PA  through  1PE,  1PT  and  1PL).  The  shell,  insulation, 
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Table  4-44  {page  1  of  3) 

FEED  AND  VENT  SYSTEM  COMPONENTS 


Component 

Supplier/ 

Part  Number 

Location 

Actuation 

Feed  Systems 

LHj,  tank  outlet  valve 

Calrr.ec  Z79-A-E347 

Bottom  of  LH2  tank 

He  gas  (ISO  p.e.l.a.) 

Solenoid  pilot  valve 

Crescent.  Model  No. 

1 1403-AH 

Module  5 

2 »  v.d.c. 

LN^  tank  outlet  valve 

Calmoc  Z79-A-E347 

Bottom  of  LN2  tank 

He  gas  (150  p.s.l.a.) 

Solenoid  pilot  valve 

Creecent.  Model  No. 

1 1403-AH 

Module  7 

28  v.d.c. 

LH2  (ill  i:  drain  valve 

Calmec  279-A-E353 

Module  5 

N2  gaa  (150  p.s.l.a.) 

Solenoid  pilot  valve 

Creecent,  Model  No. 

1 1403-AH 

Module  5 

28  v.d.c. 

LN2  fill  l>  drain  valve 

Calmec  Z79-A-E353 

Module  7 

Nz  gaa  (150  p.a.l.a.) 

Solenoid  pilot  valve 

Crescent,  Model  No. 

1 1403-AH 

Module  7 

28  v.d.c. 

LKj  throttling  valve 

Calmec  279-A-E352 

Module  4 

N2  gas  (150  p.a.l.a.) 

Valve  poeitloncr 

Fleher  Type  3570 

Module  4 

N2  gaa  (150  p.s.i.a.) 

Electro-pneumatic 

traneducer 

Fieher,  Model  No. 

346 

Module  4 

Manual  loading 

Robertshaw  Model 

No.  541 

Control  console 

110  v.a.c. 

LNj,  throttling  valve 

Calmec  279-A-E352 

Module  6 

N2  gas  (150  p.a.i.) 

Valve  poeltloner 

Fleher  Type  3570 

Module  6 

Nz  gae  (150  p.s.i.) 

Electro-pneumatic 

transducer 

Fieher,  Model  No. 

546 

Module  6 

Manual  loading 

Robertshaw'  Model  No. 

541 

Control  console 

110  v.a.c. 

Line  check  valve  (2) 

Lanagan 

In  feed  line  bleed 

— 

Vent  Syetcme 

LH2  safety  head 

Black*  Sivalls  li  Bryson 
77-DOU-053 

Parallel  with  Module  1 

LH2  vent  valve 

Calmec  279-A-E353 

Module  1 

N2  gaa  (150  p.a.i.a.) 

Solenoid  pilot  valve 

Crescent,  Model  No. 

1 1403-AH 

Module  1 

28  v.d.c. 

Alarm  relay 

Robertshaw  Model  No. 
552-A2 

Control  console 

28  v.d.c. 

LN2  safety  head 

Black,  Sivalle  V  Bryson 
77-DOU-053 

Parallel  with  Module  2 

LN2  vent  valve 

Calmec  279-A-E3S3 

Module  2 

N2  gaa  (150  p.s.i.a.) 

Solenoid  pilot  valve 

Crescent,  Model  No. 

1 1403-AH 

Module  2 

28  v.d.c. 

Alarm  relay 

Robertshaw  Model  No. 
552-A2 

Control  console 

28  v.d.c. 
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Table  4-44  (page  2  of  3) 

FEED  AND  VENT  SYSTEM  COMPONENTS 


Component 

Supplier/ 

Part  Number 

Location 

Actuation 

Pressurization  System 

LH2  tank  regulator 
valve 

Calmec  279-F-E358 

Module  3 

gas  <150  peS.i.a.) 

Valve  positioner 

Fisher  Type  3S70 

Module  3 

Nz  gas  (150  p.».i.a.) 

Electro-pcaumatic 

transducer 

Fish.  Model  No. 

546 

Module  3 

Pressure  transducer 

Robertshaw  No. 

1 I3-A3-R1-AL 

Module  1 

32  v.d.c. 

Automatic  indicating 
controller 

Robertshaw  Model  No. 
321-52 

Control  console 

110  v.a.c. /28  v.d.c. 

Power  supply 

Robertshaw  Model  No. 
A312-1 

Control  console 

110  v.a.c. 

Voltage  stabilizing 
transformer 

Robertshaw 

Control  console 

1 10  v.a.c. 

LN,  tank  regulator 
valve 

Calmec  279-F-E358 

Module  8 

Nz  gas  (ISO  p.s.i.a.) 

Valve  positioner 

Fisher  Type  3570 

Module  6 

N2  gas  (150  p.s.t.a.) 

Electro-pneumatic 

transducer 

Fisher,  Model  No. 

546 

Module  8 

Pressure  transducer 

Robertshaw  No. 

1 13-A3-R1-AL 

Module  2 

32  v.d.c. 

Automatic  indicating 
controller 

Robertshaw  Model 

A321-S2 

Control  console 

110  v.a.c./28  v.d.c. 

Power  supply 

Robertshaw  Model  No. 
A312-1 

Control  console 

110  v.a.c. 

Hl-pressure  LHj,  tank 
safety  head 

Black,  Slvalls  It  Bryson 
77-DOU-055 

Parallel  with  Module  8 

Hl-pressure  LH2  tank 
vent  valve  ^ 

Calmec  279-F-E357 

Module  8 

n2  8**  O50  p.s.i.a.) 

Solenoid  pilot  valve 

Crescent,  Model  No. 

1 1403-AH 

Module  8 

29  Vrd.Ce 

Helium  tank  HU  It 
vent  valve 

Calmec  279-F-E357 

Module  3 

N2  gas  (150  p.s.l.a.) 

Solenoid  pilot  valve 

Crescent,  Model  No. 

1 1403-AH 

Module  3 

29  v.d.c. 

Hl-pres«ure  He  tank 
safety  head 

Black,  Slvalls  It  Bryson 
77-DOU-055 

Parallel  with  Module  3 

Hi-pressure  He  outlet 
valve 

Fox  Valve  No.  610750 

Outside  shroud 

28  v.d.c. 

Hl-pressure  H^  outlet 
valve 

Fox  Valve  No.  610750 

Outside  shroud 

28  v.d.c. 

LHg  tank.  He  pressure 
regulator  supply  valve 

Fox  Valve  No.  610750 

Outside  shroud 

28  v.d.c. 
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Table  4-44  (page  3  of  3) 

FEED  AND  VENT  SYSTEM  COMPONENTS 


Component 

Supplier/ 

Fart  Number 

Location 

Actuation 

LN z  tank,  Ha  pressure 
regulator  supply  valve 

Fox  Valve  No.  610750 

Outside  shroud 

it  v.d.c. 

Hl-pree.u r«  Hr  tank 
(111  k  drain  vafva 

Fox  Valve  No.  610750 

Outside  shroud 

it  v.d.c. 

LHj  tank  check  valve 

Lanagan  No.  90137 

Outside  shroud 

LNj  tank  check  valve 

Lanagan  No.  90137 

Outside  shroud 

Hl-pressure  LH2  Unk 
check  valve 

Lanagan  No.  90137 

Outside  shroud 

Filter 

Capital  Westward  No. 
20606 

Outside  shroud 

Control  Instrumentation 

Liquid  level 
eeneore (4) 

United  Control 

On  temp,  rake 

Liquid  level  sensor 
power  supplier  (2) 

United  Control 

In  control  console 

Heater  temp,  probes 
<2> 

Thermal  Systems  ■ 

In  heater  tube 

Heater  temp,  sensors 
(4) 

Thermal  Systems 

On  heater  tube 

» 
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Table  4-45  (page  1  of  2) 
TEST  DATA  INSTRUMENTATION 


Component 

K^eaeurement 

Instrument 

Environment 

Output 

Location 

LHj,  tank 

Temperature  — 

Internal  tank 
wall 

6 

Platinum  aenaora 
(Thermal  System# 
Inc.)  1,380a 

LHZ  37  -  200°*, 

« 

Inside  tank  wall 

Temperature  — 

external 
tank  wall 

15 

e.«T(  (Douglas) 

37  -  200°R. 

Outside  tank  wall 

Tank  preaaure 

1 

Strain  gage  prea . 
transducer 

Statham  PA750TC 

25  to  260  p.  s.  i.a. 

37  -  $00°R. 

Mounted  oil  Ufj 
tank 

Manhole  cover 

LN-,  tank 

Temperature  •• 

internal 
tank  wall 

B 

Platinum  aenaora 
(Thermal  Systems 
Inc.)  1,380a 

LNj  140  -  300°R. 

Inside  tank  wall 

Temperature  — 

■ 

external 
tank  wall 

B 

c  -  e  T  (Douglas) 

140  -  300°R, 

Outside  tank  wall 

Tank  preaaure 

1 

Strain  gage  pres, 
transducer 

Statham  PA750TC 

25  -  260  p.s.i.a. 

140  to  800OR. 

Mounted  off  LNZ 
tank 

Manhole  cover 

Primary 

insulation 

Temperature  -- 

inaulation 

rheeta 

44 

c  -  c  Tc  (Douglas) 

37  to  500°R.  v.  a.  c. 

Within  insulation 

Preaaure  within 
inaulation 

5 

Thermocouple-type 
vacuum  gages 

Hastings  DV8 

10"*  to  10*^  torr. 

Within  insulation 

LHz  tank 
preaaure 
line 

Temperature  — 

inlet  gas 

Temperature  — 

1 

c  -  c  Tc  (Douglas) 

100  to  S0Q°R. 

25  to  250  p.  a. i.a. 

Upstream  of  penetra¬ 
tion  projecting  into 
gas  stream 

fee  line 

3 

c  -  c  Tc  (Douglas) 

100  to  80O-R. 

Along  length  of  line 

LNZ  tank 

preaaure 

line 

Temperature  — 

inlet  faa 

Temperature  — 

1 

c  -  c  Tc  (Douglas) 

160  to  800°R. 

25  to  250  p.  s.i.a. 

Upstream  of  penetra¬ 
tion  projecting  into 
gas  stream 

gaa  line 

3 

c  -  c  Tc  (Douglas) 

160  to  800°R. 

Along  length  of  line 

LHz  tank 
vent  line 

Temperature  — 

vent  line 

3 

c  -  c  Tfi  (Douglas) 

37  to  200°R. 

Along  length  of  lino 

LN2  tank 
vent  line 

Temperature  — 

vent  line 

1 

H 

140  to  300°R. 

Along  length  of  line 

He  aupply 
line 

Temperature  -- 

line  segment 

3 

c-cTj  (Douglas) 

37  to  500°R. 

Along  length  of  line 

Preaaure  helium 
tank 

1 

Strain  gage  pres, 
transducer 

Statham  PA750TC 

4, 000  to  400  p.  s.  i.  a. 
LHj  temperature 

Immediately  down¬ 
stream  of  penetration 

Temperature  — 

He  gas  flow 

1 

c  -  c  Tc  (Douglas) 

37  to  70°R. 

Immediately  down¬ 
stream  of  penetration 
into  gas  stream 

Table  4-45  (page  2  of  2) 
TEST  DATA  INSTRUMENTATION 


Cki^oihdI  I  MiiiitrtiMM  I  No.  I  Instrument 


Auxiliary  Praaauro 
LH{  supply 

bottle  auxiliary 

ay  Siam  Ltlj  tank 


LHg  tank  Temperature  -* 
raka 

uak  fluMi 


U<;  tank  Temperature  -- 
rake 

tank  fluids 


Structure  Temperature 
a  ball 

•ball  akin 


interstage 


Temperature  — 


LH2  feed  !  Temperature 
line  I 


LHj  outlet 


Flow 


l.N>  feed  Temperature 
line 

line 

Preset  ,te  -- 
LNj  outlet 


Flow  — 


LHj  tank  Temperature 
eupporte 


LNj>  tank 
eupporte 


!  Strain  |>|t  pree. 
transducer 
Sutbam  PA740TC 


2i  Platinum  eeneore 
(Thermal  Systems. 
Inc.)  1,380a 


IS  Platinum  sensors 
(Thermal  Systems, 
Inc.)  1.380a 


Environment 


4,000  to  400  p.  s.  1.  a. 
U<2  temperature 


37  U,  600®*. 

2S  to  2S0  p.  s.i.a. 


140  to  700®*. 

2S  to  2S0  p.  s.i.a. 


25  I  c  -  c  Tc  (Douglas)  I  300  to  600®*. 


2  Thermocouple-type  10'5  to  I0*z  to rr. 
vacuum  gage  - 
Hastings  DVt 


support  point  |  4  j  t  •  c  Tc  (Douglas)  j  300  to  600®*. 


1 


c  -  c  Tc  (Douglas)  j  37  to  70°R. 


1  I  Pressure  transducer  25  to  300  p.  s.  i.a. 
I  Statham  PA750TC 


1  2-1/2  In.  flow  meter,  LHj  37  to  70®R. 

150  1b.  flanges  25  to  300  p.  s. i. a. 

Potter  5000  series  4.59  to  0.46  lb./ sec. 


4  I  c  -  c  Tc  (Douglas)  |  140  to  200®*. 


1  I  Pressure  transducer  I  25  to  300  p.  s.i.a. 
|  Statham  PA750TC 


t  \  Flow  meter,  150  lb. 

j  flanges 

(  Potter  5000  series 


c  •  c  T,  (Douglas) 


c  -  c  Te  (Douglas) 


LN2  140  to  200®*. 
25  to  300  p.  s.i.a. 
33  to  3.3  tb./sec. 


37  to  500®R. 


140  to  500°*. 


Immediately  down¬ 
stream  of  penetration 


On  longitudinal 
rake  5  in.  apart 


Os  longitudinal 
rake  4  In.  apart 


On  sUn 


With  shell 


On  each  support 


Along  length  of  line 


Upstream  of  flow 
meter 


Upstream  of  inter¬ 
face  flange 


Along  lengtk  of  line 


Upstream  of 
flow  meter 


Upstream  of  inter¬ 
face  flange 


Along  two  support 
rods 


Along  two  support 
rods 


i 


and  tank  instrumentation  stations  are  aligned  so  that  all  stations  fall  in  line 
with  each  other  as  indicated  in  figure  4-134.  Figure  4-134  also  indicates  the 
location  of  the  inside  and  outside  tank  wall  temperature  sensors.  Fig¬ 
ure  4-135  is  a  photograph  of  the  LN2  tank  temperature  probe  as  installed  on 
the  manhole  cover.  The  level  sensors  can  also  be  seen  at  the  extreme  ends 
of  the  phenolic  probe. 

In  addition  to  the  pressure  transducers  listed  in  table  4-45,  there 
is  an  additional  pressure  transmitter  connected  to  each  propellant  tank  which 
is  a  part  of  the  tank  pressure  control  system  and  is  therefore  not  an  integral 
part  of  the  test  data  instrumentation  system. 

Two  vacuum- compatible  Teflon  terminal  boards  were  provided  on 
the  exterior  of  the  shroud  to  serve  as  electrical  interfaces.  In  addition, 
there  is  a  37-pin  electrical  connector  in  valve  module  no.  2  to  accommodate 
the  valve  wiring. 

e.  Assembly.  The  entire  test  apparatus  was  assembled  in  the  Douglas 
Development  Fabrication  Laboratory  at  Santa  Monica,  California.  Fig¬ 
ures  4-136  and  4-137  show  four  views  of  the  completed  test  apparatus. 

f.  Testing.  To  ensure  adequacy  of  the  test  apparatus,  an  extensive 
series  of  tests  was  conducted  which  stressed  leak  checking  and  functional 
capability.  As  discussed  in  earlier  sections  of  this  document,  the  tankage 
was  hydrotested  by  the  manufacturer  to  1 . 5  times  its  maximum  operating 
pressure.  This  procedure  was  also  used  by  Douglas  on  all  fabricated  items 
that  were  to  be  used  under  pressure.  The  glass  fiber  tank  support  rods  were 
also  load  tested. 

In  addition  to  these  normal  structural  tests,  the  following  was 
performed: 

•  An  ambient  temperature  He  leak  test  at  2,250  p.s.i.a.  was  per¬ 
formed  on  the  pressurant  storage  bottles  as  installed  in  the 
LH2  tank. 

•  The  LH2  and  LN2  tank  assemblies  were  leak  checked  with  He  as  the 
pressurant.  Tests  were  performed  at  ambient  and  near  LH2  tem¬ 
peratures  at  a  pressure  of  185  p.  s.i.a.  (this  was  the  limit  as 
permitted  by  Douglas  safety  requirements). 

«  An  ambient  and  near-L^ -temperature  ieak  test  was  performed  on 
the  LH-,  and  LN2  feed  line  system  as  installed  in  the  test  apparatus 
at  185  p.  s.i.  a.  A  similar  test  was  performed  on  the  vent  valve 
assemblies,  and  the  vent  line  assemblies  between  the  tank  and  the 
vent  valve  assembly.  These  items  were  not  installed,  however. 

o  Ambient  temperature  He  leak  tests  were  performed  at  185  or 
2 , 250  p.s.i.a.  on  all  pressurization  line  assemblies . 
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•  After  complete  assembly  of  the  test  apparatus,  an  ambient  He  leak 
test  was  performed  on  the  entire  test  apparatus  at  185  p.  s.i.a. 
downstream  of  the  pressurant  regulator  valves  and  at  2,250  p.  s.i.a. 
upstream  of  the  regulator  valve. 

•  The  complete  test  apparatus  was  subjected  to  final  a  functional  test 
including  LN2  and  LH2  loading,  pressurization,  venting  and  expul¬ 
sion  at  50  p.  s.  i.  a.  tank  pressures.  This  was  performed  at  atmos¬ 
pheric  conditions  in  the  Douglas  LH2  research  laboratory  at 
Santa  Monica. 

In  all  cases  leakage  was  monitored  with  a  mass  spectrometer  (the 
object  was  to  get  no  significant  readings  on  the  instrument). 

Difficulty  was  encountered  in  the  pressurant  bottle  tests  with 
Conoseal  fitting  leakage.  It  was  found  that  this  could  be  eliminated  with  the 
newer  Teflon-coated  seal  rings. 

In  the  tank  assembly  tests,  a  small  amount  of  leakage  was  detected 
at  the  tank  outlet  flanges.  This  was  corrected  by  increasing  the  number  of 
bolt  holes  in  the  flange  joint.  The  Creavey  flange  seals  performed  very  well. 

The  most  severe  leakage  was  found  in  the  burst  disc  assemblies. 
These  were  returned  to  the  vendor  for  rework.  Also  the  number  of  bolt  holes 
in  the  mating  flanges  was  increased,  and  a  Teflon  spray  was  used  on  the  seal 
surfaces.  These  combinations  eventually  solved  the  problem. 

The  full- system  leak  checks  went  very  smoothly.  Leakage  that  did 
occur  resulted  from  loose  connections  or  improperly  installed  seals.  In 
the  process  of  running  the  total  system  leak  tests,  the  test  apparatus  pres¬ 
surization  and  vent  system  was  operated.  During  operation,  a  structural 
failure,  the  result  of  vibration,  occurred  in  the  LH2  tank  pressurant  heater 
turbulator.  This  damaged  the  heater  and  caused  metal  particles  to  be  sent 
into  the  LH2  tank.  The  turbulator  was  redesigned,  tested  and  reinstalled 
after  cleaning  out  the  hydrogen  system. 

The  test  apparatus  and  its  insulation  system  were  primarily  designed 
for  vacuum  chamber  operation.  However,  since  a  loading  and  expulsion  test 
had  to  be  run  prior  to  deliver,  the  system  had  to  be  capable  of  what  was 
essentially  a  ground-hold  operation.  Since  it  was  desirable  at  the  same  time 
to  demonstrate  the  feasibility  of  a  pure  He  purge  for  ground  hold,  no  addi¬ 
tional  insulation  (just  for  loading)  was  used.  Prior  to  loading,  the  shell 
structure  v/as  sealed  and  was  subjected  to  an  ambient  temperature  He  purge 
between  the  tankage  and  the  insulation.  LK?  tank  loading  ’*  *s  attempted  but 
had  to  be  aborted  when  the  purge  failed  to  maintain  positive  pressure  within 
the  shell.  Because  of  the  purge  failure,  there  was  subsequent  cryopumping 
into  the  insulation.  Leakage  in  the  LH2  tank  shutoff  valve  actuator  also  pre¬ 
vented  proper  valve  operation.  As  a  result  of  this  failure,  some  moisture 
damage  occurred  to  the  insulation,  although  this  was  much  less  than  would 
have  been  expected  under  the  extensive  cryopumping. 


Prior  to  the  second  loading  attempt,  the  following  actions  were 

taken: 

•  A  new,  larger  capacity  purge  manifold  was  installed. 

•  Provisions  for  a  cold  He  purge  were  made  by  plumbing  into  the 

facility  LH2-He  heat  exchanger. 

•  The  shell  was  sealed  more  completely. 

•  A  purge  gas  sampling  system  was  installed. 

•  More  instrumentation  was  connected. 

•  The  LH^  tank  shutoff  valve  was  repaired. 

On  27  July,  the  filling  and  expulsion  test  was  successfully  com¬ 
pleted.  The  shell  structure  was  initially  purged  with  ambient  temperature 
He,  and  after  about  1  hr.  and  45  min.  ,  the  proper  He  environment  wae 
established.  10,000  scf  of  He  had  been  sent  into  the  3, 300  ft.  ^  shell.  A 
cold  He  purge  was  then  initiated  and  shortly  after  the  L,N2  tank  was  filled. 
This  filling  took  about  10  min.  The  LN2  tank  was  then  pressurized  and 
expelled,  and  system  behaved  satisfactorily. 

The  1,500  gal.  LH?  tank  was  then  filled.  This  took  about  50  min. 
and  required  5,000  gal  of  LH2  which  was  less  than  expected,  considering  the 
mass  of  the  LH£  tank  assembly.  The  LH2  tank  was  then  pressurized  and  the 
LH2  was  expelled.  The  only  difficulty  encountered  was  that  no  readout  was 
received  from  the  flow  meters.  This  was  later  traced  to  an  improper  read¬ 
out  equipment  connection. 

This  concluded  the  testing  operations  and  the  test  apparatus  was 
prepared  for  shipment  to  Edwards  Air  Force  Base,  17  August  1966. 
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9.  Phase  IX- -Space  Simulation  Testing.  During  the  vacuum  chamber  space 
simulation  testing,  the  following  basic  items  are  to  be  assessed  for  both 
LH^  and  LN2  within  the  limits  imposed  by  a  1-g.  environment  and  structually 
static  test  operations: 

1)  Space  performance  of  the  high-performance  insulation  system. 

2)  Structural  heat  leaks 

a.  Tank  supports. 

b.  Feedlines. 

c.  Vent  lines, 

d.  Pressurant  supply  lines. 

e.  Miscellaneous, 

3)  Pressurant  gas  requirements  for  initial  LH2  and  LN2  tank 

pressurization: 

a.  Influence  of  inlet  gas  temperature. 

b.  Influence  of  initial  ullage  volume. 

c  Influence  of  initial  propellant  temperature. 

a.  Influence  of  pressurant  type. 

e.  Influence  of  required  pressure  rise. 

4)  Pressurant  gas  requirements  for  expulsion  of  LH2  and  LN2. 

a.  Influence  of  expulsion  rate. 

b.  Influence  of  inlet  gas  temperature. 

c.  Influence  of  ullage  volume. 

d.  Influence  of  propellant  temperature. 

e.  Influence  ofapressurant  type. 

f .  Influence  oi  initial  pressurization. 

g.  Influence  of  expulsion  pressure. 

5)  Influence  of  blowdown  on  propellant  state. 

Items  1  and  2  are  basically  concerned  with  irn~  ~ystem  thermal  protec¬ 
tion  while  items  3,  4;  and  5  are  principally  relai  .  to  the  pressurization 
system.  They  are  all  interrelated,  however,  when  considering  total  propel¬ 
lant  heat  load.  For  example,  the  heat  which  is  added  to  the  pressurant 
during  an  expulsion  eventually  ends  up  in  the  propellant  especially  for  a 
multiburn  case.  Thus,  propellant  heat  load  cannot  be  divorced  from  the 
pressurization  system. 

Items  1  and  2  are  essentially  independent  of  the  duty  cycle  details. 
Conditions  within  the  insulation  should  stabilize  from  1/2  to  1  hr.  after 
equilibrium  chamber  vacuum  and  shell  temperatures  are  achieved.  Total 
input  to  the  propellant  (B.  t.  u.  )  will  vary  with  time,  but  once  stabilization  is 
achieved,  the  insulation  heat  flux  {B.  t.  u.  /ft.  ^-hr. )  should  not  vary  greatly 
with  time.  Second-order  effects  on  heat  flux  will  be  introduced  by  variations 
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in  propellant  temperature  and  amount  of  propellant  in  the  tanks,  but  data  on 
these  influences  should  automatically  result  by  selecting  the  test  runs  to 
satisfy  the  pressurization  test  requirements  which  are  more  strongly  influ¬ 
enced  by  duty  cycle  details. 

To  provide  data  to  evaluate  items  3,  4,  and  5,  tests  must  be  run  with  the 
following  varying  conditions  over  the  range  indicated: 

•  Expulsion  rates  (100  to  10  pet.  flow). 

•  Tank  pressures  (235  to  25  psia). 

•  Inlet  gas  temperatures  (100  to  800°R. ). 

•  Ullage  volume  (3  to  90  pet. ). 

e  Propellant  temperatures. 

The  test  apparatus  has  the  capabilities  of  directly  controlling  and  varying 
the  first  four  items  above,  and  propellant  temperature  variations  are  obtained 
by  altering  the  simulated  coast  duration  (time  between  expulsions ).  The 
magnitude  of  the  listed  variables  covers  the  range  implied  by  the  ground- 
rule  duty  cycles  and  tank  pressures. 

Since  the  objective  of  the  test  program  is  to  generate  data  to  permit 
necessary  correlation  and  modification  of  the  analytical  techniques  used  in 
the  study  phases  of  the  program,  it  is  not  essential  that  the  individual  duty 
cycles  be  run  in  detail.  These  objectives  can  be  achieved  as  adequately,  and 
with  much  less  expense,  by  selecting  a  run  sequence  that  will  bracket  the 
range  of  all  critical  variables.  Costs  can  also  be  minimized  by  reducing  the 
number  of  vacuum  chamber  pumpdowns.  Barring  component  failures,  the 
test  apparatus  is  capable  of  running  any  sequence  of  tests  within  the  range  of 
specified  operating  conditions  with  a  single  chamber  pumpdown.  However, 
it  is  recommended  that  the  testing  be  divided  into  at  least  two  pumpdown 
sequences.  The  first  would  be  relatively  short  and  a  preliminary  data  reduc¬ 
tion  would  be  made  to  ensure  satisfactory  operation.  This  is  especially 
important  since  the  testing  must  be  conducted  with  a  limited  amount  of  real 
time  readout. 

a.  Test  Plan  Development.  A  preliminary  run  sequence  of  25  individual 
propellant  tank  loadings  and  expulsions  was  evolved.  Specific  conditions 
were  established  which  would  bracket  the  full  range  of  operating  conditions. 
Expulsion  sequences  were  selected  primarily  to  permit  an  evaluation  of  the 
pressurization  systems  and  operating  conditions.  The  thermal  performance 
of  the  insulation  and  structure  should  naturally  fall  out  from  this  testing. 

The  developed  run  sequence  is  shown  in  table  4-46.  The  first 
24  runs  had  the  same  general  propellant  consumption  schedule;  that  is,  all 
runs  were  started  with  essentially  a  full  tank  and  the  propellant  was  expelled 
in  five  steps:  step  1  expelling  20  pet.  of  the  total  initial  load;  step  2,  30  pet. ; 
step  3,  10  pet. ;  step  4,  30  pet.;  and  step  5  expelling  the  remainder.  The 


system  was  allowed  to  come  to  equilibrium  between  each  expulsion  step.  The 
equilibrium  assumed  that  the  tank  pressure  dropped  to  its  minimum  point 
and  began  to  increase  and  that  all  temperatures  were  restabilized.  It  had 
been  assumed  that  this  would  occur  in  about  1  hr. ;  however,  this  was  difficult 
to  estimate  accurately.  The  conditions  which  varied  between  runs  (or  propel¬ 
lant  loads)  included  tank  pressure,  expulsion  rate,  inlet  gas  temperature, 
and  LH2  tank  pressurant.  The  general  approach  for  selecting  the  values  for 
these  parameters  was  to  test  primarily  at  nominal  conditions  and  check 
extremes.  For  example,  most  of  the  test  runs  (11)  were  made  at  a  tank 
pressure  of  100  p.  s.  i.  a. ,  which  was  representative  of  a  pressure-fed  case; 
nine  test  runs  ysexe  made  at  25  p.  s.  i.  a.  which  was  representative  of  a  pump- 
fed  case  or  a  pressure-fed  with  booster  pump  case.  The  high  pressure  of 
235  p.  s.  i.  a.  was  checked  at  five  points. 

The  25  p.  s.  i.  a.  condition  was  considered  to  be  the  minimum  pos¬ 
sible  tank  pressure.  It  was  found,  however,  that  it  may  not  be  possible  to 
achieve  such  low  pressures  because  of  the  propellant  storage  facilities 
restrictions. 

Run  25  was  different  from  the  preceding  runs.  The  consumption 
schedule  was  slightly  different  and  was  in  four  separate  expulsions  rather 
than  five.  The  time  between  expulsions,  tjj,  was  such  that  venting  and  boil- 
off  were  assured,  as  well  as  stabilization.  The  low  tank  pressure  level  was 
selected  to  minimize  the  actual  testing  time.  The  test  permits  the  most 
complete  evaluation  of  the  insulation  performance  and  an  evaluation  of  pre¬ 
conditioning  prior  to  expulsion. 

Measuring  the  boiloff  during  runs  25  and  26  was  difficult  because 
of  varying  tank  pressure  and  temperature  during  the  vent  valve  opening. 

GH2  pressurization  was  used  to  minimize  the  problem.  This  eliminated  the 
two-component  gas  problem.  During  run  26,  tank  blowdown  and  precondi¬ 
tioning  to  5  p.  s.i.  NPSH  was  made  for  each  expulsion  cycle.  These  results 
will  be  compared  with  the  results  of  run  25,  which  has  no  preconditioning.  It 
is  believed  that  this  represents  a  minimum  scope  testing  plan  which  should 
provide  sufficient  data  to  correlate  the  analytical  models  used  throughout  the 
study.  It  should  be  noted  that,  in  all  probability,  the  results  obtained  from 
these  26  runs  will  suggest  additional  tests. 

Data  sampling  for  the  testing  is  an  important  consideration.  It 
appears  that,  during  expulsion  and  immediately  following  expulsion,  data 
should  be  sampled  every  1  to  2  sec.  During  simulated  coasting  periods,  data 
should  be  sampled  every  30  sec.  The  data  testing  times  may  be  changed, 
after  one  or  two  tests,  to  permit  a  better  indication  of  the  system  responses. 


b.  Operating  Procedure. 


(1)  Initial  loading  and  orbit  simulation  is  accomplished  as  follows: 

•  Load  facility  with  propellants  and  gases  (F). 

•  Seal  vacuum  chamber  and  pump  down  to  minimum  possible  pressure 
level  (F). 

t  Apparatus  control  panel  check  (check  list  A). 

•  Set  vent  valve  relief  pressure. 

Remove  alarm  relay  cover. 

Plug  in  milliampmeter . 

Adjust  potentiometer  to  desired  meter  reading 
(1  to  5  ma.  =  0-300  p.s.i.a.}. 

Unplug  milliampmeter  and  replace  alarm  relay  cover. 

«  Energize  apparatus  control  panels. 

Switch  on  1 15  v.  a.  c.  on  rack  A  and  B. 

Switch  on  28  v.d.c.  on  rack  A  and  B. 

•  Set  pressure  and  energize  control  gas  supplies  (F). 

He  control  gas  (150  p.  s.  i.  a. ) 

N£  control  gas  (150  p.s.i.a.) 

•  Purge  propellant  tanks  with  dry  N2  gas  (F). 

•  Load  propellants. 

I 

Place  liquid  level  sensors  in  On  position  with  selector  switch  in 
"HI"  position. 

Prepare  liquid  nitrogen  tank. 

1)  Make  sure  than  LN2  vent  valve  light  indicates  valve  "Open". 

2)  Set  LN2  throttle  valve  to  "100  pet.  "  closed. 

3)  Open  apparatus  fill  and  drain  valve. 

4)  Open  apparatus  LN2  pre valve. 

5)  Close  supply  tank  vent  valve  (F). 

6)  Pressurize  LN2  supply  tank  to  15  p.  s.  i.  a.  (F). 

7)  Open  LN2  supply  tank  outlet  valve  (F). 

8)  Observe  LN2  tank  "wet"  light. 

9)  When  "wet"  light  comes  on,  close  LN2  prevalve. 


a(F)Indicates  USAF  facility  equipment. 
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Prepare  LH2- 

1)  Make  sure  that  LH2  vent  valve  light  indicates  valve  "Open" 

2)  Set  LH2  throttle  valve  to  "100  pet."  closed. 

3)  Open  apparatus  LH2  fill  and  drain  valve.  ^ 

4)  Open  apparatus  LH2  prevalve. 

5)  Close  supply  tank  vent  valve  (F). 

6)  Pressurize  LH2  supply  tank  to  15  p.  s.  i.  a.  (F). 

7)  Open  LH2  supply  tank  outlet  valve  (F).  * 

8)  Observe  LH2  tank  wet  light. 

9)  When  "wet"  light  comes  on,  close  LN2  prevalve. 

19)  Load  pressurants. 

Turn  on  instrumentation  system  to  permit  readout  on  pressurant 
bottle  and  line  pressure  levels. 

Load  GHe. 

Close  heliurr  vent  stack  (F). 

Open  helium  supply  valve  (F). 

Open  helium  fill  and  vent  valve. 

Observe  helium  tank  pressure  level. 

When  3,  000  p.  s.  i.  a.  is  indicated,  close  helium  fill  and 
vent  valve. 

Load  LH2  pressurant.  * 

Open  auxiliary  LH2  fill  valve. 

Flow  for  the  required  number  of  seconds  to  till  auxiliary  « 

LH2  tank. 

Close  auxiliary  LH2  fill  valve. 

•  Check  top  propellant  tanks. 

LN2  tank 

1)  If  LN2  tank  level  sensor  indicates  "dry,"  open  LN2  tank  pre¬ 
valve  until  "wet"  light  comes  on,  close  prevalve.  If  "wet" 
light  is  still  on,  pass  to  step  2. 

2)  Close  LN2  fill  and  drain  valve. 

3)  Close  LN2  supply  tank  valve  (F). 

4)  Depressurize  and  vent  LN2  supply  tank  (F). 

LH2  tank  fc 

1}  If  LH2  tank  level  sensor  indicates  "dry,  "  open  LH2  tank  pre¬ 
valve  until  "wet"  light  comes  on  and  close  prevalve,  If  "wet" 
light  is  still  on,  pass  to  step  2. 
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2)  Close  LTl2  fill  and  drain  valve. 

3)  Close  LH2  supply  tank  valve  (F). 

4)  Depressurize  and  vent  LH2  supply  tank  (F). 

Turn  "Off"  liquid  level  sensors. 

Set  LN2  and  LH2  liquid  level  sensors  to  "Lo." 

Turn  on  complete  data  system. 

Initiate  orbit  heating. 

Turn  on  heating  lamps. 

Observe  skin  temperature  readouts. 

Correct  lamp  energy  to  yield  desired  skin  temperature. 

Close  tank  vent.?. 

Place  manual  LH2  tank  vent  in  closed  position.  Observe  vent 
indicator  light. 

Place  manual  LN2  tank  vent  in  closed  position.  Observe  vent 
indicator  light. 

(Automatic  tank  vent  system  is  now  operating.) 

Close  auxiliary  LH2  vent. 

Apparatus  control  panel  check,  (checklist  B) 

(2)  General  Expulsion  Cycle  (Non-Depletion). 

Set  throttle  valves  to  desired  position. 

LH2  throttle  valve. 

LN2  throttle  valve. 

Set  temperature  on  LH2  and  LN2  tank  pressurant  heater  power 
controls  (F). 

Select  LH2  tank  pressurant  (He  or  GH2). 

Open  main  pressurant  supply  valves. 

All  He:  open  main  He  valve. 

GH^  LH2- pressurant:  open  main  He  and  main  GH^  valve 
s  imultane  ou  s  iy , 

Set  pressurant  regulators  to  desired  level. 

Turn  on  pressurant  heater  power  (F). 
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•  Open  tank  prevalves. 


LHg  tank. 

LN2  tank. 

•  Check  flow  rate  readings  and  readjust  throttling  valves,  if 
necessary. 

•  Monitor  inlet  gas  temperature  and  adjust  power  control,  if 
necessary. 

•  Permit  expulsion  and  specified  number  of  seconds. 

•  After  allotted  expulsion  time,  shut  down  system. 

Close  LH2  tank  outlet  valve  and  LN2  tank  outlet  valve 
simultaneously. 

Close  main  pressurant  supply  solenoids. 

Close  throttling  valves. a 

Shut  off  pressurant  heater  power  supply. 

Vent  all  pressurant  (LH2  and  He).a 
Set  LH2  and  LN2  tank  regulators  to  zero. 

Run  apparatus  control  panel  check  (checklist  C). 

(3)  General  Expulsion  Cycle  (Depletion  and  Shutdown). 

•  Set  throttle  valves  to  desired  position. 

LH2  throttle  valve. 

LN2  throttle  valve. 

»  Set  temperature  on  LH2  and  LN2  tank  pressurant  (F). 

•  Select  LH2  tank  pressurant  (He  or  GH2). 

•  Open  main  pressurant  supply  valve  s. 

-!  'e:  open  main  He  valve. 

LH2-preBsurant:  open  main  He  and  main  GH^  valve 
si.  'ultaneously.  ^ 

•  Set  pressurant  regulators  to  desired  level. 

•  Turn  on  pressurant  heater  power  (F). 

•  Open  tank  prevalves. 

LH2  tank. 

LN2  tank. 


For  long-term  shutdown  only. 


•  Check  flow  rate  readings  and  re-adjust  throttling  valves i  if 
necessary. 

•  Monitor  inlet  gas  temperature  and  adjust  power  control,  if 
necessary. 

•  Permit  expulsion  for  specified  number  of  sec. 

•  After  allotted  expulsion  time ,  shutdown  system. 

Close  LH2  tank  outlet  valve. 

Close  tank  outlet  valve. 

Close  main  pressurant  supply  solenoids. 

Open  manual  vent  valves. 

Open  throttling  valves. 

Shut  off  pressurant  heater  power  supply. 

Vent  all  pressurant  (LH2  and  He). 

Set  LH2  and  LN2  tank  regulators  to  zero. 

Run  apparatus  control  panel  check  (checklist  A). 


* 


* 
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Checklist  A 


Rack  A 

115  v.  a.  c.  power  (off). 

28  v.  d.  c.  power  (off). 

LH2  manual  vent  (open). 
LN2  manual  vent  (open). 
Pressurant  selector  (null) 
Main  He  valve  (closed). 
Main  GH2  valve  (closed). 
LH2  tank  regulator  (off). 
LN2  tank  regulator  (off). 


Rack  B 

115  v.  a.c.  power  (off). 

28  v.d.c.  power  (off). 
Auxiliary  LH2  fill  (closed). 
Auxiliary  LH2  vent  (open).  a 
He  fill  (closed). a 
Level  sensors  (off).a 
Auto  depletion  switch  (off). 
Level  sensor  (high) 

LH?  fill  (close). 

LN2  fill  (close). 

LH2  prevalve  (close). 

LN2  prevalve  (close). 

LH2  throttle  valve  (close). 
LN2  throttle  valve  (close). 


i 
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Checklist  B 

Rack  A  Rack  B 


115  v.  a.c.  power  (on). 

28  v.  d.  c.  power  (on). 

LH2  manual  vent  (closed). 

LN2  manual  vent  (closed). 
Pressurant  selector  switch  (null) 
Main  He  valve  (closed). 

Main  GH2  valve  (closed). 

LH2  tank  regulator  (zero). 

LN2  tank  regulator  (zero). 


2, 

Long-term  shutdown  only. 


115  v.  a.c.  power  (on). 

28  v.d.c.  power  (on). 

Auxiliary  LH2  fill  (closed). 
Auxiliary  LH2  vent  (closed). 
Helium  fill  (closed). 

Level  sensors  (off). 

Automatic  depletion  switch  (on). 
Level  sensor  (low). 

LH2  fill  (close). 

LN2  fill  (close). 

LH2  prevalve  (close). 

LN2  prevalve  (close). 

LH2  throttle  valve  (close). 

LN2  throttle  valve  (close). 
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Checklist  G 


Rack  A 

115  v.  a.  c.  power  (on). 

28  v.  d.  c.  power  (on). 

LH-2  manual  vent  (closed). 
LN2  manual  vent  (closed). 
Pressurant  selector  (He). 
Main  He  valve  (closed). 
Main  GH2  valve  (closed). 
Solenoid  valve  3  (closed). 
LH2  tank  regulator  (zero). 
LN2  tank  regulator  (zero). 


Rack  B 

115  v. a.  c.  power  (on). 

28  v.  d.  c.  power  (on). 
Auxiliary  LH2  fill  (closed). 
Auxiliary  LH2  vent  (open). 1 
Helium  fill  (open).a 
Level  sensors  (off).a 
Auto  depletion  switch  (on). 
LH?  level  sensor  (lo). 

LH~  fill  (close). 

LN*  fill  (close). 

LH2  prevalve  (close). 

LN-,  prevalve  (close). 

LH2  throttle  valve  (close). 
LN2  throttle  valve  (close). 


Long-term  shutdown  only. 


Section  V 


NOMENCLATURE 

Cross-sectional  Area 
Bond  number 

Heat- transfer  circumference 
Specific  heat 
Diffusion  coefficient 
Diameter 

Electric  field  intensity 
Force 

Radiation  configuration  factor 

Grashof  number 

Enthalpy 

Specific  Impulse 

Energy  equivalent 

Dielectric  constant 

Length 

Average  molecular  weight 

Prandtl  number 

Heat  transfer  rate 

Radius  or  universal  gas  constant 

Reynolds  number 

Entropy 


Stanton  number 


Temperature 

Overall  heat- transfer  coefficient 

Volume 

Weight 

Weber  number 

Compressibility  factor 

Lineal  dimension 

Lineal  dimension 

Total  molar  concentration 

Diameter 

Friction  factor 

Gravitational  constant 

Convective  heat-transfer  coefficient 

Head 

Thermal  conductivity 
Propellant  mass  flow  rate 
Number  of  insulators 
Interface  mass  evaporation  rate 
Pressure 

Heat  flux  per  unit  time 
Radius 

Time  or  thickness 
Velocity 

Vibration  frequency 
Flow  rate 
Length  dimension 


Surface  tension 

Stefan  Boltzman  constant 

Vibration  amplitude 

Viscosity 

Capacitance 

Emissivity 

Coefficient  of  expansion 
Specific  heat  ratio 
Rotational  velocity 
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SPACE  PROPULSION  SYSTEM  OPTIMIZATION  PROGRAM 


Douglas  through  its  independent  Research  and  Development  program, 
initiated  the  development  of  a  major  computer  program  in  1964  to  facilitate 
the  efficient  performance  of  tradeoff  and  optimization  studies  for  advanced 
space  propulsion  systems.  The  program  was  primarily  organized  for  studies 
of  cryogenic  stages  requiring  multiburn  operation  with  extended  times  in 
orbit.  The  program  became  operational  at  the  outset  of  this  project  and  was 
employed  extensively  throughout  the  study. 

This  program  essentially  can  take  any  given  space  propulsion  system,  as 
defined  by  the  input  condition,  and  quantitatively  assess  the  influences  on 
overall  system  performance  of  variation  in  any  one  selected  design  factor  or 
parameter.  A  number  of  options  are  available  for  representing  the  overall 
stage  performance.  These  include  stage  incremental  velocity,  maximum 
payload  weight  for  a  given  propellant  weight,  maximum  usable  propellant 
weight  for  a  fixed  stage  gross  weight,  and  so  forth.  In  addition  to  evaluating 
stage  performance,  the  program  also  computes  and  prints  out  tank  pressure 
history,  venting  requirements,  and  pressurant  requirements  for  the  overall 
mission  as  well  as  for  each  individual  burn. 

There  are  presently  1,  500  input  locations  for  the  program.  These  include 
overall  stage  weights,  engine  geometry,  engine  mixture  ratio,  chamber  pres¬ 
sure,  tank  pressures,  initial  propellant  temperatures,  propellant  tankage 
stress  and  weight  factors,  stage  geometry,  tank  insulation  densities,  sheet 
numbers  and  thermal  performance  factors,  NPSH  values,  propellant  and 
pressurant  gas  properties,  correction  factors  for  pressurant  requirements, 
vehicle  equilibrium  temperatures,  reaction  control  system  weight  and  per¬ 
formance  factors,  refrigeration  system  weight  and  performance  factors, 
pressurant  inlet  gas  temperatures  for  repressurization  and  expulsion,  thermal 
heat  short  factors,  mission  and  duty  cycle  parameters,  pressurization  and 
feed  system  factors,  and  others. 

Throughout  this  study,  examples  of  the  utilization  and  capabilities  of  the 
H109  program  are  in  evidence.  Without  such  a  computer  program,  it  would 
not  have  been  possible  to  perform  a  study  of  this  scope. 

One  area  deserves  special  note.  The  propellant  heating  model  for  the 
H109  program  is  a  separate  subroutine  which  can  be  modified  according  to 
the  physical  heat  transfer  model  which  is  desired. 
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The  orbi*  heating  equations  incorporated  into  program  H109  for  this 
study  assume  a  constant  volume  equilibrium  process  with  uniform  heating 
to  a  wall-oriented  propellant.  This  results  in  the  basic  equation: 


dQ  =  AH  -  ^2 


(A  - 1 ) 


or 


AQ 


AH 


VAp 


(for  a  small  time  increment) 


For  a  tank  volume  containing  liquid  (subscript  L),  propellant  vapor  (sub¬ 
script  V),  and  noncondensable  gas  (subscript  G)  with  propellant  boiloff, 
occurring  during  the  time  increment,  the  heat  input  to  the  propellant  is 
given  by: 


AQ  =  AHl  +  AHV  +  AHg  +  AHbo 


VAP 

U 


=  (WC  AT).  +  (WC  AT),,  +  (WC.AT)„  +  (WnriQ„)  .  (A-2) 

plj  pv  1  \.r  dU  V  J 


where 


Qy  =  propellant  heat  of  vaporization 

The  boiloff  weight  can  be  found  by  equating  the  liquid  and  vapor  volume 
changes  from  time  points  1  to  2: 


W 


BO 


(A-3) 


Also 


Pv  (ZWRT)  _ 

VAP  _  V2  U2 

U  '  <WVj  +  WB05  V2 


(Pv  +  Pr  ) 
V1  G1 


(A-4) 


The  heat  transfer  to  the  tank  is  programmed  as  the  summation  of  a 
radiation  and  a  conduction  term  with  the  radiation  term  accounting  for  the 
basic  insulation  behavior  and  the  conduction  term  accounting  for  heat  shorts 
and  other  sources  of  heat.  These  basic  equations  can  be  modified  to  consider 
the  specific  performance  of  various  insulations  and  heat  shorts.  The  anal¬ 
ytical  work  of  Phase  VI  was  used  to  generate  insulation  performance  equa¬ 
tions  which  were  then  incorporated  into  the  main  HI 09  i entire.  The  heat  short 
predictions  of  Phase  II  and  VI  were  used  to  appropriately  modify  the  heat  short 
conduction  factors  in  the  program. 


* 


* 
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Appendix  B 

PRELIMINARY  PRESSURE  HISTORIES 


As  discussed  in  Section  4,  pressure  histories  were  computed  by  the 
H109  computer  program  using  first-order  approximations  for  net  propellant 
heat  input  values.  The  pressure  histories,  as  computed,  are  presented  in 
the  following  set  of  curves.  In  most  cases,  only  the  low  pressure  cases  are 
shown  since  these  show  the  significant  trends.  Both  the  LH?  and  LF;>  tank 
pressures  are  shown  with  the  latter  usually  being  designated  by  broken  lines. 
In  addition  to  the  total  pressure,  the  partial  pressure  of  the  propellant  vapor 
is  also  shown.  These  are  designated  by  T  and  V,  respectively,  in  the  graphs. 


Appendix  C 


OVERALL  SYSTEM  OPTIMIZATION  APPROACH 

(LB) 

The  optimization  study  was  performed  by  using  the  basic  parametric 
data  generated  in  the  seven  analytical  phases  of  the  program.  The  Douglas 
H109  space  propulsion  system  optimization  computer  program  was  used. 

1.  Basic  Information  for  Optimization.  Table  C-l  summarizes  the  system 
weight  breakdown.  Weights  for  the  structural  shell,  thrust  structure, 
secondary  propulsion,  thrust  vectoring,  trapped  propellant,  RCS  propellant, 
and  the  pump-fed  engine  subsystem  were  taken  directly  from  the  work 
accomplished  by  Douglas  under  Contract  AF04(6  1 1)- 10745.  Weights  for  the 
tankage  and  tankage  supports  were  computed  under  the  phase  VI  analysis. 

The  optimum  nine-rod  glass  fiber  support  system  was  assumed.  Propellant 
feed  and  vent  system,  pressure-fed  engine  subsystem,  and  miscellaneous 
weights  were  estimated  from  component  surveys.  The  P.U.  system  weight 
was  supplied  by  RPL,  and  the  zero-g.  venting  system  weight  was  taken  from 
the  phase  III  results  assuming  a  thermodynamic  liquid/vapor  separator. 

The  insulation,  pressurization,  and  booster  pump  systems  are  to  be  opti¬ 
mized  using  the  basic  data  generated  in  phases  VI,  VII,  and  I,  respectively. 
Table  4-28  summarizes  the  insulation  weight  and  design  factors  for  the 
three  candidate  insulation  systems  and  the  two  possible  locations.  The 
insulation  performance  factors  are  as  given  in  table  4-28  and  are  compatible 
with  equations  stored  in  program  H109.  Table  C-2  lists  the  various  heat 
leak  values  over  and  above  the  basic  insulation  for  shroud-oriented  and  tank- 
mounted  insulation.  These  values  were  evolved  in  phases  II,  III,  or  VI. 

These  data  along  with  surface  temperatures  evaluated  in  phase  IV  were 
provided  (in  the  proper  format)  to  the  HI 09  optimization  program. 

2.  Optimization  Plan.  The  following  general  approach  was  taken  in  the 
optimization  sequence: 

•  A  system  was  selected  with  a  nominal  pressurization  system  weight 
and  inlet  gas  temperature  (400°  R. ),  and  using  shroud-mounted 
Dimplar  insulations.  The  number  of  insulation  sheets  was  optimized 
for  a  1-day  and  a  14-day  mission  for  a  selected  duty  cycle  and  for 
each  ground- rule  tank  pressure  with  no  booster  pump  in  the  system. 
The  Douglas /Rocketdyne  MANSAT  study  (AF04(6l  1)- 10745),  showed 
that  the  80/20  burn  duty  cycle  represented  one  of  the  most  severe 
cases  in  terms  of  propellant  heating;  therefore,  this  expulsion 
cycle  for  the  1-,  and  14-day  missions,  A  and  K,  respectively,  were 
selected  for  detailed  study. 

•  The  booster  pump  optimization  was  performed  with  the  optimum 
insulation  for  each  tank  pressure,  and  using  each  of  the  ground  x-ule 
tank  pressures  as  base  points.  Spot  checks  were  made  to  assess 
the  influence  of  mission  duration  and  inlet  gas  temperatures. 


Table  C-l 


WEIGHT  BREAKDOWN 
(LB) 

Base  Conditions:  LH2  Weight  =  932.  7 

LH2  Tank  Liquid  Volume  =  214.  6  ft^. 
LH2  Tank  Diameter  =  92  in. 

LF2  Weight  =  11,800  lb. 

LF2  Tank  Liquid  Volume  =  128.  5 
LF2  Tank  Diameter  =  75  in. 


Tank  Pressure  (PSIA) 

250 

200 

150 

60 

25 

LH2  tank  weight 

422 

338 

255 

139 

139 

LF2  tank  weight 

242 

198 

151 

93 

93 

LH2  tank  support 

43 

42 

40 

37 

37 

LF2  tank  support 

246  — 

246 

Structural  shell 

400- 

-  400 

Thrust  structure 

100  - 

►  100 

Engine  subsystem 

455 

461 

560 

482 

482 

Secondary  propulsion 

37  - 

-  87 

Thrust  vectoring 

70  - 

—  70 

Insulation  system 

— TBD— 

Propellant  feed  and  vent 

80  - 

—  80 

Pressurization  system 

TBD 

P.U.  system 

21 

21 

21 

21 

0 

Miscellaneous 

20  - 

- ' - 

—  20 

Zero-g.  venting 

9  - 

—  9 

Trapped  propellants 

10  - 

56 

56 

—  10 

P.U.  residuals 

56 

98 

114 

Booster  pump  system 

—  TBD- 

R.  C.S.  propellant 

278  - 

-►278 

Table  C-2 


HEAT  LEAK  ESTIMATES 


Source 

Design 

B 

t.  u 

/hr. 

Shroud-Mounted  Insulation 

LH-,  Tank 

Vent  line 

High-Performance 

0, 

56 

Tank  supports 

Insulation  (HPI)  on 

0. 

31 

Feed  line 

steel  line)  (9-rod 

3. 

12 

Radiation  from  LF2  line 

F-G,  2=0.  1)  (bare 

0. 

08 

Pressurization  Line 

steel) 

0. 

40 

Insulation  attachments 

1. 

48 

LF 2  Tank 

5.  95 

Vent  line 

(KPI  on  steel  line) 

93 

Tank  supports 

(9-rod  F-G,  2  =  0.  i) 

1. 

44 

Feed  line 

Pressurization  line 
Insulation  attachment 

(HPI  on  steel  lir.e) 

0. 

0. 

1. 

Tank-Mounted  Insulation 

3.  80 

LH2  Tank 

Vent  line 

(HPI  on  steel  line) 

0. 

60 

Tank  supports 

(9-rod  F-G,  2=0.  1) 

0. 

58 

Feed  line 

(Bare  sieel) 

3. 

30 

Pressurization  Line 
Insulation  attachments 

0. 

1. 

50 

02 

6.  00 

LF?  Tank 

V"nt  line 

(HPI  on  steel  line) 

0. 

95 

Tank  supports 

(9-rod  F-G,  2  =  0.  J) 

2. 

27 

Feed  line 

(HPI  on  steel  line) 

0. 

20 

Pressurization  line 

0. 

Insulation  attachments 

68 

✓w"  XT’ 


I’Uff 


•  The  various  insulation  systems  were  then  evaluated  at  each  tank 
pressure.  Each  system  and  location  was  optimized  and  the  data 
compared  to  select  the  best  performing  system.  Influences  of 
mission  time  and  tank  pressure  were  assessed. 

•  The  pressurization  systems  variables  for  the  best  optimized  insula¬ 
tion  systems  were  optimized  for  a  range  of  tank  pressure.  The 
influences  of  mission  time  and  duty  cycle  were  determined  by  spot 
checking. 

The  detailed  optimization  results  are  reported  and  discussed  in  the 
appropriate  phase  description. 
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Appendix  D 

HARDWARE  TEST  ITEMS 


k 


The  basic  test  hardware  items  used  in  this  program  are  shown  in  Table  D-l. 
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Table  D-l  (page  I  of  2 ) 
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t>  ABSTRACT 


I  The  objective  of  this  program  was  to  investigate  the  tradeoff  between  propellant  | 
storability  and  vehicle  performance  for  the  propellant  storage  and  feed  subsystem 
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and  design  of  insulation  and  tank  supports,  and  pressurization  system  design. 

Each  area  was  optimized  fwr  a  spectrum  of  mission  requirements  and  study 
ground  rules  including  propellant  tank  pressures,  mission  duration,  and  propul¬ 
sion  system  duty  cycles.  Design  recommendations  were  derived  on  the  basis  of 
these  results. 


A  full-scale,  non-flightweight  test  article  was  designed,  fabricated,  and  tested  to 
simulate  thi*  propellant  storage  and  feed  subsystem.  This  apparatus  incorporated, 
wherever  practical,  the  recommendations  of  the  study  effort,  (The  simulator, 
which  uses  LHjj  and  LN2>  will  be  tested  in  the  Edwards  Air  Force  Base  Space 
Simulation  Facility  to  obtain  experimental  data,  for  correlating  certain  thermo¬ 
dynamic  analytical  models  used  in  this  study. ) 
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